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PREFACE 


The  Specialists’  Meeting  on  “Unsteady  Airloads  in  Separated  and  Transonic  Flow”, 
organized  by  the  Structures  and  Materials  Panel,  was  held  in  Lisbon  on  Tuesday,  19  April 
and  Wednesday,  20  April  1977..  It  was  attended  by  some  hundred  Specialists,  who  took 
part  in  the  general  discussion. 

The  meeting  was  divided  in  two  session-...  Session  1,  entitled  "Airframe  Response  to 
Separated  Flow”,  was  chaired  by  Prof  B.Laschka,  and  by  W.J.Mykytow;  Session  11,  on 
“Transonic  Unsteady  Aerodynamics  for  Aeroelastic  Phenomena”,  was  chaired  by 
Prof  H.Forsching  and  Dr  J.J.Olsen. 

The  first  session  reviewed  the  prediction  and  description  of  the  separated  flow  environ- 
ment and  the  essential  effects  of  airframe  response  on  individual  aircraft  components.  This 
is  a special  concern  for  militarj  aircraft  where  flight  operation  at  extreme  manoeuvre 
conditions  associated  with  flow  separation  frequently  occurs.  The  scope  of  the  session 
included  analytical  approaches,  wind  tunnel  tests,  as  well  as  flight  test  techniques  and  data 
evaluation.  Session  1 opened  with  an  evaluation,  by  C.L.Bore,  of  papers  on  loads  presented 
at  the  FDP  Symposium  on  “Prediction  of  Aerodynamic  Loading”,  Fall  1976. 

The  second  session  dealt  with  flutter,  aeroelastic  instabilities,  and  other  static  and 
dynamic  aeroelastic  problems,  for  which  margins  of  safety  are  least  in  the  transonic  speed 
range  which  is  consequently  the  most  critical  speed  regime.  The  8 papers  that  were  delivered 
covered  analytical  techniques  as  well  as  windtunnel  experiments  and  gave  some  hope  that 
engineer-type  predictions  should  soon  be  available. 

The  general  discussion  that  followed  the  Specialists'  Meeting  made  it  clear  that  both 
sessions  had  covered  an  urgent  need  of  aerospace  industry,  and  helped  the  Sub-Committee 
on  "Aeroelasticity  and  Unsteady  Aerodynamics”  to  decide  on  a cooperative  programme. 


G.COUPRY 

Chairman,  Sub-Committee  on 
Aeroelasticity  and  Unsteady  Aerodynamics 
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UNSTEADY  AIRLOADS  IN  SEPARATED  AND  TRANSONIC  FLOW 

•>y 

C.L.  BORE 

Head  of  Research,  Hawker  Siddeley  Aviation  Ltd.,  Kingston,  Surrey,  U.K.. 


SUMMARY 

This  paper  reviews  critically  the  papers  dealing  with  unsteady  loads  arising  from  separated  flow  that  were  presented  at  the 
AGARD  Fluid  Dynamics  Panel’s  symposium  on  Prediction  of  Aerodynamic  Loading  (ref.  1).  The  principal  topics  discussed  include 
dynamic  phenomena  arising  from  aircraft  manoeux'res,  transient  dynamic  stall  loads  and  methods  for  predicting  buffet. 

INTRODUCTION 

For  this  review,  I have  chosen  to  group  the  topics  by  the  phenomena  concerned,  rather  than  the  papers  reviewed.  Thus  we  will 
consider  dynamic  stall,  buffet  fin  loads  in  complex  manoeuvres,  and  separation  bubbles.  This  allows  observations  from  various 
papers  and  discussions  to  be  brought  together  around  each  topic  for  comparison.  For  each  problem  the  designer  needs  an  array  of 
methods,  suitable  for  the  various  phases  of  design,  from  concept  through  wind  tunnel  modelling  to  flight  testing. 

We  will  see  that  the  problems  of  unsteady  airicading  are  now  being  tackled  from  various  directions  and  substantial  progress  is 
being  made,  but  of  course  there  is  still  a lot  of  work  to  do  before  they  can  all  be  wrapped  up. 

DYNAMIC  STALL 

The  problems  of  dynamic  stall  present  themselves  in  various  guises.  A wing  or  helicopter  blade  pitching  rapidly  or  entering  a 
different  flow  field  rapidly  may  experience  dynamic  excursions  of  lift  coefficient  far  from  the  curve  that  is  measured  by  the  usual 
slow  traversing  of  incidence  beyond  initial  stall.  Typically,  in  a fast  increase  of  incidence,  the  lift  may  subctantially  overshoot  the 
quasi-steady  stall  curve  and  then  drop  back  rapidly  (see  fig.  1,  taken  from  ref.  2 - after  Ham).  The  mechanisms  that  govern  such 
effects  are  of  interest  in  connection  with  wing  drop  and  yaw  (sometimes  leading  to  spin  entry),  wing  rocking,  buffeting  and 
helicopter  blade  stall  flutter:  quite  a catalogue  of  problems.  Two  papers  addressed  this  type  of  behaviour,,  from  rather  different 
angles. 


Ericsson  and  Reding  (2)  have  observed  that  on  an  aerofoil  pitching  beyond  the  steady  stalling  angle,  a leading-edge  vortex  first 
grows,  then  detaches  from  the  leading  edge  and  convects  downstream  (fig.  2).  As  the  vortex  convects  chordwise  (at  about  55%  of 
free-stream  velocity)  it  affects  the  lift  and  moment  on  the  aerofoil.  As  it  passes  70%  chord  the  normal  force  on  the  aerofoil  reaches 
Its  peak,  while  |ust  before  the  trailing  edge  the  pitching  moment  reaches  its  peak  (fig.  3)  Extrapolating  from  fig  3.  to  the  vicinity  of 
w =«  1.7  (buffeting)  it  seems  that  a shed  vortex  would  take  roughly  a quarter  of  the  total  cycle  time  to  traverse  the  aerofoil  chord,  so 
the  frequency  of  vibration  from  this  mechanism  would  be  roughly 

fc'0’14^  - (0 

This  IS  consistent  with  the  frequencies  usually  found  in  buffetting.  Of  course,  not  all  buffeting  is  associated  with  leading-edge 
separations,  but  a rather  similar  vortex-convection  mechanism  could  be  envisaged  for  rear  separations,  presumably  giving  higher 
frequencies.  Incidentally,  the  case  quoted  by  Benepe  (4)  of  buffeting  bending  moments  peaking  at  25  hertz  (the  torsional  frequency) 
raises  the  question  of  such  a mechanism,  and  so  do  the  buzz-like  phenomena  with  very  little  damping  in  torsion  (11,12). 

In  order  to  estimate  the  magnitude  of  the  vortex-induced  effects,  Ericsson  and  Reding  extend  the  leading-edge  suction  analogy 
of  Polhamus  (3)  to  apply  to  aerofoils.  Thus  they  argue  that  both  on  an  aerofoil  and  on  a delta  wing  the  displacement  of  the  vortex 
with  respect  to  the  leading  edge  is  an  analogous  function  of  time  (fig.  4).  Then  using  Polhamus'  equation  for  the  vortex-induced  lift 
on  a delta  and  transforming  this  into  conditions  normal  to  the  leading  edge,  they  infer  a magnitude  for  the  drop  in  lift  that  attends 
detachment  of  the  vortex  from  the  aerofoil  (fig.  5).  Using  Glauert  type  terms,  they  go  on  to  devise  compressibility  corrections. 

Unfortunately,  the  mathematics  of  their  extension  from  Polhamus'  vortex-lift  result  to  aerofoils  seems  to  have  been  muddled, 
although  most  of  the  errors  cancelled  out  in  the  end.  For  the  record,  the  writer  would  replace  Ericsson  and  Reding's  analysis  on 
page  24-3  of  ref.  2 by  the  following;- 


"From  Polhamus'  leading-edge  suction  analogy  the  coefficient  of  vortex-induced  normal  force  on  the  leading  edge  of  a delta 
with  apex  half-angle  5 IS  given  by  ^ -Tf  sin^  COSO(  ..  - - . - (i) 

_ . . - (ii) 


'NY 


The  angle  of  attack  in  the  plane  perpendicular  to  the  leading  edge  is  - - - - 

The  corresponding  dynamic  pressure  Hi  as  a froction  of  free-stream  dynamic  pressure  C^^is 

^ ■ sin^  -F  C05^  sin*5  - (“0 

Combining  equations  (i),  (ii)  and  (iii)  gives  the  following  average  loading 


Cnj.-  ^ = 7f  SinV^  yiTsinZfi  ‘ 


Here  thu  square  root  term  behaves  like  CQsflMj)and  since  the  angle  (9  relates  to  the  deltas  from  which  the  inferences  were  made 
(i.e.  deltas  where  6 is  around  0.5  radian)  it  is  evident  that  this  term  is  near  unity  for  most  practical  incidences.  It  follows  that 

- - (V) 


Incidentally,  it  was  this  term  that  was  plotted  in  fig.  7 of  ref.  2 (which  is  fig.  5 of  the  present  paper)  not  the  function  IT  sinV  Cosal 
as  labelled. 


It  can  be  concluded  that  these  concepts  of  tranaent  vortex  growth  at  the  leading  edge,  followed  bv  detachment  of  the  vortex 
and  its  subsequent  convection  over  the  aerofoil,  illuminate  mechanisms  that  are  vital  in  stall  flutter  and  may  also  be  relevant  in  other 
problems  such  as  rapid  pull-ups,  wing  rocking  and  buffet  We  will  see  later  that  there  may  also  be  relevance  to  the  forces  induced  on 
the  tail. 

However  dynamic  loads  effects  do  not  stem  only  from  transient  aerodynamic  flow  fields.  Thus  Benepe  (4)  stated  that  in  flight 
test  measurements  on  two  aircraft  there  was  a progressive  increase  in  the  wing  bending  moment  at  given  angle  of  attack  with 
increasing  pitch  rate,  even  below  the  apparent  stail.  Much  of  this  increase  was  accounted  for  by  structural  inertia  effects,  using  a 
5-degree-of-freedom  aircraft  dynamic  response  simulator,  in  conjunction  with  quasi-steady  aerodynamics.  Agreement  between  flight 
test  and  computations  was  good  in  some  cases  but  only  fair  in  other  respects,  and  Benepe  considers  that  inr.proved  accuracy  could  be 
achieved  if  the  dynamic  flow  phenomena  were  better  understood. 

A quite  different  approach  of  some  dynamic  effects  near  the  stall  was  described  by  Levinsky  (5).  This  work  used  a non-linear 
lifting-line  procedure  with  unsteady  wake  effects  to  investigate  certain  forms  of  instability  when  parts  of  the  wing  are  stalling;  notably 
wing  drop,  wing  rock,  and  yawing  moment  at  zero  yaw.  At  present,  it  is  limited  to  wings  with  low  sweep  and  high  aspect  ratio 

The  approach  assumed  that  each  element  of  wing  behaves  like  a two-dimensional  aerofoil  (even  to  its  stalling  lift  curve)  at  the 
local  incidence  induced  by  the  time-dependent  array  of  bound  vorticity  and  trailing  vorticity.  The  trailing  vorticity  was  assumed  to 
convect  downstream  at  free-stream  velocity  (not  at  55%  of  free-stream  velocity,  as  in  ref.  2). 

The  results  of  these  convecting  vortex-lattice  computations  show  up  a sudden  rolling  moment  asymmetry  at  zero  yaw  at 
incidences  above  12'’  for  one  test  case  (fig.  6),  and  show  lift  hysteresis  for  aerofoils  having  large  enough  negative  lift-curve  slope  after 
local  stalling. 

It  appears  that  there  is  scope  for  extending  the  time-dependent-wake  notions  of  this  method  to  compute  the  loads  induced  on 
the  tail  as  well  as  the  wing.  For  wider  applicability  it  would  be  desirable  to  refine  the  computational  methods  so  that  sweep,  low 
aspect  ratio,  and  compressibility,  will  be  embraced.. 

It  would  be  worthwhile  to  investigate  what  is  the  practical  speed  of  convection  for  trailing  vorticity  in  the  wake.  Probably  it 
would  be  above  the  55%  of  free-stream  velocity  used  by  Ericsson  and  Reding  (2)  above  the  aerofoil,  but  below  free-stream  velocity. 
Combining  this  approach  with  that  of  (2)  may  further  illuminate  the  problems  of  wing  rocking  which  (as  I said  in  ref.  6)  are  not 
adequately  predicted  by  quasi-steady  aerodynamics  from  the  known  aircraft  motion. 

BUFFET  PREDICTION 

As  remarked  by  Benepe  in  the  RTO  of  ref.  1,.  the  first  reason  for  understanding  the  mechanisms  that  cause  buffet  is  to  enable 
the  designer  to  devise  a configuration  that  experiences  little  or  no  buffetting,  if  possible.  Usually  It  will  take  a substantial  time  to 
progress  to  a stage  where  wind-tunnel  measurements  can  be  made  on  the  chosen  configuration.  So  we  need  different  prediction 
methods  for  different  stages  of  design. 

Redeker  and  Proksch  (7)  presented  their  computational  methods  for  buffet  onset  at  the  early  configuration-choosi  g stage  of 
design.  They  conclude  from  calibrations  that  buffet  onset  becomes  significant  on  two-dimensional  aerofoils  corresponus  to  when 
boundary  layer  separation  has  spread  from  the  trailing  edge  forwards  to  90%  chord.  For  extension  to  three-dimensional  wings  they 
postulate  that  buffet  onset  has  been  reached  when  the  moment  of  the  separated-flow  area  about  the  wing  root  reaches  a certain  value, 
and  that  this  corresponds  with  given  rms  wing-root  bending  stress: 

Cbc=J' . ...  - .(2) 

These  assumptions  imply  that  the  pressure  fluctuations  in  the  separated  area  are  practically  constant  and  synchronised  for  the 
extent  of  separation  concerned,  and  that  a given  value  of  this  coefficient  (equation  2)  corresponds  with  onset  or  light  buffet 
(C^l-O-Od  to  O'lO) . These  assumptions  were  backed  by  data  such  as  shown  in  figs.  7 and  8.  The  authors  recognised  that  the 
root  bending  strain  stops  being  linear  against  Cgj  somewhere  near  = 0.10  (fig.  7),  so  the  method  as  it  stands  will  not  deal 
with  buffet  penetration. 

Once  the  assumptions  are  accepted,  the  method  uses  whatever  calculation  procedures  are  considered  best  at  the  time  for 
estimating  the  extent  of  boundary  layer  separation  on  the  wing.  For  the  wing  pressure  distribution  the  so-called  "RAE  Standard 
Method”  has  been  used,  together  with  Murman-Krupp  local  lift  slopes,  but  transonic  methods  will  be  used.  For  the  boundary-layer- 
separation  predictions,  the  three-dimensional  Cumpsty-Head  method,  with  compressioility  corrections,  has  been  used.  This  was 
found  necessary  even  on  yawed  infinite-aspect-ratio  wings. 

This  method  seems  useful  for  light-buffet  prediction,  for  wings  with  high  enough  aspect  ratio  to  result  in  a simple  boundary-layer- 
separation  pattern  The  reviewer  would  argue  with  the  choice  of  non-dimensional  criteria  foi  judging  the  magnitude  of  a dimensional 
response  if  a similar  method  were  being  proposed  to  predict  buffet  penetration,  but  the  authors  explicitly  refrained  from  making 
claims  for  that  more  difficult  problem,  and  my  reservations  do  not  make  much  practical  difference  to  the  buffet  onset  boundaries  at 
usual  altitudes. 

As  J G.  Jones  (8)  has  pointed  out,  for  an  experimental  assessment  of  buffet  we  may  either  measure  the  fluctuating  pressures  and 
their  degree  of  synchronisation  and  thus  integrate  to  find  the  overall  fluctuating  forces,  or  we  may  infer  the  integrated  forces  from  the 
response  they  cause  to  an  elastic  model  with  the  right  sort  of  mode  shapes.  (In  parentheses,  the  reviewer  adds,  it  could  happen  that 
the  fluctuating  forces  are  not  much  modified  by  the  structural  deformations,  so  that  we  may  perhaps  adopt  the  most  direct  method 
and  measure  the  fluctuating  shear  force  on  the  buffeted  wing)  Now  the  pressure  measurement  approach  requires  complex 
instrumentation  and  correlation  techniques,  and  special  aeroelastic  models  are  expensive  and  not  usually  suitable  for  high  Reynolds' 
number  testing,  so  it  is  attractive  to  evaluate  the  measurements  that  can  be  obtained  on  conventional  wind-tunnel  models,  as 
recounted  by  Butler  and  Spavins  (9). 


Jones'  scheme  (8)  is  based  on  the  idea  that  at  any  well-defined  mode,  the  elastic  model  can  be  regarded  as  a linear  damped 
system  in  forced  vibration.  Then  the  response  in  the  simple  mode  is  defined  by  the  differential  equation: 

■*' + m6j/z  »X(t)  - (3) 

2 

where  m is  the  generalized  mass  for  the  mode,  fTIfAJ^  represents  the  structural  stiffness,  and  (Jo  the  undamped  natural  frequency 
(there  is  a typographical  omission  in  ref.  9)..  The  total  damping  ratio  is  the  sum  of  the  structural  damping  and  aerodynamic  damping. 
Assuming  that  the  frequency  of  excitation  scales  with  flow  speed  U and  inversely  with  mean  chord  C , and  neglecting  Reynolds' 
number  variations  so  that  the  mean  square  exciting  force  scales  with  , Jones  gets: 

Gx  = ^ (I3f  , . (4) 

Power  spectral  analysis  leads  to  an  expression  for  the  dimensionless  aerodynamic  excitation  parameter  E as  follows: 

E =z;z  (5) 

O r 

where  IS  the  non-dimensional  modal  frequency..  This  excitation  is  then  applied  to  the  aircraft,  using  appropriate 

aircraft  damping,  mass  and  stiffness. 

The  value  of  Butler  and  Spavins'  paper  resides  in  their  comments  on  the  practical  methods  of  evaluating  the  various  terms  in 
Jones'  equation  5.  The  scheme  of  (9)  is  summarized  below:' 

(i)  Determine  wing  area  S and  mean  chord  C for  the  model  and  the  aircraft 

(ii)  Determine  modal  frequency  (Jg  , generalized  mass  m,  structural  damping  2^5  and  mode  shape  from  resonance  tests  on 
model  and  aircraft. 

(ill)  Measure  rms  acceleration  or  bending  moment  O'  at  a point  on  the  model  winq,  the  total  damping  , flow  velocity 
V,  and  dynamic  pressure  q at  any  given  Mach  number  and  incidence  in  wind-tunnel  tests. 

(iv)  Relate  the  bending  moment  to  in  generalized  co-ordinates  for  the  mode  shape. 

(v)  Derive  E from  equation  5. 

(vi)  Derive  the  aerodynamic  damping  factor  K from 

i/  = m (JoV^^a  .....  ........  (6) 
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(vii)  Predict  total  damping  in  flight  by  adding  the  calculated  flight  aerodynamic  damping  (equation  6)  to  the  measured 
aircraft  structural  damping. 

(vm)  Predict  rms  acceleration  or  bending  moment  at  a point  on  the  aircraft  wing  from  equation  5 rearranged  to  give 
using  the  mode  shape. 

The  total  damping  ratio  was  best  obtained  by  using  Cole's  landom  decrement  function  (10).  The  evaluation  model  used  was 
made  of  alumium  alloy  to  increase  the  sensitivity  of  the  aerodynamic  damping  determination  relative  to  what  could  be  obtained  from 
a steel  model.  Accelerometers  were  used  to  deduce  the  mode  displacements  both  on  the  model  and  the  aircraft. 

Fig.  9 shows  comparisons  of  predicted  and  flight-measured  ims  acceleration  and  damping,  which  show  very  encouraging 
agreement.  It  was  noted  that  determination  of  the  damping  ratio  from  model  tests  was  somewhat  uncertain  even  with  a specially 
made  low-structural-damping  model  of  aluminium  alloy,  so  it  may  be  difficult  to  dete’^mine  with  denser  or  more-damped  models. 
Benepe  in  discussion  claimed  satisfactory  results  for  a rather  similar  method.  One  generalization  being  explored  was  the  possibility  of 
eliminating  mode  shape  from  the  process,  so  that  a generalized  force  distribution  may  be  derived. 

It  can  be  concluded  that  this  approach  has  been  demonstrated  to  have  considerable  promise  when  low-damping  models  of  low 
density  are  used,  and  it  should  be  worthwhile  to  develop  the  techniques  further,  particularly  in  eliminating  mode  shape  from  the 
process.  However,,  it  is  worth  considering  briefly  some  cautionary  remarks. 

First  consider  the  instances  of  "buzz"  type  oscillations  remarked  on  by  Benepe  (4),  Jones  (1 1 ),  and  Moss  (12),  in  which  torsional 
oscillations  of  the  wing  are  associated  with  strongly  correlated  pressure  disturbances  affecting  chordwise  sections,  and  the  bending 
response  may  appear  at  the  torsional  frequency.  These  seem  to  be  a type  of  limit  cycle,  where  the  amplitude  of  response  may  remain 
substantially  constant  in  successive  cycles,  so  that  "damping"  cannot  be  determined  by  any  form  of  logarithmic  decrement  process 
based  on  the  concurrent  response.  Perhaps  it  will  b e worthwhile  classifying  these  phenomena  within  the  class  of  unsteady  boundary- 
layer-separation  and  closely  related  to  buffet  and  control-surface  buzz. 

Secondly  there  are  cautionary  remarks  to  be  made  on  the  use  of  strain  gauges  to  infer  the  level  of  unsteady  force  on  a wing.  It 
has  been  found  on  full-scale  aircraft  tests  that  quite  large  errors  can  appear  in  the  bending  moment  inferred  from  wing-root  strain 
gauges  if  the  torsion  component  of  the  loading  is  large  and  the  gauges  are  merely  aligned  with  the  constant-fraction-of-chord  line 
(ref  13,  14).  What  happens  is  that  the  nomine,;  bending  moment  signal  contains  substantial  response  to  torsion,  and  quite  elaborate 
calibrations  are  necessary  to  evaluate  the  appropriate  regression  equations  from  which  the  bending  moments  may  be  deduced.  Now 
most  of  the  wing  root  bending  moment  measurements  made  in  the  past  on  wind-tunnel  models,  and  some  of  those  made  in  flight,  are 
likely  to  suffer  such  errors.  These  errors  were  avoided  by  the  use  of  accelerometers  in  the  paper  of  Butler  and  Spavins,  and  by  the  use 
of  special  load-measurement  links  in  certain  other  cases,  such  as  the  work  reported  by  Kloos  (15),  but  care  should  be  taken  to  check 
on  this  technique  in  other  papers.  Perhaps  some  work  on  measurement  of  unsteady  shear  force  on  model  wings  should  be  done  using 
special  load-measurement  links.  This  would  also  facilitate  the  distinction  between  bending  moment  and  torsion  fluctuation  - bearing 
in  mind  the  usefulness  of  rolling-moment  measurements  in  predicting  wing-drop  and  wing-rock  phenomena  (6). 
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SEPARATION  BUBBLES 

There  are  many  circumstances  where  a boundarv-layer  separation  could  be  predicted  with  ease,  and  even  without  calculation.  It 
is  of  greater  engineering  significance  tc  predict  under  what  conditions  the  flow  will  re-attach.  In  other  words,  whether  the  flow  will 
re-attach  to  form  a bubble,  or  remain  separated.  Under  a separation  bubble,  there  are  high-frequency  pressure  fluctuations,  but  in 
general  the  engineering  problems  are  an  order  of  magnitude  greater  when  the  flow  fails  to  re-attach.  Two  papers  at  the  symposium 
addressed  the  problem  of  separation  bubbles. 

Lang  and  Francis  (16)  reported  results  of  their  studies  on  a separation  bubble  caused  by  a smaller  s 'oiler  oscillating  in  height, 
mapping  variations  in  oscillating  pressure,  bubble  size  and  so  on.  They  found  that  the  size  of  the  bubble  lags  the  movement  of  the 
spoiler,  but  not  symmetrically.  This  was  due  to  the  finite  time  taken  for  entrainment  of  free-stream  flow  into  the  bubble  or  out  of 
it  - the  flow  out  not  being  at  the  same  rate  as  the  flow  in. 

Laruelle  and  Levart  (17)  reported  investigations  of  the  separation  bubble  that  forms  on  the  outer  surface  of  a sharp-lipped  air 
intake  operating  with  reduced  mass  flow  at  subsonic  speed.  They  investigated  the  pressures  under  the  practically  two-dimensional 
bubble  and  the  re-attachment  conditions,  and  concluded  that  for  this  particular  intake  situation  they  had  arrived  at  semi-empirical 
laws  that  enabled  them  to  calculate  the  development  of  the  separation  bubble. 

Taken  together,  these  papers  should  provide  useful  material  for  those  investigating  the  pressure  distributions  and  sizes  of  other 
bubbles. 

OTHER  UNSTEADY  LOADS 

Kloos  (15)  showed  good  agreement  between  “predicted"  loads  and  flight  measurements  for  a number  of  transient  manoeuvres, 
such  as  missile  loads  during  a M = 0.95  rolling  pull-out.  This  was  based  on  wind-tunnel  load  measurements,  using  an  equivalent- 
angle-of-incidcnce  notion  to  read  across  to  manoeuvring  flight.  Incidentally,  the  effect  of  a small  gap  between  the  missile  and  its 
pylon  was  shown  to  be  substantial.  Fin  loads  in  flight  were  similarly  well  predicted  - the  flight  load  measurements  being  made  with 
special  load-measurement  links.  However,  it  should  be  noted  that  these  “predictions"  used  flight-measured  aircraft  attitudes  and 
rates,  so  there  is  an  element  of  hindsight  here.  Against  this,  the  reviewer  remarked  in  (6)  that  fin  loads  were  not  well  predicted  even 
with  hindsight  concerning  the  aircraft  motion  when  the  motion  was  due  to  wing  rock  - hinting  that  this  may  be  due  to  unsteady  wake 
flowing  past  the  tail.  Note  too,  that  Kloos  refers  to  the  use  of  rudder  angle  in  some  wind-tunnel  experiments:  not  a universal 
practice. 

Kloos  quoted  the  large  incremental  loads  that  can  be  experienced  by  an  aircraft  entering  the  vortex  wake  of  a previous  aircraft  - 
about  equal  to  the  normal  force  of  the  previous  aircraft. 

Finally,  there  was  an  account  of  a very  expensive  investigation  into  the  magnitude  of  air-intake  surge  loadings,  in  ref.  6.  In  this 
work  a crucial  factor  was  the  transient  build-up  of  pressure  both  in  the  ducts  of  surging  air  intakes  and  in  the  boundary-layer-bleed 
cavities. 

CONCLUDING  REMARKS 

It  is  hoped  that  some  idea  has  been  conveyed  of  the  papers  on  fluctuating  loads  presented  at  the  AGARD  Symposium  (1 ), 
together  with  some  speculations  on  where  these  may  usefully  lead. 
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SEPARATED- FLOW  UNSTEADY  PRESSURES  AND  FORCES  ON  ELASTICALLY  RESPONDING  STRUCTURES 

C.-  F.-  Coe  and  D.  W.  Riddle 

Ames  Research  Center,  NASA,  Moffett  Field,  California  94035,  USA 

and 

C.  Hwang 

Northrop  Corp.;  Aircraft  Division,  Hawthorne,  California  90230,  USA 


SUMMARY 


This  paper  presents  broadband  rms,  spectral  density,  and  spatial  correlation  information  that  charac- 
terizes the  fluctuating  pressures  and  forces  that  cause  aircraft  buffet.-  The  main  theme  of  the  paper  in 
describing  buffet  excitation  is  to  show  the  effects  of  elasticity.-  In  order  to  do  so,  data  are  presented 
that  were  obtained  (1)  in  regions  of  separated  flow  on  wings  of  wind-tunnel  models  of  varying  stiffness 
and  (2)  on  the  wing  of  a full-scale  aircraft.  Reynolds  number  effects  on  the  pressure  fluctuations  are 
also  discussed. 


NOMENCLATURE 

dj  acceleration  at  wing  tip 

AR  aspect  ratio 

b semispan  length,  m(ft) 

BM  bending  moment,  N*m  (lb*ft) 

c chord  length,  m (ft) 

c mean  aerodynamic  chord,  m (ft) 

C.  section  normal  force  coefficient 

n 

Cj^  total  normal  force  coefficient 

Cp  pressure  coefficient 

f frequency,  Hz 

G power  spectral  density  of  pressure, 
(N/m2)2/Hz 

Gu  power  spectral  density  of  bending 
moment,  (N-m)2/Hz 

G„  power  spectral  density  of  normal  force, 

” n2/Hz 

h pressure  altitude,  km 

i incidence  angle  (referred  to  model 
centerline),  deg 

S,  moment  arm,  m (ft) 

LE  leading  edge 

M Mach  number 


2 2 

p pressure,  N/m  (lb/ ft  ) 

PSD  power  spectral  density 

q dynamic  pressure,  N/m  (lb/ ft  ) 

R Reynolds  number 

rms  root  mean  square 

RMS  root  mean  square 

S area,  m^  (ft^) 

t thickness,  m (ft) 

TR  taper  ratio 

V velocity,  m/s  (ft/s) 

WS  wing  station 

X chordwise  position  from  LE,  m (ft) 

a angle  of  attack  (referred  to  centerline), 

deg 

Op  angle  of  attack  (referred  to  chordline  at 
wing  pivot),  deg 

r dihedral  angle,  deg 

Y coherence  function 

n ratio  of  span  station  to  semispan 

A sweep  angle,  deg 


INTRODUCTION 


It  is  well  known  that  the  pressure  fluctuations  associated  with  separated  turbulent  boundary  layers 
cause  buffeting  of  aircraft  and  component  structures.  The  occurrence  and  extent  of  separated  flow  on  a body 
is  dependent  upon  the  geometry  and  velocity  of  the  body  in  a fluid  and  on  the  fluid  density  and  temperature. 
Separation  takes  place  whenever  the  boundary  layer  is  subjected  to  intense  positive  pressure  gradients. 

Such  gradients  occur  because  of  abrupt  changes  in  the  geometry  relative  to  the  flow,  for  example,  leading 
and  trailing  edges  of  wings  and  discontinuities  of  surfaces,  and  because  of  compressibility.;  The  fluid 
mechanics  of  separated  flow  as  it  relates  to  the  buffet  problem  is  clearly  described  in  Refs.  1-6. 

The  most  significant  buffet  problem  today  is  associated  with  transonic  maneuvering  of  high-speed  combat 
aircraft.  In  the  transonic  case  the  occurrence  of  the  shock  on  the  upper  surface  of  a wing  and  the  corre- 
sponding severe  positive  pressure  gradient  can  cause  flow  separation  at  cruise  and/or  at  maneuvering  angles 


">.T 


of  attack  that  are  considerably  below  subsonic  stall  angles.  A'  a result,  at  transonic  speeds  aircraft  can 
encounter  mild  to  intense  buffeting  that  can  limit  maneuverability  and  induce  both  pilot  and  structural 
fatigue.; 

The  effects  of  buffeting  and  other  transonic  phenomena  on  maneuvering  combat  aircraft  were  the  subject 
of  a study  by  an  AGARD  Working  Group  (sponsored  by  the  Flioht  Mechanics  Panel)  which  was  reported  in  Ref.-  7. 
This  study,  also  summarized  by  Lamar  (the  Working  Group  fnairman)  in  Ref.-  8,  documented  the  comprehensive 
review  of  the  state  of  the  art  of  buffet  test  techniques  and  prediction  methods  that  was  carried  out  by  the 
Working  Group.  Other  noteworthy  recent  contributions  to  experimental  techniques  for  predicting  buffet 
loads  have  been  made  by  John  (Ref-  9),  Hanson  (Ref.  10),  and  Butler  and  Spavins  (Ref.;  11).;  Three  different 
currently  used  approaches  to  testing  buffet  models  in  wind  tunnels  are  described.  One  approach  uses  a 
dynamically  scaled  aeroelastic  model  to  provide  a direct  measurement  of  full-scale  buffet  characteristics 
(Ref.  10).  A second  approach  involves  the  measurements  of  the  fluctuating  pressures  on  a nominally  rigid 
model;  the  measurements  are  then  used  to  calculate  the  response  of  the  elastic  aircraft  (Refs.  12  and  13)., 
The  third  approach,  suggested  by  Jones  of  the  RAE  (Ref  - 11),  uses  measurements  of  the  buffet  response  of  a 
nominally  rigid  model  of  a wing  to  calculate  the  aerodynamic  excitation  and  damping;  the  measurements  are 
then  used  to  calculate  the  response  of  the  corresponding  full-scale  wing. 

Each  of  the  experimental  approaches  for  obtaining  buffet  intensity  information  has  its  unique 
technical  and  cost  advantages  or  disadvantages.  From  a cost  point  of  view,  the  dynamically  scaled  models 
are  the  most  expensive;  and  simple,  solid  metal  models  with  only  straingage  and  accelerometer  instrumenta- 
tion are  clearly  the  least  expensive.  It  is  generally  expected  that  dynamically  scaled  models  yield  the 
most  accurate  prediction  of  full-scale  buffeting..  On  the  other  hand,  the  fluctuating-pressure  measurement 
technique  for  predicting  buffeting  has  the  decided  advantage  of  also  revealing  local  flow-field  information 
that  is  a necessary  adjunct  to  buffet  research.  It  is  for  this  reason  that  the  buffet  research  at  Ames 
Research  Center  has  employed  the  fluctuating-pressure  method-  A critical  question  remains  to  be  resolved, 
however,  concerning  how  well  measurements  of  fluctuating  pressures  on  models  represent  what  really  occurs 
on  full-scale  vehicles.  The  main  problem  is  the  effect  of  the  different  elastic  characteristics  of  the 
model  and  flight  vehicle..  Effects  of  Reynolds  number  are  also  a problem  important  to  all  subscale  testing- 

The  purpose  of  this  paper  is  to  describe  separated-flow  unsteady  pressures  and  forces  on  elastically 
responding  structures.  The  main  theme  here  in  describing  buffet  excitation  is  to  make  an  assessment  of  the 
effects  of  elasticity  and  Reynolds  number-  In  order  to  make  that  assessment,  fluctuating  pressure  data  are 
presented  that  were  measured  on  several  wind  tunnel  models  and  aircraft  including  the  F-111A,  F-111-TACT 
and  F-5A. 


SCOPE  OF  BUFFET  RESEARCH  AT  AMES  RESEARCH  CENTER 


A systematic  buffet  study  as  charted  in  Fig.  1 is  being  conducted  at  Ames  Research  Center  to  measure 
and  analyze  the  aerodynamic  excitations  that  cause  aircraft  buffet  and/or  the  response  of  local  structure. 
The  data  presented  in  this  paper  illustrate  results  from  each  of  the  three-dimensional  configurations 
listed.  The  planned  program  is  not  yet  complete  end  the  questions  posed  cannot  be  entirely  resolved  at 
this  time;  however  a significant  amount  of  progress  has  been  made- 

The  experimental  phases  of  the  research  encompass  the  measurements  of  fluctuating  pressures, 
fluctuating-pressure  summations  to  yield  integrated  dynamic  forces,  and  structural  responses  on  two-  and 
three-dimensional  wind-tunnel  models  and  on  aircraft  having  various  geometries  appropriate  for  study-  The 
effects  of  aerostructural  interactions,  a main  theme  of  this  paper,  are  being  investigated  by  examination 
of  pressure  spectra  relative  to  response  modes  and  by  direct  comparison  of  fluctuating-pressure  data  from 
two  TACT  (joint  USAF-NASA  Transonic  Aircraft  Technology  Research  Program)  models  of  different  stiffness 
and  from  corresponding  TACT  and  F-5A  models  and  aircraft.  The  end  objective  of  the  research  is  to  investi- 
gate and  evaluate  buffet  response  prediction  techniques  that  are  based  on  the  measured  aerodynamic  excita- 
tion- The  TACT  program,  which  involves  tests  of  an  F-111  configuration  with  a supercritical  wing,  and  its 
application  to  buffet  research  are  described  in  detail  in  Refs-  7 and  8.;  Another  joint  effort  by  the 
USAF,  NASA,  and  the  RAE  involving  the  TACT  program  will  provide  an  evaluation  of  the  Jones  method  (Ref.  11) 
of  buffet  prediction..  Wing  rock,  also  listed  in  Fig-  1,  is  a related  subject  of  investigation  that  is  part 
of  the  Ames  buffet  research  program.  The  wing-rock  research  is  intended  to  determine  if  the  onset  of  wing- 
rock  instability  can  be  predicted  from  wind-tunnel  model  tests  and  also  to  determine  to  what  extent  the 
severe  motions  of  wing  rock  effect  buffet  excitation  pressures.; 

Some  of  the  research  on  configurations  shown  in  Fig.,  1 has  been  completed  and  reported..  The  two- 
dimensional  investigation  was  undertaken  jointly  by  NA.SA  and  McDonnell  Douglas  Research  Laboratories  to 
study  surface-pressure  and  wake-flow  fluctuations  in  a supercritical  airfoil  flow-field..  These  results, 
which  disclosed  the  presence  of  an  aerodynamic  frequency  not  yet  identified  in  data  from  the  three- 
dimensional  models,  have  been  reported  by  Roos  and  Riddle  (Ref.  lA)-  Riddle  also  has  reported  a significant 
amount  of  the  pressure-fluctuation  data  from  tests  of  a 1/6-scale  semispan  model  of  the  F-111A  (Ref-  15). 

A contract  effort  with  General  Dynamics  Corporation  provided  F-111A  flight  buffet-response  data  from  a 
previous  loads  flight-test  program,  as  reported  by  Benepe,  et  a1 . (Refs.  16  and  17).  These  data  were  used 
to  verify  the  results  of  the  buffet  response  prediction  technique  developed  under  the  same  contract  and 
reported  by  Cunningham,  et  al.;  (Ref.  13)-  Fluctuating-pressure  spectral  density  and  spatial  correlation 
data  from  the  F-111A  1/6-scale  semispan  wind-tunnel  tests  were  used  as  the  aerodynamic  excitation  for 
calculating  the  F-111A  responses-  A paper,  presented  by  Cunningham  at  this  meeting,  describes  his  predic- 
tion technique  and  assessment  of  the  fluctuating-pressure  method  for  predicting  aircraft  buffet.  Another 
contract  effort  (still  in  progress)  with  Northrop  Corporation  provided  fluctuating-pressure  and  response 
data  measured  in  flight  on  the  thin,  low-aspect-ratio  wing  of  the  F-5A.  The  fluctuating  pressures  and 
calculations  of  response  and  comparisons  with  the  measured  buffeting  of  the  F-5A  have  been  reported  by 
Hwang  and  Pi  (Refs.  12  and  18).  The  F-5A  investigation  is  continuing  with  analysis  of  the  fluctuating 
pressures  measured  on  a l/7-sca1e  model  in  progress.;  The  F-5A  model  tests  also  include  the  investigation 
of  wing  rock. 
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F-111A  Model  and  Instrumentation 


The  1/6-scale  model  of  the  F-lllA  is  shown  installed  in  the  Ames  11-  by  11-Foot  Transonic  Wind  Tunnel 
in  Fig.  2.  The  F-lllA  variable-sweep  wing  configuration  was  chosen  as  a means  of  studying  buffet  charac- 
teristics over  a wide  range  of  wing  sweep  angles  using  a single  instrumented  model.-  This  allowed  acquisi- 
tion of  buffet  data  characterized  by  shock  induced  separation,  leading  edge  separation,  and  leading  edge 
vortices.-  Because  the  primary  study  dealt  with  the  surface  pressure  fluctuations  and  resultant  responses 
of  the  wing,  the  1/6-scale,  semispan  configuration  was  chosen  to  allow  the  largest  wing  consistent  with 
blockage  considerations  for  the  Ames  11-  by  11-Foot  Transonic  Wind  Tunnel.;  The  benefits  of  the  large  solid 
steel  semispan  model  were  volume  for  the  instrumentation,  high  strength  and  rigidity  for  high  anqle-of- 
attack  and  high  dynamic-pressure  testing,  and  nearly  full-scale  Reynolds  number  capability  for  more  accurate 
representation  of  separated  flow  phenomena.  Natural  boundary-layer  transition  occurred  at  approximately  3% 
chord;  therefore  no  grit  trip  was  used.-  A solid  floor  plate  was  used  to  seal  the  slots  in  the  tunnel  floor 
in  the  vicinity  of  the  model. 

The  individual  components  of  the  F-lllA  model  are  labeled  and  the  geometric  parameters  are  listed  on 
the  sketch  in  Fig.;  3.-  No  attempt  was  made  to  duplicate  the  F-lllA  fuselage  and  inlets  as  their  contribu- 
tion to  the  fluctuating  wing  flow-field  was  considered  to  be  negligible.  However,  the  contours  of  the  wing 
glove  of  the  F-lllA  were  duplicated  to  allow  the  inclusion  of  the  glove-induced  leading-edge  vortex  effects 
on  the  fluctuating  pressure  characteristics.  At  a wing  sweep  angle  of  72°,  tests  were  conducted  with  the 
removable  horizontal  tail  both  on  and  off  the  model;'  it  was  concluded  that  the  tail  had  no  significant 
effect  on  the  wing  nonsteady  aerodynamics.  All  data  presented  in  this  paper  represent  the  tail-on  configu- 
ration, with  the  tail  incidence  fixed  at  0°  relative  to  the  model  reference  centerline.. 

Figure  4 shows  the  locations  of  the  mean  static  pressure  orifices,  the  fluctuating  pressure  transducers, 
and  the  mean  and  iluctuating  bending  and  torsional  moment  strain  gages.;  The  wing  was  instrumented  with  97 
miniature  transducers  capable  of  measuring  pressure  fluctuations  with  a flat  response  over  a bandpass 
frequency  range  of  10  to  5000  Hz.  All  pressure  instrumentation  was  oriented  in  rows  parallel  to  the  wind- 
tunnel  flow  at  a wing  sweep  angle  of  26°. 

The  primary  modes  and  frequencies  of  the  steel,  variable-sweep  wing  panel  were  determined,  prior  to 
the  aerodynamic  test,  with  the  model  installed  in  the  wind-tunnel  test  section.-  Mode  shapes  and  locations 
of  node  lines  were  also  determined..  The  frequencies  associated  with  the  first  four  primary  wing  modes  are 
listed  in  Table  1.-  The  tests  were  conducted  in  the  Ames  11-  by  11-Foot  Transonic  Wind  Tunnel  at  Mach 
numbers  of  0.6  through  1.3  at  a Reynolds  number  of  12x10®,  based  on  mean  aerodynamic  chord,  for  wing  sweep 
angles  of  16°,  26°,  38°,  50°,  and  72°,  as  measured  at  the  wing  leading  edge..  Additional  details  of  the 
model,  instrumentation,  and  data  reduction  are  given  in  Ref.,  15.; 


F-lllA  Fluctuating  Uinq  Pressures 

Root-Mean-Square  Pressure  Fluctuations.  Chordwise  distributions  of  mean  static  and  fluctuating 
pressures  on  the  wing  upper  surface  at  n ' 0.602  are  presented  for  A = 26°  and  M * 0.85  in  Fig.;  5 to 
illustrate  the  relationship  of  the  mean  and  fluctuating  pressures  prior  to,  and  during,  various  levels  of 
buffet.  At  a = 0°,  well  below  the  onset  of  buffet,  the  static  pressure  distribution  shows  that  the  normal 
shock  wave  was  at  approximately  65%  chord;  pressure  recovery  was  complete  at  the  trailing  edge,  indicating 
attached  flow.  The  corresponding  RMS  pressure  distribution  shows  a slight  peak  at  the  location  of  the 
shock  wave,  indicative  of  a small  random  shock  oscillation. 

At  a = 3.1°,  approximately  at  the  buffet  onset  boundary  as  determined  by  the  wing  response  measure- 
ments, the  static  pressure  distribution  shows  that  the  pressure  recovery  at  the  trailing  edge  was  weakened 
with  shock-induced  separation  imminent.  The  RMS  pressure  amplitudes  under  the  shock  wave  and  near  the 
trailing  edge  increased,  indicating  an  increasing  shock  strength  and  an  apparent  increasing  amplitude  of 
shock-wave  oscillation.  At  a = 6.1°,  the  pressure  distribution  shows  that  the  flow  was  separated  from  the 
shock  wave  to  the  trailing  edge.  The  fluctuating  pressures  were  still  mild,  except  in  the  region  of  the 
shock  wave,  at  this  angle  of  attack.  At  a » 9.1°,  the  RMS  levels  aft  of  the  shock  indicate  large  pressure 
fluctuations  in  the  shock-induced  separation  that  covered  a substantial  portion  of  the  section.  Based  on 
the  wing  response  measurements,  the  wing  was  experiencing  heavy  buffet.  At  a = 12.2°,  the  flow  at  n = 0.602 
was  entirely  separated  aft  of  the  7%  chord,  as  determined  from  the  fluorescent-oil  flow  data.  The  RMS 
levels  were  high  across  the  entire  section,  except  for  the  small  region  near  the  leading  edge. 

The  mean  static  and  fluctuating  pressure  data  presented  in  Fig.  5 have  shown  distinct  relationships 
for  different  elements  of  the  flow  over  the  wing.  Attached,  accelerating  flows  ahead  of  the  shock  wave 
are  indicated  by  decreasing  mean  static  pressures  and  low  RMS  levels.  Attached  flows  aft  of  the  shock  wave 
are  indicated  by  positive  mean  static  pressure  recovery  at  the  trailing  edge  and  low  RMS  levels.  The  shock- 
wave  location  is  indicated  by  a steep,  positive  slope  of  the  mean  static  pressures  and  a sharp  RMS  peak  due 
to  the  shock  oscillation.  Separated  flows  are  indicated  by  negative  mean  static  pressure  recovery  at  the 
trailing  edge  and  high  RMS  levels. 

Power  Spectra  and  Coherence  of  Fluctuating  Pressures.  Quantitative  evaluation  of  the  buffet  excitation 
aerodynamics  depends  upon  the  amplitudes  and  s^tial  and  temporal  relationships  of  the  pressure  at  each 
point  tn  an  aircraft  surface.  In  this  section,  the  power  spectra  and  streamwise  cross  spectra  in  terms  of 
coherence  are  presented  for  A = 26°,  M = 0.85,  and  n = 0.602.-  The  spectra  are  presented  for  the  full  range 
of  angles  of  attack  to  illustrate  the  changes  that  take  place  as  the  flow  separates. 

Figure  6 presents  the  power  spectra  and  coherence  of  pressures  measured  at  a = 0°.  Except  for  the  peak 
due  to  wind-tunnel -induced  noise  at  2700  Hz  (Ref.  19),  the  shape  and  the  amplitude  of  the  power  spectrum  of 
the  fluctuating  pressure  measured  at  5%  chord  is  indicative  of  attached  turbulent  flow.  The  existence  of  a 
turbulent  boundary  layer  was  substantiated  by  sublimation  tests  which  showed  that  natural  transition  from  a 
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laminar  to  a’ turbulent  boundary  layer  occurred  at  approximately  3%  chord.  For  this  angle  of  attack,  below 
the  buffet  onset  where  the  structural  modes  of  the  wing  have  not  yet  been  significantly  excited,  a broad 
energy  peak  occurred  in  the  power  spectrum  of  the  pressure  beneath  the  wing  shock  wave  (65%  chord).-  This 
peak,  centered  at  approximately  48  Hz,  is  not  associated  with  any  known  frequencies  related  to  model- 
structure  or  tunnel -background  noise.  This  same  peak  is  evident  to  a lesser  degree  in  the  power  spectra  at 
95%  chord  and  at  22.5%  lower  surface  chord.:  This  suggests  that  an  oscillation  of  the  circulation  around 
the  airfoil  is  occurring  as  suggested  by  Jones  (Ref.-  20)  and  Mabey  (Ref<  4).-  Another  interesting  possi- 
bility is  that  instead  of  the  peak  at  48  Hz  being  significant,  the  valley  at  lower  frequencies  may  be  a 
negative  peak  associated  with  the  first  bending  mode.  A hypothesis  by  Jones  (Ref.  20}  regarding  negative 
peaks  will  be  further  discussed  as  more  data  are  presented.  The  coherence  between  5%  and  10%  chord  was 
high  for  the  10-5000  Hz  range  of  these  data.;  Comparing  65%  chord  (the  shock  position)  with  70%  chord,  one 
notes  the  high  coherence  of  the  pressures  in  the  region  of  48  Hz.-  This  same  characteristic  is  repeated  in 
the  coherence  between  the  pressures  measured  at  90%  and  95%  chord.;  This  tends  to  support  the  hypothesis 
that  there  was  an  oscillation  of  circulation. 


Figure  7 presents  the  power  spectra  and  coherence  of  fluctuating  pressures  measured  at  a = 4.0“.;  This 
angle  of  attack  represents  data  approximately  1“  beyond  the  buffet  onset  boundary.;  The  power  spectra  at 
the  shock  wave  and  rearward  of  the  shock  wave  show  increased  energy  in  the  region  of  the  wing  first 
torsional  mode  (189  Hz).;  The  peak  in  the  pressure  spectra  occurred  at  165  Hz.;  The  peak  at  48  Hz,  which 
occurred  at  a = 0“,  is  no  longer  predominant.-  The  coherence  data  in  the  region  of  the  shock  wave  and  near 
the  trailing  edge  indicate  that  a strong  correlation  existed  in  the  region  of  the  wing  first  torsional 
mode.  Thus,  it  is  suggested  that  the  circulation  oscillation  which  was  being  driven  by  the  shock-wave/ 
boundary-layer  interaction  now  has  coupled  with  the  torsional  mode. 

Figure  8 presents  the  power  spectra  and  coherence  of  fluctuating  pressures  measured  at  a = 9.1“.-  At 
this  condition,  the  shock-induced  separation  affected  a large  portion  of  the  wing,  and  the  buffet  response 
of  the  wing  was  large.-  The  power  spectra  at  5%  chord  of  the  upper  surface  and  22.5%  chord  of  the  lower 
surface  no>’,  show  small  peaks  at  the  wing  first  bending  mode,  although  larger  peaks  occurred  at  the  wing 
first  torsional  mode.  The  torsional -mode  peak  was  very  significant  in  the  region  of  the  shock  and  in  the 
separated  flow.  At  95%  chord,  the  level  of  the  peak  was  an  order  of  magnitude  higher  than  the  level  at 
lower  frequencies.  The  coherence  data  show  high  correlation  at  the  torsional-mode  frequency  in  the  region 
of  the  shock  wave  and  near  the  trailing  edge.-  This  same  correlation  is  evident  in  the  coherence  data  at 
the  leading  edge  of  the  wing,  thus  tending  to  substantiate  the  hypothesis  that  there  is  a circulation 
oscillation  coupled  with  the  torsional  mode.- 

Figure  9 presents  the  power  spectra  and  coherence  of  pressures  measured  at  a = 12.2“.  For  this 
condition,  the  flow  at  n = 0.602  was  separated  aft  of  7%  chord  with  high  RMS  pressure  levels  across  the 
section  as  shown  in  Fig.-  5.-  The  increases  in  the  levels  of  the  power  spectra  at  a = 12.2“  as  compared  to 
Cl  = 9.1“,  especially  at  5%  chord,  are  evident.-  At  95%  chord,  the  power  spectrum  shows  that  there  was  a 
broad  energy  peak  centered  at  300  Hz.-  The  coherence  between  90%  and  95%  chord  was  high  in  this  same 
frequency  band.-  Since  spectral  peaks  did  not  occur  or  were  relatively  small  at  modal  frequencies,  there 
must  be  less  tendency  for  the  flow  to  couple  with  the  motion  when  it  is  more  completely  separated.- 


F-lllA  Pressure  Summations  and  Responses 

Electronic  summations  of  the  97  fluctuating  pressure  transducer  outputs  provided  fl uctuating-section 
normal  force  coefficients  at  each  of  the  five  wing  sections  to  show  spanwise  variations  in  the  buffet 
excitation  and  the  total  fluctuating  normal  force  coefficient  and  wing-root  bending  moment  for  the  entire 
wing  panel.  Although  for  this  case  the  summation  technique  has  been  applied  to  the  determination  of 
fluctuating  normal  forces  and  bending  moments,  the  same  approach  can  be  applied  to  the  determination  of 
generalized  forces  that  represent  the  primary  vibration  modes  of  interest.; 

Root-mean-square  Characteristics.-  Figure  10  presents  the  RMS  of  the  section  and  total  wing  normal- 
force  coefficient  fluctuations  for  A = 26“  and  M = 0.85.  At  r,  = 0.273  and  0.438  the  flow  was  characterized 
by  relatively  weak  fore  and  aft  inboard  shock  waves  and  by  a wing-glove-induced  vortex  that  crossed  the 
wing  root.-  This  vortex  appeared  to  stabilize  the  inboard  flow,  thus  accounting  for  the  low  RMS  levels  and 
mild  increase  with  angle  of  attack.  At  n = 0.602  the  outboard  shock  wave  resulted  in  substantial  shock- 
induced  separation  from  u = 6“  through  10“.-  At  12“,  the  flow  was  separated  over  most  of  the  section  at 
n = 0.602  but  the  RMS  level  was  lower  due  to  the  lower  coherence  of  the  pressures,  as  previously  discussed. 
At  n = 0.768  and  0.932,  the  flow  was  characterized  by  strong  shock-induced  separation  through  a = 12“,-  The 
total  wing  normal  force  coefficient  is  similar  in  RMS  level  and  growth  rate  tc  the  inboard  section 
coefficients  and  does  not  reflect  the  characteristics  at  the  outboard  sections.-  Part  of  this  effect  is  due 
to  the  area  weighting  of  the  fluctuating  pressure  inputs  to  obtain  the  total  normal  force  on  the  high- 

taper-ratio  wing,  where  the  inboard  section  pressures  apply  to  larger  areas.-  The  effective  area  for  the 

pressures  at  n = 0.273  is  28.7%  of  the  total  wing  area  and  only  11.1%  at  n = 0.932,  The  low  RMS  level  of 
the  total  wing  normal  force  coefficient  is  also  due  to  a degrading  of  the  spanwise  correlation  of  the 
section  pressures  as  the  separated  area  increased  with  angle  of  attack.  The  last  statement  will  be  more 
evident  when  the  spectral  and  spatial  data  are  discussed  in  the  next  section. 

Power  Spectrum  and  Coherence  Characteristics.  Figure  11  presents  the  PSD  and  coherence  characteristics 
of  the  fluctuating  section  normal  force  coefficients  at  ^ - 26“ , M = 0.85,  and  a ~ 6“,  9“ , and  12“.-  These 
data  correspond  to  the  RMS  of  the  section  normal-force  coefficient  fluctuations  presented  in  Fig.  10  for 
angles  of  attack  that  exceed  the  buffet  boundary.  The  spectra  show  the  erfects  of  increasing  separated 
flow  on  the  wing  with  increasing  .x  and  the  effects  of  motion  on  buffet  forces. 

At  rx  = 6.1“,  the  shock-induced  separation  increased  at  the  two  outboard  sections,  n = 0.768  and  0.932, 

and  therefore  the  corresponding  spectra  are  significantly  higher  than  for  other  sections.  The  coherence 
shows  that  the  dominant  correlation  between  sections  occurred  at  the  torsional  mode  frequency  for  the 
outboard  wing  sections  only.  At  u = 9.2“,  the  shock-induced  separation  was  substantial  at  n = 0.602, 

0.768,  and  0.932.  Prominent  narrowband  peaks  occur  in  the  spectra  and  coherence  at  the  frequency  of  the 
first  torsional  mode,  indicating  that  the  coupling  observed  in  the  local  pressure  spectra  (Fig,  8)  also 
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influenced  the  section  and  overall  nonsteady  forces-  The  tcn*sional  mode  coupling  had  the  largest  influence 
on  the  energy  content  of  the  spectra  at  n = 0.602.-  At  a = 12.3°,  the  more  extensive  separation  caused  an 
increase  in  the  spectra  at  lower  frequencies,  and  there  was  almost  no  coupling  with  structural  modes.-  The 
coherence  between  sections  was  low,  and  therefore,  even  though  the  spectral  levels  were  considerably  higher 
than  at  a = 9.2°,  the  total  fluctuating  normal  force  was  only  slightly  higher,.  It  is  significant  that 
coupling  occurred  only  at  a = 9.2°.;  More  discussion  of  this  point  will  follow  as  the  results  from  other 
configurations  are  presented- 

As  previously  mentioned,  the  fluctuating-pressures  (voltage  time  histories)  were  also  summed  to  yield 
the  nonsteady  moments  about  the  wing  root.  Figure  12  presents  a direct  comparison  of  the  response  spectra 
of  the  fluctuating  wing-root  bending  and  fluctuating  torsional  moments  and  the  excitation  spectra  of  the 
fluctuating  bending  moment  derived  from  the  fluctuating  pressure  summations.  The  data  are  for  A = 26°, 

M = 0.85,  and  a = 9°  and  12°.  The  primary  measured  responses  (wind-on)  were  the  first  bending  mode  at 
26  Hz  anJ  the  first  torsion  mode  at  208  Hz.-  There  were  smaller  responses  at  100  Hz,  corresponding  to  the 
second  bending  mode,  and  at  165  Hz  and  380  Hz,  both  unidentified  modes.-  The  165-Hz  response  of  the  bending 
moment  gage  is  noteworthy  because  it  corresponds  exactly  with  the  frequency  peak  in  the  bending  moment 
excitation  from  the  pressure  summation  at  a = 9.2°,.  The  coupling  was  therefore  due  to  this  unidentified 
bending  mode  or  the  first  torsion  mode.-  Comparison  of  response  frequencies  in  Fig.  12  with  wind-off  values 
in  Table  1 show  that  the  bending-mode  frequencies  were  unchanged,  but  the  first  torsion  mode  (189  Hz  vs 
208  Hz)  differed  considerably.-  This  result  indicates  that  aerodynamics  more  strongly  influenced  the 
torsional  response  of  the  wing  at  high  subsonic  speeds  than  it  did  the  bending  response..  The  fact  that  the 
narrowband  peak  in  the  excitation  spectra  at  a = 9.2°  (Fig.  12)  does  not  agree  precisely  with  the  torsional 
response  frequency  is  consistent  with  Jones  (Ref-  20)  who  hypothesizes  that  if  aerodynamic  stiffness  and/or 
inertia  are  considered  in  addition  to  aerodynamic  damping,  the  total  fluctuating  aerodynamic  force  could 
contain  a negative  spectral  peak  at  the  response  resonant  frequencies  and  an  adjacent  positive  spectral 
peak  slightly  off  the  resonant  frequencies  due  to  the  contribution  of  the  out-of-phase  aerodynamic  forces. 
Jones  argues  that  if  aerodynamic  damping  is  positive  then  the  total  fluctuating  aerodynamic  force  on  a 
structurally  responding  wing  should  contain  negative  spectral  peaks  at  the  frequencies  of  resonance  because 
of  cancellation  of  the  aerodynamic  excitation  at  these  frequencies  by  the  corresponding  in-phase,  motion- 
dependent  aerodynamic  forces-  Such  a negative  peak  appeared  at  the  first  bending-mode  frequency  in  the 
pressure  spectra  (Figs.  6-9). 

Figure  12,  and  also  Figs.  9 and  11,  show  that  when  separation  was  widespread  on  the  wing  at  a = 12° 
there  was  insignificant  coupling  of  the  aerodynamic  forces  that  cause  buffeting  and  the  motion.-  It  is 
important,  therefore,  to  keep  in  mind  that  the  F-lllA  data  show  the  tendency  for  the  separated-flow 
nonsteady  pressures  to  be  influenced  by  motion  only  at  certain  conditions.-  Additional  data  from  the  TACT 
and  F-5A  tests  also  show  tendencies  of  motion  effects  on  the  measured  nonsteady  pressures  only  for  isolated 
conditions  of  M and  a. 


TACT 


The  objectives  and  scope  of  the  joint  USAF-NASA  TACT  program  are  described  in  Refs-  7,  8,  and  21.  The 
primary  buffet  research  objective  of  the  TACT  program  is  to  validate  the  suitability  of  measurements  of 
unsteady  pressures  and  forces  on  wind-tunnel  models  for  prediction  of  full-scale  aircraft  buffeting-  The 
investigation  includes  testing  of  two  1/6-scale  semispan  models  of  different  stiffness  and  corresponding 
flight  tests  of  the  TACT  aircraft  which  is  a modified  F-lllA  with  a supercritical  wing.  Because  the  TACT 
buffet  research  is  still  in  progress,  none  of  the  flight  buffet  information  is  in  reduced  form.-  However, 
a small  amount  of  the  TACT  scale-model  data  have  been  analj..ed  and  can  be  presented  to  illustrate  some 
separated  flow  unsteady  pressures  and  forces  and  effects  of  elasticity  and  Reynolds  number  on  these 
pressures  and  forces. 


TACT  Models  and  Instrumentation 


The  1/6-scale  semispan  models  were  constructed  of  solid  steel  and  aluminum-  The  installation  in  the 
Ames  11-  by  11-Foot  Transonic  Wind  Tunnel  was  similar  to  the  installation  of  the  F-lllA  model  (Figs.  2 and 
3).  The  half-fuselage  model  used  for  the  TACT  model  wings  was  scaled  from  the  aircraft,  in  contrast  with 
the  sem'circular  shape  of  the  fuselage  used  for  the  earlier  F-lllA  model.  Pertinent  geometric  information 
about  the  TACT  models  are  listed  in  Fig.  3 along  with  the  corresponding  information  for  the  F-lllA  model- 

The  locations  of  the  fluctuating-pressure  instrumentation  on  the  models  and  aircraft  are  shown  in 
Fig.-  13.  The  steel  and  aluminum  semispan-wing  models  were  left-wing  panels.  Each  model  had  50  pressure 
transducers  installed  by  the  technique  described  for  the  third-phase  tests  of  the  F-lllA  model  (Ref-  15)- 
The  aircraft  has  25  pressure  transducers  installed  in  the  right-wing  panel-  All  the  fluctuating-pressure 
instrumentation  was  oriented  in  rows  parallel  to  the  free-stream  flow  at  a wing-sweep  angle  of  26°.  Both 
the  models  and  the  aircraft  have  wing-tip  accelerometers  and  wing-root  bending  and  torsion  strain  gages. 

The  test  technique  used  for  the  TACT  steel  and  aluminum  models,  the  data  acquisition  system,  and  data 
reduction  were  the  same  as  described  in  Ref.  15  for  the  F-lllA  model.  The  TACT  model  tests  were  conducted 
over  a Mach  number  range  from  0.7  through  0.95  at  Reynolds  numbers  from  7x10®  to  14x10®,  based  on  mean 
aerodynamic  chord,  for  sweep  angles  of  26°,  35°,  and  58°.  Vibration-mcd^  frequencies  and  node  lines  were 
determined  at  each  of  the  sweep  angles  with  the  models  installed  in  the  wind-tunnel.  The  frequencies 
associated  with  the  primary  modes  for  A = 26°  are  listed  in  Table  2., 


TACT  Fluctuating  Pressures 

Root-Mean-Square  Pressure  Fluctuations.  Measurements  of  the  RMS  values  of  the  pressure  fluctuations 
on  the  1/6-scale  TACT  steel  and  aluminum  models  at  A = 26°  are  illustrated  in  Fig.  14  for  M * 0.80  and  in 
Fig.  15  for  M = 0.90.  The  results  are  shown  for  a mild  buffet  condition  at  op  = 9°  which  is  just  above  the 
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buffet  boundary,  and  for  moderate  to  severe  buffeting  at  op  = 12°.-  The  length  of  each  vertical  line  on  the 
wings  and  horizontal  tail  represent  the  RMS  values  of  the  pressure  fluctuations  at  the  locations  of  the 
measurements.  At  ap  = 9°,  the  pressure  fluctuations  that  occurred  on  the  wings  in  the  region  between  the 
shock  wave  and  trailing  edge  were  relatively  small  for  both  M = 0.80  and  0.90;  this  was  because  the  shock 
strength  was  weak  and  did  not  induce  separation.  At  «p  = 12°  the  flow  was  extensively  separated  downstream 
of  the  shock  waves  and  relatively  high  pressure  fluctuations  resulted.  It  may  be  noted  that  the  most 
upstream  transducers  near  the  boundary  of  the  disturbed  flow  on  the  wings  did  not  always  measure  the  high 
pressure  fluctuations  that  are  characteristic  of  shock  waves.-  The  absence  of  the  shock-wave  detection 
by  high  corresponding  pressure-fluctuation  measurements  is  due  to  the  fact  that  the  shock  wave  was 
between  transducers  for  the  specific  angles  of  attack  shown.. 

Of  special  interest  in  Figs.  14  and  15  is  the  comparison  of  the  RMS  values  of  the  pressure  fluctuations 
on  the  steel  and  aluminum  wings  for  the  same  conditions  of  Mach  number,  angle  of  attack,  and  Reynolds 
number..  Generally  the  RMS  values  and  the  distributions  of  the  pressure  fluctuations  are  similar.  It  can 
be  noted,  however,  that  the  upstream  boundary  of  the  disturbed-flow  regions  was  slightly  closer  to  the 
leading  edge  of  the  steel  wing  than  on  the  aluminum  wing  for  both  op  = 9°  and  12°.;  This  variation  is  con- 
sidered to  be  due  to  static-elastic  differences  in  the  wings  and  the  consequently  greater  washout  of  the 
aluminum  wing  than  the  steel  wing  under  aerodynamic  loading.  Such  effects  cannot  be  ignored  with  respect 
to  buffet-excitation  prediction,  although  the  effects  may  be  small  when  compared  to  overall  boundaries 
expected  of  random  data. 

Power  Spectra  and  Coherence  of  Fluctuating  Pressures.  Figures  16-18  show  representative  PSDs  of  the 
pressure  fluctuctions  on  the  TACT  models  from  the  limited  analysis  of  data  that  have  been  completed  to 
date.;  These  spectra  further  illustrate  the  characteristics  of  the  pressure  fluctuations  in  separated  flow 
and  contribute  to  the  assessment  of  motion  effects.  The  corresponding  PSDs  from  the  steel  and  aluminum 
wings  are  from  selected  pressure  measurements  along  the  chord  at  n = 0 744  for  the  same  test  conditions 
shown  in  Figs.-  14  and  15,  Figures  16-18  show  that  the  spectra  from  the  steel  and  aluminum  wings  were  in 

good  agreement  except  where  motion  effects  have  influenced  the  data. 

At  M = 0.90  and  Op  = 9°  (Fig.  16),  which  represent  conditions  slightly  above  the  buffet  boundary, 
motion  effects  were  minor  with  only  a slight  tendency  noticeable  for  the  data  to  peak  at  a frequency 
corresponding  to  the  second  bending-mode  frequency.  The  low  levels  of  the  spectra  at  x/c  = 0.20  are 
associated  with  the  attached-flow  region  ahead  of  the  shock  wave.  The  spectra  at  x/c  = 0.45  for  the  steel 
wing  and  at  x/c  = 0.54  for  the  aluminum  wing  are  typical  for  the  shock  wave  region.  The  fact  that  the  shock 
waves  were  at  different  chord  locations  is  attributed  to  a static  clastic  effect  previously  shown  in 
connection  with  the  RMS  data.  The  spectra  at  x/c  = 0.63  and  x/c  = 0.90  are  from  a region  of  disturbed 
flow  downstream  of  the  shock  wave  that  was  not  separated. 

Figure  17  shows  PSDs  of  the  pressure  fluctuations  on  the  TACT  models  when  the  flow  was  extensively 
separated  at  M = 0.80  and  ap  = 12°,  The  spectra  for  the  steel  and  aluminum  wings  are  considered  to  be  in 
very  good  agreement,  and  there  is  no  indication  by  peaks  in  spectra  that  the  pressure  fluctuations  were 
influenced  by  the  motions  of  the  elastically  responding  wings.  In  contrast.  Fig,  18,  containing  PSDs  for 

M = 0.90  and  ap  = 12°,  which  was  also  a condition  of  widespread  separation,  shows  that  the  p'-essure 

fluctuations  on  the  steel  wing  were  affected  by  motion  but  not  those  on  the  aluminum  wing.  In  this  case 
the  apparent  coupling  was  with  the  second  bending  inode  as  opposed  to  the  torsional  mode  coupling  of  the 
F-lllA.;  In  Fig,  18,  the  spectra  at  x/c  = 0.20  are  from  pressures  in  the  region  of  the  shock  wave  and  the 
spectra  at  x/c  = 0.32  are  strongly  influenced  by  the  shock-wave  oscillations  as  indicated  by  the  concen- 
tration of  energy  at  low  frequencies.  The  spectra  at  x/c  = 0.63  and  0.90  (Figs,  17  and  18)  are  typical  of 
separated  flow. 

The  reasons  for  the  coupling  of  the  pressures  with  the  second  bending  mode  of  the  steel  wing  but  not 
with  that  of  the  aluminum  wing  are  not  readily  apparent.  The  second  bending  mode  frequencies  were  similar 
(steel,  96  Hz  vs  aluminum,  99  Hz,  Table  2),  and  the  still  air  vibration  ' ists  showed  that  the  second- 
bending-mode  node  lines  were  similar  for  both  wings.  Additional  analysis  will  determine  the  relative 
response  amplitudes  of  the  wings  and  also  whether  coupling  occurred  with  the  aluminum  wing  for  any  of  the 
test  conditions. 

Soma  measurements  of  the  coherence  of  the  pressure  fluctuations  on  the  1/6-scale  TACT  models  at 
n = 0.744  are  shown  in  Fig.  19  for  the  same  test  conditions  as  the  previously  discussed  spectra  at  ap  = 12° 
for  M = 0.80  and  0.90.  Generally,  the  trends  of  the  coherence  of  the  pressure  fluctuations  were  similar 
for  the  steel  and  aluminum  wings  with  the  exception  of  the  results  at  M = 0.90,  which  show  a strong 
coherence  of  pressures  on  the  steel  wing  at  the  second  bending-mode  frequency.  Typical  differences  in 
coherence  between  pressures  strongly  influenced  by  a shock  wave  and  pressures  in  regions  of  separated  flow 
can  be  seen.  As  might  be  expected,  because  of  the  low- frequency  content  of  shock-wave  spectra,  the 
coherence  of  pressures  influenced  by  shock-wave  oscillations  is  concentrated  at  low  frequencies  (Fig.  19, 

M = 0.90,  0.32c/0.46c).  The  coherence  of  pressure  fluctuations  in  separated  flow  regions  extends  to 
frequencies  approximately  10  times  higher  than  for  shock  waves.  The  coherence  for  the  transducer  spacings 
shown  is  significant,  however,  more  data  is  needed  to  establish  the  spatial  decay  of  coherent  pressure 
fluctuations  in  separated  flow  on  airfoils.  Extensive  data  analysis,  similar  to  the  analysis  of  Ref..  22, 
is  in  progress  and  will  show  if  the  spectral  and  spatial  characteristics  of  pressure  fluctuations  in 
separated  flow  can  be  generalized  for  airfoils  and  other  geometries. 


TACT  Pressure  Summations 


Electronic  summations  of  the  50  fluctuating  pressure  transducer  outputs  provided  fluctuating  section 
narmal  force  coefficients  at  the  four  instrumented  wing  sections  of  the  TACT  models  and  the  total 
fluctuating  normal  force  coefficients  for  the  wing  panels. 


Reynolds  Number  Effects  on  Normal  Force  Fluctuations,  The  variations  of  section  normal  and  total 
normal  force  fluctuations  with  angle  of  attack  for  thTT/^CT  1/6-scale  steel  model  at  M = 0.80  are  shown  in 
Fig.  20  to  illustrate  effects  of  Reynolds  number.  The  data  are  for  three  test  Reynolds  numbers  of  7.0x1Q6, 


10.5x10®,  and  14.0x10®.:  Reynolds-number  effects  can  only  be  inferred  from  these  data  because,  for  a given 
Mach  number,  dynamic  pressure,  q,  also  varies  proportionately  with  Reynolds  number  changes  in  the  Ames 
11-  by  11-Foot  Transonic  Wind  Tunnel.  Static  loads,  and  hence  static  elastic  effects,  and  "q"  dependent 
dynamic  effects  are  combined  in  the  data.-  The  results  for  the  three  test  Reynolds  numbers  show  that  normal 
force  fluctuations  were  in  relatively  good  agreement  up  to  op  = 12°  with  the  exception  of  one  point  at 
Op  = 10°.  At  angles  of  attack  greater  than  12°  tne  normal  force  fluctuations  varied  significantly  with 
Reynolds  number.-  The  most  pronounced  effects  occurred  at  the  inboard  wing  sections.;  The  fact  that  the 
Reynolds  number  variations  hac  very  little  effect  on  the  data  at  the  most  outboard  station,  n = 0.910, 
indicates  that  static  elastic  and  first-bending  and  torsion  mode  dynamic  elastic  effects  were  negligible.. 
The  discontinuity  of  points  at  ap  = 10°  and  above  op  = 12°  are  not  likely  to  be  due  to  dynamic  elastic 
effects  because  inboard  wing  motions  must  be  small,  and  also  because  the  normal-force  fluctuation  coeffi- 
cients decreased  with  increasing  dynamic  pressure..  The  smaller  discontinuities  can  be  caused  by  the 
positions  of  the  shock  waves  relative  to  the  transducer  locations  on  the  wing.-  The  larger  disagreements  in 
data  must  be  due  to  Reynolds  number  effects  on  leading-edge  vortices  and  separation  boundaries..  The  TACT 
flight  tests  will  enhance  the  investigation  of  Reynolds  number  effects  by  providing  data  at  Reynolds  num- 
bers up  to  approximately  35x10®,  based  on  c. 

Comparison  of  Normal  Force  Fluctuations  on  Steel  and  Aluminum  Wings.-  The  variations  of  section  and 
total  normal  force  fluctuations  on  the  TACT  i /6-scale  steel  and  aluminum  models  with  angle  of  attack  are 
shown  in  Fig.;  21  for  M = 0.80  and  0.90  and  for  R = 10.5x10^.-  Generally,  but  with  some  exceptions,  the 
measurements  of  and  from  the  steel  and  aluminum  models  are  in  good  agreement,  particularly  at 

M = 0.80.  It  was  surprising,  for  example,  that  the  measurements  at  n = 0 578,  Op  = 10°,  were  the 

same  from  both  models  since  the  points  depart  from  a smooth  variation  with  angle  of  attack.  The  major 
differences  in  the  normal  force  fluctuations  occurred  at  M = 0.90  at  outboard  wing  sections  n = 0.744  and 
n = 0,910.,  The  higher  measurement  on  the  steel  wing  at  n = 0.744  , Up  = 12°,  is  shown  by  correspond- 
ing PSDs  in  Fig.  18  to  be  caused  by  dynamic  elastic  effects  resulting  from  some  coupling  between  the 
pressure  fluctuations  and  the  second  bending  mode  of  the  wing<  It  is  suspected,  but  confirmation  is  needed 
by  additional  data  analysis,  that  the  differences  in  section  normal  force  fluctuations  at  n = 0.910  are 
also  due  to  dynamic  elastic  effects.. 


F-5A 


Steady-state  and  fluctuating  pressures  were  measured  on  a 1/7-scale  model  of  Northrop  F-5A  aircraft 

during  two  separate  tests  in  the  Ames  Research  Center  11-  by  11-Foot  Transonic  Wind  Tunnel  (Fig.  22).;  For 

the  first  tests,  the  model  was  mounted  in  the  conventional  way  on  the  sting  support  system.  Store  con- 
figurations, flap  and  control  surface  settings,  Mach  numbers,  sideslip  angles,  and  angles  of  attack  were 
varied.  The  model  was  constructed  of  steel.  For  the  second  tests  a special  sting  was  designed  incorpor- 
ating a torsional  spring  and  damper  that  allowed  the  model  to  oscillate  in  roll  at  a natural  frequency 
simulating  the  Dutch  roll  motion  that  occurs  during  wing  rock.-  The  maximum  roll  angle  was  21°  single 
amplitude.  The  analysis  of  results  from  the  wing-rock  tests,  in  progress  by  Northrop  Corporation,  are  not 
yet  sufficiently  complete  to  be  included  here;  however,  when  they  are  complete  they  will  show  the  unsteady 

pressures  associated  with  wing  rock  and  also  whether  such  a model  support  with  a nominally  rigid  model  can 

be  used  for  prediction  of  wing-rock  onset.. 

Previously  to  the  model  tests,  a buffet  flight  test  program  was  conducted  using  a fully  instrumented 
F-5A  aircraft.  The  test  results  of  the  flight  test  were  described  in  Refs.-  12  and  18.  The  scale  model 
tests  were  conducted  using  test  conditions  similar  to  the  flight  test  conditions  so  that  the  dynamic  pres- 
sure data  acquired  during  the  flight  test  and  the  scale-model  tests  may  be  compared  and  evaluated,  taking 
into  consideration  appropriate  scaling  relationships.  Selected  comparative  results  are  presented  in  this 
paper  to  illustrate  the  separated-flow  unsteady  pressures  on  the  F-5A  but  mainly  to  show  the  static  and 
dynamic  elastic  effects  on  buffet  excitation.. 


Basic  Dimensions  of  the  F-5A 

The  F-5A  is  a single-seat  fighter  capable  of  carrying  stores  at  wing  fuselage  pylon  stations.-  The 
flight  test  was  conducted  with  two  wing-tip  stores  (AIM-9B  Missiles)  with  guide  rails;  otherwise  the  wing 
was  clean.  The  scale  model  tests  were  conducted  with  and  without  the  wing-tip  missiles.-  A combination  of 
deflected  leading  edge  and  trailing  edge  flaps  as  well  as  the  case  of  completely  retracted  flaps  were  used 
in  the  test  program.-  A three-view  drawing  of  the  F-5A  is  shown  in  Fig.-  23  with  pertinent  geometry 
information.  Additional  dimensional  details  are  given  in  Ref.  12., 


F-5A  Instrumentation 

Locations  of  the  static  and  dynamic  instrumentation  on  the  F-5A  aircraft  and  1/7-scale  model  are  shown 
in  Fig.;  24.-  The  F-5A  aircraft  and  model  were  each  equipped  with  28  static  pressure  orifices  and  28  adjacent 
dynamic  pressure  transducers.-  In  addition,  semi-conductor  strain  gages  were  installed  on  both  wing  root 
sections  to  measure  the  bending  and  torsion  moments  of  the  wing  under  dynamic  loads..  There  were  three 
accelerometers  in  the  model,  one  at  each  wing  tip  inside  the  missiles  and  one  at  the  location  of  the  center 
of  gravity  of  the  aircraft. 

In  the  first  model  test  phase,  a six-component  balance  was  installed  inside  the  model  fuselage  in 
front  of  the  sting  mounting  system.-  The  balance  was  eliminated  in  the  second  test  phase  to  make  room  for 
the  flexible  roll  and  damping  device.-  For  this  latter  phase,  dynamic  data  such  as  the  roll  angle,  the 
model  pitch  and  yaw  oscillation  angles,  and  the  damping  coefficient  of  the  damper  were  recorded.-  Transition 
strips  were  installed  on  the  wing  and  tail  surfaces  of  the  scale  model  at  approximately  101S  chordwise 
positions. 


2-8 


Fluctuating  Pressures  on  F-5A 

Root-Mean-Square  Pressure  Fluctuations.  Typical  chordwise  distributions  of  static  and  fluctuating 
pressures  on  the  right  wing  upper  surface  of  the  1/7-scale  F-5A  model  are  shown  in  Fig.  25  for  M = 0.925 
and  R = 2.49  x 10®.;  The  sideslip  angle  was  0°;  the  horizontal  tail  surface  and  aileron  settings  were  0°; 
and  the  leading  edge  and  trailing  edge  flap  angles  were  5°  and  12°,  respectively.;  (Note  that  the  termina- 
tion points  of  the  pressure  distributions  were  arbitrarily  drawn  to  the  leading  and  trailing  edges  of  me 
wing.)  Figure  25  shows  the  progression  and  expansion  of  regions  of  seoarated  flow  with  increasing  angle  of 
attack.  At  an  angle  of  attack  of  6°,  slightly  above  the  buffet  boundary,  and  at  M = 0.925  the  shock 
induced  separation  and  pressure  fluctuations  were  near  the  trailing  edge  and  uniformly  distributed  over  the 
span..  At  a = 10°,  with  moderate  to  severe  buffet  conditions,  the  flow  separation  and  high  fluctuating 
pressures  most  extensively  covered  the  outboard  half  of  the  wing.  The  inboard  attached  flow  at  a = 10° 
is  attributable  to  the  vortex  created  by  the  high  sweepback  of  the  inboard  leading  edge.-  At  o = 14°  the 
flow  was  separated  over  the  whole  wing  panel..  The  leading  edge  vortex  no  longer  delayed  separation  on  the 
inboard  wing  sections  as  evidenced  by  the  measurements  of  high  pressure  fluctuations  in  this  region.; 

The  static  and  fluctuating  pressure  distributions  measured  on  the  F-5A  aircraft  are  not  shown  (see 
Refs.  12  and  18);  however,  the  development  and  expansion  of  the  flow  separation  regions  on  the  aircraft 
were  similar  to  the  model  characteristics  noted  in  Fig.;  25,  except  for  slightly  higher  angles  of  attack. 

In  general,  for  a given  angle  of  attack,  and  at  a given  spanwise  location,  the  shock  tended  to  stay  closer 
to  the  trailing  edge  on  the  scale  model  as  against  the  flight  test  results.  The  scale  model  had  to  be  at 
an  angle  of  attack  about  2°  higher  to  develop  an  identical  separated  flow  pattern  on  the  top  wing  surfaces. 
The  cause  of  this  problem  could  not  be  isolated,  but  the  two  most  likely  contributing  factors  are:'  (1)  the 
leading  edge  flap  setting  on  the  model  was  at  5°  vs..  4°  on  the  aircsaft;  (2)  the  aeroelastic  effect  of  the 
full-scale  aircraft  caused  an  increase  in  the  local  angle  of  attack  ,n  the  outer  span  of  the  wing.  It  is 
known  that  the  wing  tips  of  F-5A  aircraft  twist  (washin)  approximately  1.5°  to  2°  for  the  load  conditions 
shown  in  Fig.  25  (M  = 0.925,  h = 10.668  km,  q = 14.36  kN/ra^).  The  transient  effect  of  the  transonic 
maneuver,  rate  of  change  of  angle  of  attack,  was  considered  as  a candidate  cause,  but  the  results  of 
Ericsson  and  Reding  (Ref<  23)  show  that  the  maneu'er  tends  to  forestall  separation  for  a given  angle  of 
attack. 

F-5A  Model  and  Aircraft  Power  Spectral  Densities.  Comparisons  of  power  spectra  of  the  pressure 
fluctuations  in  separated  flow  on  the  F-5A  1/7-scale  model  and  on  the  aircraft  are  shown  in  Fig.  26-28  for 
transducers  2,  5,  and  11,  respectively.  The  data  are  for  a Mach  number  of  0.75  with  model  and  aircraft 
leading-edge  and  trail ing-edge  flaps  at  0°.-  The  Reynolds  number  for  the  model  test  conditions  was  4.71x10° 
based  on  c and  the  dynamic  pressure  was  30.23  kN/m^  (631.3  Ib/fm).-  The  Reynolds  number  for  the  aircraft 
flight  conditions  was  18.90x10°  at  a test  altitude  of  7,772  km  (25,000  ft).;  The  flight  test  and  model  data 
are  plotted  with  reference  to  the  separate  scales  identified  in  the  figures.  The  displacement  of  the 
scales  accounts  for  the  accepted  model-flight  scaling  relationships: 


The  flow  at  each  of  the  three  pressure  transducers  was  separated  from  the  leading  edge  of  the  wing  at 
M = 0.75.  At  a = 8°,  the  flow  was  separated  on  the  outboard  half  of  the  span.  At  a > 12°,  the  flow  was 
separated  over  the  complete  upper  wing  surface. 

Comparison  of  the  spectra  for  the  1/7-scale  model  and  the  aircraft  (Figs.  26-28)  generally  shows  that 
reasonable  agreement  exists  between  the  wind  tunnel  and  flight  tests,  particularly  if  allowance  is  made  for 
the  marginal  statistical  accuracy  of  the  flight  data.-  It  can  be  noted  that  the  flight  data  samples  were 
nonstationary  because  of  the  variation  of  angle  of  attack.  The  spectra  of  the  fluctuating  pressures  on 
the  model  tended  to  always  be  higher  than  the  corresponding  measurements  on  the  aircraft.- 

A similar  comparison  was  made  between  powtr  spectra  of  pressure  fluctuation  on  the  model  and  aircraft 
at  M = 0.925  (now  shown).-  The  correlation  of  resuUs  was  about  the  same  as  for  the  data  shown  in  Figs.- 
26-28  with  the  exception  that  spectra  acquired  at  a location  of  a strong  shock  wave  on  the  aircraft  were 
inconsistent  with  wind-tunnel  data,  sometimes  by  as  much  as  2 decades.-  This  lack  of  agreement  can  be 
attributed  to  the  sensitivity  of  the  shock  wave  location  to  flight  condition  variations  in  the  maneuver.. 
Because  the  pressure  transducer  is  at  a fixed  location  and  the  mean  position  of  the  shock  wave  cannot  be 
followed,  the  result  is  a nonstationary  pressure-time-history  measurement.. 

In  order  to  consider  the  effects  of  the  elastically  responding  structures,  the  model  wing-tip 
acceleration  was  analyzed  for  M = 0.75  and  a = 8°  yielding  the  PSD  shown  in  Fig.-  29.  The  principal  vibra- 
tion modes  of  the  model  and  sting  support  system  have  been  identified  in  Fig.;  29  and  also  by  arrowheads  on 
the  pressure  spectra  at  a = 8°  in  Figs.;  26-28.-  Examination  of  the  pressure  spectra  shows  some  prominent 
peaks  in  the  spectra,  mostly  at  a = 8°,  at  frequencies  corresponding  to  the  sting  and  balance  bending  mode 
and  the  wing  second  symmetrical  bending  mode.-  Other  modes,  including  the  high-acceleration  first  bending 
mode,  did  not  influence  the  pressure  fluctuations.  It  is  significant  that  coupling  occurred  at  the  wing 
second  bending  mode  on  both  the  F-5A  and  TACT  models.  It  is  not  cl-ar  why  in  these  cases  second  bending 
modes  dominated  over  a torsion  mode;'  however,  the  response  of  the  F-5A  pressures  to  the  sting  and  balance 
bending  is  no  doubt  caused  by  angle-of-attack  oscillations.  The  pressure  spectra  from  the  flight  tests 
show  no  peaks  that  correspond  to  any  of  the  vibration  mode  frequencies  identified  for  the  aircraft  in 
Table  3.- 


DISCUSSION  OF  AEROELASTIC  EFFECTS 


The  foregoing  results  from  tests  of  models  and  aircraft  of  different  geometries  and  elastic  properties 
have  illustrated  the  characteristics  of  pressure  fluctuations  that  cause  buffeting  of  the  complete  aircraft 


or  of  local  structure.  In  addition  to  using  pressure-fluctuation  measurements  from  nominally  rigid  wind 
tunnel  models  to  investigate  the  buffet  phenomena,  such  measurements  can  be  used  for  prediction  of  buffet 
response  (Refs.  12  and  13),  providing  they  adequately  represent  the  corresponding  pressures  on  the  full- 
scale  aircraft..  The  state  of  the  art  for  predicting  random  response  characteristics  of  a structure  by  any 
sub-scale  test  method  does  not  allow  precise  predictions.-  Thus  the  precision  required  of  the  pressure 
fluctuation  measurements  is  not  the  same  as  that  expected  of  steady-state  aerodynamic  measurements. 
Reynolds  number  effects,  wind  tunnel  wall  and  flow  quality  effects,  etc.,  are  important  to  all  sub-scale 
tests  in  wind  tunnels;  however,  the  main  issue  of  the  validity  of  model  pressure  fluctuation  measurements 
for  buffet  prediction  is  the  questionable  effect  of  aeroelasticity.. 


Static  Elastic  Effects 


In  any  aerodynamic  test  of  a model,  the  shape  of  the  model  must  be  the  same  as  that  of  the  full-scale 
shape  or  the  flow-field  will  be  different.  With  respect  to  buffet  excitation,  static  elasticity  was  shown 
(Figs.;  14  and  15)  to  slightly  alter  the  chordwise  positions  of  the  shock  waves  on  the  steel  and  aluminum 
TACT  models.  The  amplitudes  of  the  pressure  fluctuations  in  the  separated  regions  were  not  seriously 
affected,  however;  as  shown  by  the  good  agreement  between  corresponding  power  spectra  from  the  TACT  models 
(Figs.;  16-18)  where  dynamic  elastic  effects  were  not  evident  Static  elastic  effects  also  appeared  to 
influence  the  separation  zones  on  the  F-5A  (see  preceding  discussion  of  root -mean-square  pressure 
fluctuations  on  the  F-5A).-  Maneuver  loads  on  the  aircraft  that  result  in  seroelastic  washin  of  up  to  2° 
at  the  wing  tips  was  considered  a contributing  cause  of  small  angle-of-attack  differences  between  model  and 
aircraft  for  development  of  equal  separation  zones.  Within  the  separation  zones,  as  with  the  TACT  models, 
the  wind-tunnel  and  flight  PSDs  were  comparable  (Figs.-  26-28).; 


Dynamic  Elastic  Effects 

The  pressure  fluctuation  measurements  on  the  F-lllA,  TACT,  and  ^-5A  models  indicate  that  buffet 
excitation  can  be  affected  by  the  dynamic  elastic  characteristics  of  a model  at  certain  conditions  of  M, 
a and  q.  Pressure  fluctuations  on  the  F-lllA  model  coupled  with  the  first  torsion  mode  at  M = 0.85  from 
a >_  4°  to  a < 12°  (Figs.,  7-9,  11,  and  12),  as  identified  by  the  narrowband  peaks  in  the  PSDs  at  the 
torsion-mode  frequency.-  On  the  steel  TACT  model  the  pressures  coupled  with  the  second  bending  mode  at 
M = 0.9,  Op  = 9°  (Fig.-  18)  but  not  with  a torsion  mode.-  No  coupling  was  observed  in  the  data  from  the 
aluminum  TACT  model;  however,  only  a small  amount  of  data  have  been  analyzed  to  date.  The  F-5A  model 
data  showed  the  influence  of  the  sting  support  and  balance  bending  motion  and  also  the  influence  of  the 
wing  second  bending  mode  (Figs.,  26  and  27).  No  definite  dynamic  elastic  effects  were  observed  in  the 
F-5A  flight  data.. 

It  is  significant  that  the  dynamic  elastic  effects  on  the  pressure  fluctuations  measured  on  nominally 
rigid  scale  model  wings  appeared  to  occur  only  at  a very  limited  number  of  combinations  of  M,  a and  q.- 
However,  more  of  the  F-lllA  data  needs  to  be  examined  and  the  TACT  wind  tunnel  and  flight  data  analys's 
needs  to  be  completed  before  the  extent  of  the  effect  on  buffet  excitation  measurements  can  be  fully 
assessed.-  There  are  very  few  flight  measurements  of  buffet  excitation  pressures  available.  Possibilities 
of  single-degree-of-freedom  aerostructural  interactions  involving  the  buffet  phenomena  have  been  suspected 
but  not  confirmed.;  A limited  amount  of  data  on  the  F-4  by  Mullans  and  Lemley  (Ref.;  24)  and  the  F-5A 
(Figs.  26-28)  show  reasonable  agreement  between  fluctuating  pressure  spectra  on  the  corresponding  models 
and  aircraft.; 

As  previously  mentioned,  the  dynamic  elastic  effects  of  the  F-lllA,  TACT  and  F-5A  model  wings  on  the 
pressure  fluctuations  in  separated  flow  appeared  as  narrowband  peaks  in  the  pressure  PSDs  at  tne  frequencies 
of  the  interacting  mode.;  The  response  of  the  wings  did  not  appear  to  affect  the  power  spectra  at  other 
frequencies  as  shown  by  comparison  of  PSDs  from  the  TACT  steel  and  aluminum  models  (Fig.-  18)  and  from  the 
F-5A  model  and  aircraft  (Figs.;  26-28).  If  this  is  true  and  verified  by  the  TACT  data,  it  is  probable  that 
reasonably  correct  PSDs  can  be  estimated  even  for  those  frequencies  where  model  dynamics  affect  the  data, 
by  fairing  a curve  through  the  base  of  the  peaks  that  are  identified  as  being  response  dependent. 


CONCLUDING  REMARKS 


A large  amount  of  experimental  data  have  been  presented  that  illustrate  the  character , sties  of  fluctuat- 
ing pressures  and  forces  that  cause  buffeting  of  aircraft  and/or  local  structure.-  The  data  which  were 
obtained  on  several  wind  tunnel  models  and  aircraft  including  the  F-lllA,  TACT  and  F-5A  allow  an  assessment 
to  be  made  of  the  effects  of  elastically  responding  structures  or,  the  buffet  excitation.; 

The  results  show  that  the  fluctuating  pressures  in  separated  flow  may  interact  with  single-degree-of- 
freedom  response  modes  of  wmgs  at  certain  conditions  of  Mach  number,  angle  of  attack,  and  dynamic  pressure. 
Such  interactions  occurred  with  the  first  torsion  mode  on  the  F-lllA  model  and  with  the  second  bending 
modes  on  a TACT  and  the  F-5A  models.-  The  three  models  were  solid  steel.  Limited  data  analyzed  from  a 
solid  aluminum  TACT  model  for  the  same  conditions  did  not  show  evidence  of  the  interaction.-  Similar 
aero-structural  interactions  can  be  anticipated  for  full-scale  aircraft;  however,  no  evidence  of  coupling 
between  pressures  and  response  modes  was  observed  in  the  F-5A  data. 

Static  elastic  and  Reynolds  number  differences  between  wind  tunnel  models  and  actual  aircraft  affect 
the  boundaries  of  the  flow  separation  on  wings  and  hence  the  total  buffet,  excitation.  These  effects  do 
not  appear  to  be  large  relative  to  the  expected  accuracy  of  total  buffet  excitation  predictions;  however, 
they  should  not  be  overlooked.- 


MO 
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Tabic  1.-  Wind-off  Frequencies  of  Primary  Vibration 
Modes  of  1/6-scale  F-111A  Model  at  A = 26' 


Vibration  Mode 

Frequeiicy,  Hz 

1st  Wing  Bending 

27 

2nd  Wing  Bending 

98 

1st  Wing  Torsion 

189 

2nd  Wing  Torsion 

284 

Table  2.-  Wind-off  Frequencies  of  Primary  Vibration 
Modes  of  1/6-scale  TACT  Models  at  A = 26* 


Vibration  Mode 

Frequency,  Hz 

Steel 

A1 uminum 

1st  Wing  Bending 

20.0 

25.3 

2nd  Wing  Bending  Coupled 
with  Tail  Bending 

89.4 

* 

2nd  Wing  Bending 

95.9 

98.9 

2nd  Wing  Bending  Coupled 
with  Tail  Torsion 

116.0 

* 

1st  Wing  Torsion 

140,0 

156.0 

3rd  Wing  Bending 

234.0 

240.0 

2nd  Wing  Torsion 

256.0 

* 

*Not  identified 

Table  3.-  Computed  and  dround  Vibration  Test  Frequencies  of  Identi'^ied  Vibration 
Modes  on  the  F-5A  Aircraft 


1 

Modes 

Computed 

F(Hz) 

Ground 

Vibration 

Test 

Frequency  (Hz) 

Description  of  Motion 

1 

4.049 

4.45 

1st  Wing  Bending,  Fuselage  Bending 
(wingtip  and  fuselage  nose  are  out  of 
phase) 

2 

6.522 

6.60 

1st  Wing  Torsion 

3 

8.378 

10.2 

1st  Fuselage  Bending,  Wing  Bending 
(wingtip  and  fuselage  nose  are  in 
phase) 

4 

16.983 

17.20 

1st  Horizontal  Stabilizer  Bending 

5 

18.850 

18.40 

2nd  Wing  Bending,  Fuselage  Bending 
(wingtip  and  fuselage  nose  are  out  of 
phase) 

6 

21.989 

2nd  Fuselage  Bending,  Wing  Bending, 
(wingtip  and  fuselage  nose  are  in 
phasel 

7 

31.C37 

3rd  Fu'.elage  (Forward  Fuselage)  Bending 

8 

36.620 

2nd  Wing  Torsion,  Forward  Fuselage 
Bending 

Fig..  1 Scope  of  buffet  research  at  NASA  Ames 
Research  Center. 


Fig.  2 1/6-scale  semispan  model  of  F-lllA. 
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o lower  surface  of  wing 
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Fig.  4 Location  of  mean  and  dynamic  instrumentation  \ 

on  1/6-scale  of  F-lllA  model.-  i 


Fig.  5 Mean  and  fluctuating  pressures  on 
1/6-scale  F-lllA  model  at  n = 0.602 
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Fig.-  15  Fluctuating  pressures  on  1/6-scale  TACT  models  for  A = 26 


:o3 


AIRFOIL  SECTION 
AREA  (REFERENCE) 

SPAN  (CLEAN  TIPS) 

ASPECT  RATIO 
TAPER  RATIO 
SWEEPBACK  (26%  CHORD) 
MEAN  AERODYNAMIC  CHORD 
DIHEDRAL  ANGLE 
INCIDENCE  ANGLE 


NACA  65A004  8 (MODIFIED) 
15  79m2  (170  00  It’) 

7 696  m ( 25  25  ft) 

3 75 
20 
24 

2 356m(  7 73  ft) 

0 

0 


• STATIC  AND  DYNAMIC  PRESSURE  TRANS 
DUCERS  (NUMBER  IN  PARENTHESES 
INDICATES  TRANSDUCERS  ON  LOWER 
WING  SURFACE) 


• ACCELEROMETERS  (1  270m)  (2362m) 


Fig.  23  Basic  dimensions  of  F-FA., 


Fig.:  24  Locations  of  dynamic  instrumentation 
on  F-5A., 


Fig.  25  Mean  and  fluctuating  pressures  on  1/7-scale  model  of  F-5A  at  M = 0.925,  R = 2.49  x 10^. 


I.  (NAn*l'/Ht.  MODEL 


G.  (N/tn>)>/Hi.  AIRCRAFT 


A STING  ANO  BALANCE  BENDING.  6.6 
B BALANCE  ROLL.  13  6 Hx 

C MODEL  WING  Ut  SYMMETRICAL  BENDING.  S3  5 Hx 
D RIGID  ROLL  PLUS  WING  ANTI  SYMMETRICAL  BENDING.  62  Hx 
E WING  ANTI  SYMMETRICAL  BENDING.  83  7 Hx 
E STING  AND  SUPPORT  SYSTEM  TORSION.  10S  Hx 
0 WING  2nd  SYMMETRICAL  BENDING.  170  Hx 


1 10  10^  10^ 
I.  Hx 


Fig.  29  Power  spectral  density  of  right  wing  tip 
acceleration  on  1/7'Scale  F-5A  model  at 
M = 0.75,  a = 8°,  R = 4.71  x 10°. 


Q.  IN'm*|T/Hl.  MOOEL 


3-1 


PREDICTION  OF  TRANSONIC  AIRCRAFT  BUFFET  RESPONSE 

Atlee  M.  Cunningham,  Jr.,  Project  Structures  Engineer 
David  B.  Benepe,  Sr.,  Design  Specialist,  Aerodynamics 
General  Dynamics'  Fort  Worth  Division,  Fort  Worth,  Texas  76101  U.S.A. 


SUMMARY 

A method  for  predicting  aircraft  buffet  response  is  briefly  reviewed  in  this  paper. 
Rigid  wind  tunnel  model  fluctuating  pressure  data  are  used  to  form  buffet  forcing  func- 
tions to  which  airplane  responses  are  calculated  with  a mathematical  dynamic  model  of 
the  airplane.  Buffet  pressure  data  on  the  wing  are  used  to  estimate  fluctuating  loads 
on  the  horizontal  tail.  By  including  the  extremes  of  phasing  and  contributions  of 
symmetric  and  antisymmetric  airplane  responses,  predicted  upper  and  lower  bounds  are 
established. 

The  method  is  applied  to  a variable  sweep  fighter  aircraft  and  predicted  results 
are  compared  with  flight  test  data.  The  types  of  buffeting  flow  considered  for  various 
wing  sweep  angles  Include  separated  and  vortex  flows  as  well  as  oscillating  shocks. 

The  current  method  is  compared  with  three  other  methods  in  the  correlation  with  flight 
test  data.  The  inherent  scatter  of  flight  data  is  discussed  as  well  as  probable  sources 
of  the  scatter.  A mechanism  is  described  by  which  wing  torsional  motion  and  shock 
oscillation  couple  to  produce  relatively  severe  buffeting  conditions  at  a forward  wing 
sweep.  The  Importance  of  considering  buffet  fatigue  damage  on  secondary  structure  is 
discussed. 


SYMBOLS 

b 


j.  reference  length 

Fr  aerodynamic  loading  due  to  the  rth  mode 

Fb  aerodynamic  loading  due  to  the  buffeting  pressure  field 

hf(x,y)  deflection  of  the  rth  mode  at  point  x,  y 

®m(x«y)  mass  concentrated  at  point  x,  y 

M free  stream  Mach  number 

Mrs  generalized  mass  in  the  modal  coordinates  for  the 

airplane  dynamic  model 

No  characteristic  frequency  (frequency  centroid  of 

the  power  spectral  density  distribution) 

q free  stream  dyTtamlc  pressure 

qr  generalized  coordinate 

Qrs  generalized  force  in  the  rth  mode  due  to  aerodynamics 

in  the  sth  mode 

Qr  generalized  force  In  the  rth  mode  due  to  the  buffeting 

pressure  field 

a wing  angle  of  attack 

Ap(x,y  ,u)  buffeting  pressure  amplitude  at  point  x,  y and  frequency  (•> 

phase  angle  between  points  i and  j for  the  buffeting 
pressure  field  at  frequency  <•> 

\ wing  sweep  angle 

«l(  ut)  power  spectra  of  the  uuffeting  pressure  field  at 

point  i and  frequency  u 


circular  frequency 
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1.  INTRODUCTION 

The  design  of  a highly  maneuverable  fighter  aircraft  that  operates  well  beyond  the 
buffet  onset  boundary  must  take  into  account  the  high  angle  of  attack  buffet  character- 
istics of  that  aircraft  in  order  to  maximize  its  effectiveness  as  a weapons  system. 

These  characteristics  impose  limits  in  addition  to  those  defined  by  strength  and  stability 
requirements.  The  limiting  factors  are  varied,  as  discussed  by  John^,  and  may  include 
vibration  levels  and  frequencies  at  critical  airframe  locations  where  such  items  as  a 
tracking  radar  antenna  or  a gyro  might  be  located.  Less  quantifiable  limits  are  those 
established  by  environmental  requirements  at  the  pilot's  seat  or  by  structural  fatigue 
of  certain  structural  members.  Although  buffet  does  not  normally  cause  fatigue  problems 
with  primary  structures,  secondary  structures,  especially  leading  and  trailing  edge 
sections  of  wings,  fins,  or  tails  and  control  surfaces,  are  highly  susceptible  to  buffet- 
ing loads.  As  a result,  the  designer  is  faced  with  "grey  area"  design  constraints  caused 
by  buffet  that  are  analogous  to  ride  quality  requirements  with  respect  to  atmospheric 
turbulence.  More  importantly,  however,  the  designer  does  not  have  adequaie  rjols  avail- 
able for  predicting  buffet  characteristics  without  resorting  to  some  sort  of  wind  tunnel 
experiment.  Thus,  buffet  considerations  are  difficult  to  include  in  preliminary  aircraft 
design.  Their  impact  is  not  usually  felt  until  the  airplane  is  in  the  detailed  design 
stage  or  later,  hence  the  improvement  of  buffet  characteristics  is  often  accomplished 
with  "add-on"  fixes  such  as  leading  edge  slats  or  vortex  generators. 

John^  has  presented  a survey  of  the  various  methods  available  in  Europe  for  pre- 
dicting transonic  buffet  characteristics  beyond  buffet  onset.  A more  recent  European 
development  is  the  method  proposed  by  Jones*  and  applied  by  Butler  and  Spavins^.  This 
method  makes  use  of  force  model  test  results  (which  are  usually  available  at  an  early 
stage  in  the  design  process)  to  predict  the  buffet  characteristics  of  a full  scale  air- 
plane. All  of  these  methods  require  wind  tunnel  model  testing  of  some  kind. 

Methods  which  have  been  developed  in  the  USA  are  similar  to  those  in  Europe  in  that 
wind  tunnel  model  testing  is  required.  The  testing  of  a dvnamically  scaled  model  was 
performed  by  Hanson^  in  order  to  obtain  buffet  data  which  he  extrapolated  to  full  scale. 

The  methodology  developed  by  Mullans  and  LemleyS  makes  use  of  fluctuating  pressure  data 
to  form  a buffet  forcing  function  to  which  airplane  response  is  calculated.  This  method 
is  similar  to  that  outlined  by  Johnl  except  that  it  accounts  for  aerodynamic  forces  due 
to  airplane  response  only  through  a viscous  damping  coefficient  unique  to  each  natural 
mode.  John's  approach  correctly  considers  aerodynamic  forces  due  to  displacement, 
velocity,  and  acceleration  of  the  lifting  surfaces. 

Tlie  method  presented  in  this  paper^*^  is  similar  to  that  of  Mullans  and  Lemley, 
but  is  more  closely  related  to  that  of  John.  Fluctuating  pressure  data  obtained  from  a 
rigid  scaled  wind-tunnel  model®  is  used  to  predict  full  scale  buffet  response.  The  pre- 
diction method  requires  unsteady  aerodynamic  forces  due  to  airplane  response,  and  natural 
airplane  modes  of  vibration.  A gust  response  computer  program  is  used  to  calculate  buffet 
response  due  to  the  forcing  function  which  has  been  obtained  from  the  fluctuating  pressure 
data.  A unique  feature  of  the  prediction  method  is  the  definition  of  upper  and  lower 
bounds  on  full  scale  - buffet  response.  Synmetrlc  and  antisymmetric  responses  are  com- 
bined to  form  these  bounds  for  both  power  spectral  densities  and  RMS  values  of  response 
as  a function  of  angle  of  attack  and  Mach-altltude-sweep  conditions.  The  effects  of 
static  aeroelasticlty  and  horizontal  tail  loads  are  included  and  discussed. 

An  extensive  comparison  of  the  predicted  bounds  with  flight  test  results  is  given 
in  this  paper  to  verify  the  method's  capability.  Correlation  with  flight  test  is  compared 
with  similar  results  from  References  3,  4 and  5.  The  statistical  nature  of  buffet  is 
examined  in  order  to  account  for  the  scatter  of  flight  test  data  encountered  in  this  and 
other  investigations.  A mechanism  is  described  i.n  which  wing  torsion-motion  couples  with 
normal  shock  oscillation  on  the  wing  to  produce  a relatively  severe  buffeting  condition  at 
a forward  wing  sweep.  Finally,  the  importance  of  buffet  on  the  fatigue  life  of  secondary 
structure  is  discussed, 

2.  THE  BUFFET  PREDICTION  METHOD 

The  prediction  method  presented  in  this  paper  is  an  outgrowth  of  a wind-tunnel  study 
conducted  at  the  NASA  Ames  Research  Center  to  determine  the  nature  of  fluctuating  pressures 
during  buffeting  flow  at  subsonic  and  transonic  speeds®.  The  wind  tunnel  model  used  was  a 
rigid  1/6  scale  semi-span  nodel  of  a variable  sweep  fighter  bomber.  The  wing  could  be 
swept  from  16°  to  72.5°  and  was  he.o'ily  Instrumented  with  high  response  pressure  trans- 
ducers. Since  it  was  desired  to  correlate  the  model  data  with  flight  test  results,  a 
supporting  study  was  initiated  at  the  Fort  Worth  Division  of  General  Dynamics  under 
Contract  to  the  NASA  ARC  to  collect  and  analyze  flight  test  data  and  to  develop  and  eval- 
uate a means  for  performing  the  correlations.  Some  results  of  the  flight  test  data 
analysis  were  presented  by  the  writers  in  References  9 and  10.  These  results  were 


mmaamm 


invaluable  in  the  development  of  the  prediction  method  and  are  referred  to  throughout 
this  paper. 

2.1  Basic  Assumptions 
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The  fundamental  assumption  in  the  development  of  the  method  was  that  the  buffeting 
forces  are  not  coupled  with  airplane  motion.  Although  it  was  known  that  torsional  motion 
could  couple  with  shock  oscillations  to  produce  very  strong  buffet,  the  above  assumption 
was  made  as  a matter  of  expediency  in  order  to  evaluate  the  importance  of  this  or  any 
other  coupling  mechanism  that  might  exist  under  high-angle  of  attack  buffeting  conditions. 
These  aspects  will  be  discussed  further  in  a later  section  of  the  paper. 

Rejnold's  number  effects  were  assumed  negligible  by  necessity.  Until  cryogenic  wind 
tunnels  or  some  other  form  of  high  Reynold's  number  facilities  are  operational  and  prac- 
tical, these  effects  cannot  be  considered  in  the  prediction  of  full  scale  buffet  response 
based  on  wind  tunnel  data  of  any  form  taken  from  small  scale  models.  Ignoring  these 
effects  should  add  to  the  conservatism  of  the  prediction  method  at  high  angles  of  attack. 
This  speculation  is  based  on  some  Reynold's  number  effecus  shown  by  Johnl  and  Butler  and 
Spavins^  as  will  be  discussed  later  in  the  paper. 

As  a result  of  the  above  assumptions,  the  prediction  of  buffet  response  reduced  to 
a problem  which  was  identical  to  the  prediction  of  gust  response  of  a flexible  airplane. 
Hence,  the  method  was  developed  around  an  existing  dynamic  response  procedure  and  its 
required  input.  The  procedure  solves  the  equations  of  motion  for  a total  airplane  subject 
to  an  arbitrary  harmonic  forcing  function!^.  Rigid  body  as  well  as  elastic  modes  are  used 
in  the  model,  hence  the  airplane  must  be  aerodynamically  balanced.  The  equations  of  motion 
are  expressed  in  terms  of  the  generalized  coordinates,  qr,  in  the  following  matrix  form 

I Ars  I I 1r } “ “ I ^rf  | 


where 


tr 

^r 

Mrs 

Qrs 

Qrf 

i 

The  Mrs 


where 


P 

br 

A 

ht(x.y) 

and 


I 1 - (f^)^l+ifr)  - 

Mps  Qrs» 

undamped  natural  frequency  of  the  rth  normal  mode 

structural  damping  coefficient  of  the  rth  mode 
(assumed  as  > 0.03) 

ratio  of  viscous  damping  to  critical  damping 
generalized  mass 
generalized  aerodynamic  force 
generalized  forcing  function 

terms  are  defined  as 

Mrs  - — fl  hr(x,y)hs(x,y)fTm(x,y)dxdy 

4pb3o>2  A 

atmospheric  density 
reference  length 
configuration  area 

deflection  of  the  t*^^  mode  at  point  x,y 
mass  distribution  per  unit  area  at  point  x,y 


Qrs  ~ 


hr(x.y)  4ps(x,y,.,)dxdy 


(2) 


(3) 
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where 

(o  = exciting  frequency 

“ pressure  distribution  amplitude  induced  at  point  x,y 
by  the  sth  mode  oscillating  at  frequency, w. 

For  Qj-g  terms,  the  pressure  distributions  are  calculated  with  either  the  subsonic 
doublet  latticel2  gr  supersonic  Mach  box^3  method  depending  on  Mach  number.  The  Qrf 
terms  are  computed  with  Equation  3,  but  the  pressure  distributions  are  obtained  from 
the  buffet  pressure  data  as  will  be  discussed  in  the  next  section.  The  natural  modes 
of  the  airplane  are  calculated  with  a stiffness  matrix  method  which  uses  a finite  element 
model  of  the  entire  airplanel^.  Figure  1 shows  the  flow  of  data  from  input  to  final 
output. 

2.2  The  Buffet  Forcing  Function 

The  buffet  forcing  function  is  the  unique  ingredient  in  the  prediction  method  which 
distinguishes  it  from  conventional  dynamic  response  methodology.  Referring  to  Figure  1, 
the  process  of  converting  wind  tunnel  power  spectral  densities  (PSD's)  into  a generalized 
forcing  function  is  a three  step  process.  First,  the  wind  tunnel  data  is  transformed 
into  a complex  pressure  distribution  over  the  wing  for  each  frequency  at  which  a PSD 
estimate  is  made.  These  pressures  are  used  in  conjunction  with  the  doublet  lattice  un- 
steady aerodjniamic  matrices  to  calculate  estimated  pressures  induced  on  the  horizontal 
tail  by  downwash  produced  by  the  wing  buffet  pressures.  Finally,  the  wing  and  tail 
pressures  are  used  in  the  doublet  lattice  program  to  calculate  the  generalized  forcing 
function  terms,  QrB  the  Fb  terms  for  shear,  bending  moment  and  torsion  on  the  wing 
and  tail. 

The  following  paragraphs  will  describe,  (1)  the  means  by  which  static  aeroelastic 
effects  are  accounted  for,  (2)  the  conversion  of  wind  tunnel  data,  (3)  the  calculation 
of  horizontal  tail  buffet  pressures,  and  (4)  the  calculation  of  the  QrB  and  Fb  terms, 

2.3  Calculation  of  Static  Aeroelastic  Effects 


The  wind  tunnel  buffet  pressure  data  is  obtained  from  a rigid  model  and  hence  does 
not  represent  the  real  world  flexible  airplane  in  flight.  In  order  to  approximately 
account  for  static  aeroelastic  effects,  the  rigid  angle  of  attack  values,  orig)  used  in 
the  wind  tunnel  tests  are  modified  with  the  appropriate  ratio  of  flexible  to  rigid  lift 
coefficients  taken  from  the  theoretical  aeroelastic  analysis  of  the  airplane  being  studied. 
Thus,  the  buffet  response  calculated  for  a given  orig  is  used  to  predict  airplane  response 
at  a value  ofiex  determined  according  to  the  Mach-altitude-sweep  condition.  Since  the 
flexible  to  rigid  wing  lift  coefficient  ratio  is  always  less  than  unity  for  this  airplane, 
of lex  is  always  greater  than  orig.  This  technique  provides  an  approximate  account  for 
static  density  effects  only  and  not  Reynold's  number  effects. 

The  inclusion  of  static  aeroelastic  effects  adds  a degree  of  realism  although  it  is 
not  exact  as  is  done  in  the  present  method.  It  is  assumed  that  static  aeroelastic  twist 
has  no  effect  on  the  buffet  pressures  and  that  they  are  a function  of  total  normal  force 
on  the  wing.  It  is  known  for  the  subject  airplane  that  static  twist  tends  to  soften  the 
buffeting  pressures,  in  particular  those  due  to  strong  shock  oscillation.  Thus,  predic- 
tions should  still  be  conservative  as  will  be  shown  by  the  results  when  compared  to 
flight  test  data. 

2.4  Conversion  of  »find  Tunnel  Data 


The  wind  tunnel  data  which  are  used  to  generate  the  buffet  forcing  functions  are 
received  on  magnetic  tape  as  collections  of  PSD's,  cross-PSD's,  phase  angles,  coherency 
functions  and  convection  velocities.  The  data  are  available  for  multiple  sets  of  three 
pressure  transducers  which  are  *-eferred  to  as  x,  y and  z.  A complete  coverage  of  the 
transducers  on  the  wing  is  available  for  each  Mach  and  angle  of  attack  condition.  A more 
complete  description  oi  this  data  and  the  wind  tunnel  program  is  given  in  Reference  8, 

The  PSD's,  «<>m(‘'i).  and  phase  angles,  ^mnO'i).  are  taken  from  the  tapes  and  combined 
to  obtain  complex  pressure  distributions  as  illustrated  in  the  following  example.  Con- 
sider the  two-dimensional  distribution  in  Figure  2 where  six  transducers  are  located  along 
the  chord.  Because  the  data  processing  used  at  NASA  ARC  on  the  wind  tunnel  data  requires 
that  the  data  be  composed  of  three  items,  three  sets  are  used  to  describe  the<Am("i)  and 
^mn("i)  for  the  example.  The  first  set  translates  to 


(*x  ><*y  .*z  )i  = (<^1  .*2  ,*3  ) 
(Oxy.exz.»yz)l  = (»12 . «13. »<23) 


The  second  set  to 
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(</>x  .4>y  i4>z  )2  “ ('^’3  >'^4  >*^5  ) 

(6xy> ®xz « ^yz)2  ~ (^34>®35>^45^ 

and  so  on  where  each  term  is  a function  of  frequency.  The  4>7  may  be  a repeat  of  <f>6  or 
'ome  other  quantity  which  is  not  needed. 

The  main  problem  of  translating  the  above  data  into  a complex  pressure  function  is 
determining  the  reference  point  from  which  the  phase  angle  is  measured.  Currently,  a 
point  is  chosen  as  the  "leading  edge"  point  and  its  phase  angle  is  set  a*-  zero.  Points 
which  are  forward  of  that  location  are  set  to  zero  in  both  phase  and  ampj-itude.  In  this 
manner  the  effect  of  partial  separation  can  be  simulated.  The  reference  point  is  deter- 
mined by  scanning  the  PSD's  and  the  coherency  functions.  The  coherency  functions  are 
usually  low  for  points  forward  of  the  shock  or  separation  point.  Aft  of  this  point, 
good  correlation  is  indicated  particularly  for  adjacent  transducers. 

For  the  example,  let  the  reference  be  the  second  transducer.  Thus,  the  amplitudes 
become 


= 0 


6i  = 0 


4>2  ~ 

*^3  ” *^3 
4>4  = <i>4 

<^5  = 

<#*6  - 


02  ' 0 

^3  ~ ^23 

04  = 023  + 034 

05  = 023  + 034  + 045 

06  •=  023  + 034  + 045  + 056 
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and  the  complex  pressure  distribution  is 


q y (Aw)i 


4p2(wj) 
q /(Mi 


j </>2(‘^i) 


% 


^P3(<^i) 

q 


exp  i02(cj£) 


The  value  is  the  finite  bandwidth  used  in  the  NASA  ARC  spectral  analysis.  In  this 

scheme,  only  phase  angles  between  adjacent  transducers  are  used  since  their  coherency  is 
higher,  thus,  a higher  confidence  can  be  placed  in  the  cross  correlations.  The  (Au)i 
quantity  is  retained  In  the  pressure  distributions  since  it  varies  with  (i>i  in  the  NASA  ARC 
spectral  analysis  procedure. 

In  the  treatment  of  an  entire  wing  as  opposed  to  a two-dimensional  case,  several 
chords  must  be  treated  and  the  spanwlse  phase  angle  must  be  accounted  for.  In  each  chord 
a reference  point  is  selected  and  a set  of  transducers  is  assigned.  The  phase  angle  con- 
struction proceeds  for  each  chord  in  the  manner  described  above.  The  spanwlse  data  are 
used  to  determine  the  proper  absolute  phase  angles  for  each  chord.  These  data  are  the 
fluctuating  spanwlse  loadings  and  are  received  in  the  same  form  of  ^mn  before. 

Hence,  they  are  processed  in  the  same  manner  as  the  chordwise  data  with  the  Inboard  span 
station  designated  as  the  reference  point. 

The  spanwlse  data  are  physically  calculated  as  integrals  of  the  chordwise  data  at 
each  span  station.  Thus,  phase  angles  of  the  Integral  of  the  processed  chordwise  pres- 
sures must  be  equal  to  those  of  the  processed  spanwlse  loadings  at  each  span  station. 

The  complex  chordwise  pressures  are  processed  directly  as 
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4pmn(‘^i) 

4P[nn(t<Ji) 

^im 

/apS 

q 

which  yields  the  complex  pressure  value  at  the  nth  chordwise  point  on  the  m^h  span  station 
with  the  desired  absolute  phase  angle.  The  terms  on  the  right  hand  side  are 


^Pmn  (‘^i) 
q 


complex  pressure  with  phase  angle  referenced  to  zero 
at  the  leading  edge 


f< 


= complex  span  loading  at  the  m^h  station 
= complex  conjugate  of  the  chordwise  integral  of 
^Pmn(t*Jj) 


These  data  are  written  on  a magnetic  tape  and  are  valid  for  a single  Mach-a  condition 
since  Reynold's  number  effects  cannot  be  considered  and  have  been  minimized  as  much  as 
possible,  as  previously  discussed. 


2,5  Calculation  of  the  Horizontal  Tail  Buffet  Pressures 

Q 

Horizontal  tail  buffet  pressures  were  not  measured  in  the  wind  tunnel  test  program  ; 
however,  in  the  prediction  of  airplane  buffet  response,  these  data  were  needed  for  the 
forcing  function.  Thus,  a method  was  developed  with  which  the  tail  pressures  could  be 
estimated  with  linear  theory  aerodynamic  matrices.  It  was  assumed  that  the  wake  in  the 
vicinity  of  the  horizontal  tail  due  to  buffeting  pressures  on  the  wing  could  be  predicted 
with  doublet  lattice  unsteady  aerodynamic  influence  coefficients  from  a known  wing  load 
distribution.  Such  an  assumption  is  not  unreasonable  for  distances  of  several  panel 
chords  downstream. 


In  matrix  form,  the  aerodynamic  problem  is 


Aww 

Awt 

Pwj 

I '^w 

. Atw 

Att  - 

. Pti 

Iwt 

where  the  aerodynamic  influence  coefficient  submatrices  are 
Aww  “ wing  on  wing 

Awt  “ tail  on  wing 

Atw  “ wing  on  tail 

Att  “ tail  on  tail 

and 

|pw|  > ~ pressure  and  downwash  on  the  wing 

|pt|  > I'^tj  “ pressure  and  downwash  on  the  tail 

Since  the  wing  is  buffeting,  pw  is  known  from  the  wind-tunnel  data  as  pwg.  The  horizontal 
tail  is  usually  at  a negative  angle  of  attack  during  a high-n  maneuver;  hence,  it  is 
assumed  to  be  in  a buffet  free  condition.  Also,  the  tail  upper  surface  is  effectively 
the  only  portion  feeling  the  buffeting  wake  from  the  wing  upper  surface;  thus, 

1/2  I Afv,  I j Pv^  j + I Af^  ] I P(.gj  = I W(.j,  I “ 0 

which  yields 

I PtB  I = |Acw]  |p,,b1  (4) 

With  this  form,  all  that  is  necessary  to  obtain  ptB  from  pwB  is  to  calculate  the 
doublet  lattice  unsteady  aerodynamic  matrices  at  the  same  frequencies  for  which  wind 
tunnel  data  PSD  estimates  are  made.  In  actual  practice,  the  matrices  are  not  calculated 


directly  at  all  frequencies  but  are  interpolated  from  a smaller  set  since  about  forty 
frequencies  are  used.  Otherwise,  the  cost  would  be  prohibitive. 

2 . 6 Calculation  of  the  Buffet  Q^B  and  Fb  Terms 
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Once  the  horizontal  tail  pressures  are  obtained  as  discussed  above,  the  doublet 
lattice  program  is  used  to  combine  the  buffet  pressures  with  normal  modes  to  obtain  £he 
generalized  forcing  function  terms,  QrB>  Th®  program  is  also  used  to  determine  the  Ffi 
terms  for  shear,  bending  moment,  and  torsion  on  the  wing  and  horizontal  tail  due  to 
buffet  pressures. 


The  first  step  in  using  the  doublet  lattice  program  is  to  interpolate  the  buffet 
pressure  values  at  the  transducer  locations  to  the  load  points  on  the  doublet  lattice 
panels.  This  is  done  to  obtain  the  actual  values  of  Pwb  used  in  Equation  4 above.  The 
values  of  PtB  are  already  at  the  panel  points  on  the  tail  and  do  not  require  interpola- 
tion. The  surface  spline  technique  of  Harder  and  DesmaraislS  is  used  which  simulates 
the  deflected  shape  of  an  infinite  plate  pinned  at  the  points  which  are  being  interpo- 
lated from.  After  interpolation,  ptB  is  calculated  and  then  used  in  conjunction  with  P>wb 
in  the  doublet  lattice  program  to  obtain  the  Qrfi  and  Fb  terms  with  the  same  procedure  used 
to  calculate  the  Qrg  and  Fr  terms  discussed  earlier  (Equation  3) . 

2.7  Buffet  Response  Prediction 

With  the  input  data  completed  for  the  dynamic  response  program,  the  final  step  in 
Figure  1 is  to  calculate  the  buffet  response  in  terms  of  accelerations,  loads,  and 
moments.  Predictions  are  made  for  both  pure  symmetric  and  antisymmetric  airplane  motions. 
Since  flight  test  results^*^^  indicate  that  the  airplane  response  is  usually  asymmetric, 
even  in  a "pure"  symmetric  maneuver,  both  the  symmetric  and  antisymmetric  responses  are 
combined  to  produce  an  upper  and  lower  bounds  on  buffet  characteristics.  These  bounds 
are  given  as  a function  of  angle  of  attack  at  a particular  Mach-altitude-sweep-gross 
weight  configuration.  Since  airplane  buffet  is  subject  to  many  variables  other  than 
those  already  accounted  for  (such  as  pilot  characteristics  and  atmospheric  conditions) 
the  concept  of  a predicted  bounds  seems  to  be  a very  attractive  means  for  treating  the 
high  intensity  buffet  problem. 


The  upper  and  lower  bounds  spectra,  i^u  and  4>l»  are  based  on  the  following 
assumptions : 


1.  The  maximum  response  possible  is  obtained  when  both  symmetric 
response  spectra,  <frs,  and  antisymmetric  spectra,  </>a,  are  in 
phase  and  100%  active  at  all  frequencies: 

«u  - [*s^  + 

2.  The  minimum  response  possible  is  obtained  when  (1)  d»s  and 
are  100%  act<ve  and  180°  out  of  phase,  (2)  <i>s  is  active  only, 
or  (3)  <<>A  is  active  only: 


(5) 


(6) 


Hie  ifru  and  can  also  be  used  to  obtain  upper  and  lower  bounds  on  the  RMS  values  of 
response.  Examples  of  both  will  be  presented  in  the  application  of  the  method: 


Equations  5 and  6 represent  two  extremes  between  which  all  flight  test  results 
should  fall.  Since  100%  excitation  is  not  possible,  it  would  be  expected  that  excursions 
outside  of  the  bounds  would  be  more  frequent  for  the  lower  than  the  upper.  Hence,  the 
norm  of  the  flight  test  data  for  all  cases  should  be  weighted  toward  the  lower  bounds. 


3.  APPLICATION  OF  THE  PREDICTION  METHOD 


Throughfut  the  development  of  the  prediction  method,  extensive  comparisons  with 
flight  test  data  have  been  made  in  order  to  determine  the  importance  of  various  phenom- 
enon. This  section  presents  a summary  of  the  more  important  effects  as  well  as  an 
assessment  of  the  capability  of  the  method  for  a wide  variety  of  Mach-altitude-wing  sweep 
gross  weight  configurations.  For  sake  of  brevity,  most  of  the  results  will  be  given  in 
integrated  form  rather  than  PSD's.  The  wing  loads  are  taken  at  an  inboard  span  station 
called  "wing  station  1"  in  References  9 and  10,  and  thus  are  not  exactly  the  root  wing 
loads . 


1 •" 
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3.1  Effects  of  Static  Aeroelasticity 

Shown  in  Figure  3 are  the  predicted  upper  and  lower  bounds  RMS  values  for  the  wing 
bending  moment  and  the  corresponding  characteristic  frequencies.  No-  Also  shown  are  the 
flight  test  results  at  the  same  configuration  (given  in  the  Figure).  The  No  is  the  fre- 
quency centroid  of  the  PSD  curve;  hence,  its  use  in  conjunction  with  the  RMS  provides  a 
much  better  means  for  comparing  integrated  quantities.  It  is  also  interesting  to  note 
the  variation  of  No  with  a in  the  results  to  be  presented. 

Figure  3 illustrates  the  improvement  of  agreement  with  flight  test  results  if  the 
predicted  a values  are  shifted  according  to  the  flexible  to  rigid  lift  coefficient  ratio. 
The  plots  on  the  left  are  shown  with  the  predictions  plotted  at  the  rigid  values  of  a 
from  the  wind  tunnel  data.  The  right  hand  plots  use  the  flexibilized  value  of  o.  In 
both  cases  the  flight  test  data  are  plotted  at  their  actual  a values.  All  of  the  pre- 
dictions to  be  given  in  the  following  paragraphs  will  be  shown  as  functions  of  the  flexi- 
ble a values. 

3.2  Asymmetric  Responses 

The  examination  of  flight  buffet  data  has  clearly  shown  that  in  general  the  airplane 
responds  in  an  as3Tnmetric  manner  under  high  intensity  buffet^*^®.  The  presence  of  major 
response  in  both  S3mimetric  and  antisymmetric  modes  led  to  the  formulation  of  the  upper 
and  lower  bounds  concept  as  the  only  reasonable  means  by  which  airplane  buffet  response 
could  be  predicted.  Thus,  such  uncontrollable  items  as  pilot  characteristics,  atmospheric 
turbulence,  airplane  mass  and  geometric  as5mimetries , and  control  system  inputs  could  be 
covered  to  a large  extent. 

An  example  of  an  upper  and  lower  bounds  PSD  plot  as  defined  by  Equations  5 and  6 

is  shown  in  Figure  4 for  the  wing  tip  accelerometer.  Comparison  is  made  with  both  the 

right  and  left  wing  tip  results  from  flight  test.  It  will  be  noted  that  even  though 
there  is  a wide  separation  between  the  bounds,  there  are  several  points  at  which  the 
flight  test  data  confirms  the  difference.  At  about  12,  21,  a, id  27  Hz,  the  right  and  left 
wing  tips  indicate  such  a super-positioning  of  symmetric  anu  antisymmetric  responses. 

The  exceedance  of  the  upper  bounds  from  about  15  to  21  Hz  do  not  occur  at  the  higher 
angles  of  attack. 

Another  example  of  the  upper  and  lower  bounds  is  shown  in  Figure  5 to  illustrate 
variation  with  a.  This  prediction  is  for  the  wing  bending  moment  (same  condition  as 
in  Figure  4)  and  a comparison  is  made  with  one  wing  only.  These  plots  are  the  PSD's 

for  the  RMS-No  results  given  in  Figure  3.  Comparison  of  Figures  3 and  5 shows  how  the 

change  in  spectral  shape  toward  the  first  wing  bending  modes  (sym.=4.8  Hz,  anti. =7, 4 Hz) 
with  increasing  buffet  intensity  is  reflected  by  a steady  decrease  in  Nq.  It  is  also 
interesting  to  note  that  the  first  symmetric  bending  mode  frequency  has  increased  from 
4.8  Hz  to  about  5.5  Hz  as  a result  of  aerodynamic  stiffening.  The  flight  test  data  are 
well  bounded  by  the  predictions. 

3 . 3 Effect  of  Horizontal  Tail  Loads 


During  the  prediction  method  development  the  effect  of  adding  horizontal  tail 
unsteady  aerodynamics  and  buffet  loads  were  studied.  Shortcomings  of  the  initial  pre- 
diction method  which  used  wing  aerodynamics  only,  led  to  this  investigation.  However, 
measured  buffet  pressure  data  were  not  available  for  the  horizontal  tail  since  the  model 
was  not  instrumented  as  such.  Thus,  the  semi-empirical  scheme  which  used  the  doublet 
lattice  aerodynamic  matrices  as  described  in  the  previous  section  was  developed. 

The  results  shown  in  Figure  6 illustrate  the  effect  of  varying  horizontal  tail  loads 
on  the  wing  shear.  The  wing  alone  results  are  obtained  with  wing  buffet  pressures  and 
wing  unsteady  aerodynamics.  For  this  simulation,  the  lower  bounds  seems  to  be  more 
representative  of  the  flight  data  and  the  No  plot  does  not  agree  at  all.  The  PSD's  for 
this  case  verified  the  disagreement.  The  second  solution  with  total  airplane  unsteady 
aerodynamics  and  full  horizontal  tail  buffet  loads  showed  a significant  Improvement, 
particularly  for  the  No  comparison  as  was  reflected  by  the  PSD's.  It  was  apparent, 
however,  from  examination  of  the  horizontal  tail  pivot  loads,  from  both  flight  test  and 
prediction  that  the  tail  buffet  pressures  were  too  high.  Further  thought  on  the  matter 
led  to  the  conclusion  that  the  estimated  tail  buffet  pressures  should  be  divided  by  two. 
This  conclusion  was  based  on  the  fact  that  at  high  angle  of  attack,  the  buffet  wake  which 
leaves  primarily  from  the  wing  upper  surface  has  very  little  effect  on  the  tail  lower 
surface.  This  effect  is  further  emphasized  by  the  tail  being  at  negative  incidence  rela- 
tive to  the  wing.  The  final  solution  with  1/2  horizontal  tail  buffet  loads  as  shown  in 
Figure  6 verifies  the  reasoning  in  that  the  RMS  loads  are  well  bounded  and  the  Nq  results 
show  excellent  agreement.  (This  solution  has  another  variation  included  where  the  wing 
first  torsion  frequencies  of  the  airplane  and  wind  tunnel  model  were  matched  which  reduced 
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the  frequency  limit  of  the  prediction  from  38  to  31  Hz.  The  frequency  matching  contribu- 
tion to  the  improved  agreement  was  insignificant  compared  to  that  due  to  using  1/2  tail 
buffet  loads.) 

Figure  7 shows  the  effect  of  the  same  variation  of  horizontal  tail  buffet  loads  on 
the  wing  tip  accelerometer  predictions.  For  this  response  item,  the  final  method  does 
not  appear  to  be  any  more  accurate  than  the  wing  alone  method.  Since  the  wing  tip 
accelerometer  is  sensitive  to  all  wing  modes  and  the  wing  root  shear  is  more  affected  by 
the  lower  wing  bending  modes  this  is  not  surprising.  Total  airplane  motion  which  is 
affected  by  the  horizontal  tail  has  a greater  influence  in  the  lower  wing  mode  responses, 
hence  it  would  be  expected  to  significantly  affect  the  wing  root  loads.  Likewise,  it 
would  not  have  as  great  of  an  Influence  on  the  higher  wing  modes  which  are  equally  impor- 
tant for  wing  tip  motion. 

Figure  8 shows  the  results  for  the  C.G.  vertical  accelerometer.  Although  the  wing 
alone  results  show  excellent  agreement  for  a = 6.9°  and  11.7°,  they  do  not  have  the 
decrease  in  response  at  a = 14.1°  as  indicated  by  the  flight  test  data.  Also,  since  it 
is  felt  that  it  is  impossible  for  the  airplane  to  respond  at  100%  as  the  wing  alone 
results  show,  the  final  method  is  more  realistic. 

From  this  study  it  was  concluded  that  the  horizontal  tail  was  important  in  the 
prediction  of  airplane  buffet  characteristics  under  conditions  well  beyond  buffet  onset. 

It  also  appeared  that  the  concept  for  estimating  the  tail  buffet  loads  was  correct; 
however,  even  with  the  1/2  factor,  the  predicted  tail  loads  were  high  as  compared  with 
flight  test  data.  It  was  felt  that  if  the  displacement  of  the  wing  wake  relative  to  the 
horizontal  tail  was  accounted  for,  a large  reduction  in  the  tail  loads,  i.e.,  a factor 
of  2 to  4 would  result. 

4,  CAPABILITY  ASSESSMENT  OF  THE  METHOD 

As  a test  of  the  final  version  of  the  prediction  method,  results  were  calculated 
for  a wide  variety  of  flight  conditions  and  compared  with  flight  test  data.  The  com- 
parisons made  in  Reference  6 include  218  PSD's  as  well  as  RMS-No  plots.  Also  included 
are  the  calculated  normal  modes  for  both  sjmmetric  and  antisymmetric  motions  for  all 
wing  sweep-gross  weight  conditions.  Only  a portion  of  the  RMS-No  results  are  presented 
in  this  paper  in  Figures  9-13.  All  predictions  shown  were  obtained  with  total  airplane 
aerodynamics  and  1/2  estimated  tail  loads  as  discussed  above.  The  only  exception  is  the 
last  case  in  Figure  13,  M=1.2,  which  was  restricted  to  a wing  alone  simulation  due  to 
limitations  on  the  supersonic  unsteady  aerodynamics. 

Figures  9 and  10  show  the  effects  of  different  types  of  buffeting  flow  at  subsonic 
speeds  and  \ = 26°.  In  Figure  9,  the  flow  at  M=0.7  is  primarily  of  the  leading  edge 
separation  type  for  which  the  response  exhibits  the  peaky  characteristic  as  discussed 
by  Benepe^.  In  Figure  10,  the  flow  at  M=0.8  is  dominated  by  shocks  on  the  wing  which 
produces  a far  more  severe  buffeting  condition.  Comparison  of  Figures  9 and  10  shows 
that  the  latter  responses  are  more  than  double  those  of  former  as  indicated  by  both 
predictions  and  flight  test  data.  Exceedance  of  the  upper  bounds  by  wing  torsion  should 
be  noted  as  the  only  occurrence  in  the  results  presented  in  this  paper. 

Figures  10,  11  and  12  show  the  effects  of  increasing  sweep  from  26^  to  50°  to  72.5° 
at  about  M=0.8  to  0.85.  Although  gross  weight  and  altitude  are  also  changing,  the  major 
influence  is  due  to  sweep.  In  these  cases,  the  decrease  in  buffet  intensity  with  sweep 
as  shown  by  flight  test  data,  is  well  predicted  with  the  method. 

Figure  13  shows  the  results  for  \ = 50°  and  M=1.2  which  were  obtained  with  a wing 
alone  simulation.  Comparison  with  Figure  10  for  M=0.85  illustrates  primarily  the  changes 
which  take  place  due  to  the  Mach  number  changing  from  subsonic  to  supersonic.  Again, 
the  decrease  in  buffet  intensity  with  increased  Mach  number  is  well  predicted  by  the 
method.  The  supersonic  results  would  be  improved,  however,  if  a total  airplane  simula- 
tion were  used. 

Figure  14  shows  a frequency  plot  of  the  RMS  flight  test  data  for  the  wing  tip 
accelerometer  and  the  wing  shear.  The  data  are  plotted  according  to  how  many  points 
fell  between  various  10%  fractional  bands  of  the  upper  bounus.  For  example,  14  points 
fell  between  20%  and  307,  of  the  upper  bounds  for  the  wing  tip  accelerometer.  Although 
the  sample  is  small,  the  results  shown  in  this  figure  establish  the  fact  that  a reasonable 
relationship  does  exist  between  the  predictions  and  flight  test.  The  data  points  used 
include  all  of  those  shown  in  Figures  9-13. 
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5.  DISCUSSION 

Several  items  appear  in  the  results  just  presented  that  deserve  special  attention. 
The  over  prediction  of  flight  test  data  by  such  a large  margin  as  represented  by  the 
upper  bound  in  Figure  14  would  lead  one  to  conclude  that  the  method  is  unrealistically 
conservative.  Also,  the  data  are  so  scattered  that  it  appears  impossible  to  say  how  well 
the  prediction  method  works  or  how  could  the  method  be  used  as  a practical  tool  in  the 
design  process.  In  contradiction,  the  unconservative  prediction  of  wing  torsion  in 
Figure  9,  and  particularly  in  Figure  10,  would  lead  to  the  conclusion  that  the  method 
is  unrealistic,  period.  Finally,  the  high  frequencies  associated  with  buffet  loadings 
indicate  that  relatively  large  fluctuating  loads  on  secondary  structure  might  lead  to 
fatigue  problems.  Each  of  these  items  will  be  discussed  in  the  following  paragraphs. 

5 . 1 Correlation  of  the  Predicted  Symmetric  Response  and  Other  Methods 

First,  it  should  be  noted  that  the  predictions  for  accelerometer  responses  agree 
better  with  flight  test  results  than  in  the  corresponding  comparison  for  the  loads. 

The  flight  test  data  used  in  the  comparisons  were  obtained  from  a flight  loads  program 
in  which  buffet  loadings  were  a small  fraction  of  the  mean  loads,  i.e.,  on  the  order  of 
2%  - 57o.  The  accelerometer  results  were  obtained  from  instrumentation  which  was  better 
suited  for  the  range  of  measurements  obtained.  Thus,  one  would  expect  less  scatter  and 
greater  accuracy  for  the  measured  accelerations  as  opposed  to  loads.  As  a result,  the 
following  discussion  will  be  concerned  with  accelerometer  data  only. 

The  summary  of  the  comparison  of  predicted  upper  bounds  and  flight  test  results  for 
the  wing  tip  accelerometers  in  Figure  14  do  not  necessarily  indicate  that  a gross  con- 
servatism exists  in  the  current  prediction  method.  The  upper  bound  as  defined  in  this 
paper  is  derived  from  the  assumption  that  the  maximum  possible  response  obtainable  is 
when  symmetric  and  antis3mimetric  motions  are  100%  excited  and  are  in  phase  at  all  fre- 
quencies. Obviously,  this  could  occur  on  only  one  side  of  the  airplane.  It  is  highly 
improbable  that  both  types  of  motion  could  be  1007.  excited  at  all  frequencies;  hence, 
about  50%  excitation  of  both  or  100%  of  one  would  be  more  realistic,  It  is  not  meant  to 
infer  that  the  total  response  should  be  biased,  but  instead  that  the  upper  bound  is  about 
twice  what  should  be  expected  for  integrated  RMS  response  results.  For  some  peaks  in  the 
response  power  spectra,  the  upper  bound  is  reached  as  has  been  shown,  but  for  many  other 
peaks  it  is  not.  Thus,  the  integrated  RMS  response  obtained  from  the  upper  bound  is 
inherently  too  large. 

In  the  case  of  interest,  symmetric  motion  would  be  more  representative  of  the  total 
response  since  the  maneuvers  were  primarily  symmetric,  A log-log  correlation  plot  is 
shown  in  Figure  15  for  the  wing  tip  accelerometer  results  for  the  current  method.  Also 
shown  are  similar  results  from  Butler  and  Spavins  for  a second  aircraft^  and  Mullans  and 
Lemley  for  still  a third^.  The  current  method  results  are  from  symmetric  predictions 
only.  Butler  and  Spavins'  method  makes  use  of  measured  aerodynamic  damping  and  response 
both  as  a function  of  angle  of  attack  from  a rigid  wind  tunnel  model  to  predict  flight 
buffet  response  on  the  first  symmetric  wing  bending  mode.  Thus,  both  predictions  and 
flight  test  results  from  Reference  3 are  for  a single  mode  only.  Mullans  and  Lemley' s 
method  uses  all  symmetric  and  antisymmetric  modes  up  to  a limiting  frequency  equally 
weighted  and  a constant  value  of  aerodynamic  damping  individually  determined  analytically 
as  viscous  damping  for  each  mode.  The  forcing  function  data  for  the  latter  method  are 
determined  from  fluctuating  pressure  data  on  the  wing  of  a rigid  wind  tunnel  model. 

A similar  plot  is  shown  in  Figure  16  for  the  vertical  acceleration  at  the  C.G, 

Since  there  is  no  theoretical  contribution  to  this  response  item  from  antisymmetric 
motions,  no  argument  is  necessary  for  using  the  symmetric  predictions  alone.  These  arc 
the  data  that  are  shown  in  Figures  9-13.  Also  shown  in  Figure  16  is  the  comparison  of 
predictions  and  flight  results  as  given  by  Hanson**.  This  method  is  applied  to  the  same 
type  of  aircraft  that  is  used  with  the  current  method.  Hanson  utilized  a dynamically 
scaled  elastic  model  to  obtain  buffet  response  data  which  was  scaled  up  to  full  scale 
with  a technique  similar  to  Butler  and  Spavins.  The  primary  difference  is  that  Hanson 
used  a damping  ratio  for  the  dominant  mode  to  scale  the  wide  band  RMS  wind  tunnel  data 
as  opposed  to  a single  mode.  He  assumed  that  the  ratio  of  wind  tunnel  model  to  full 
scale  airplane  damping  remained  constant  and  hence  did  not  have  to  measure  damping  as  a 
function  of  angle  of  attack.  For  his  method,  the  dominant  mode  changed  according  to  the 
response  item  of  interest. 

Not  much  is  revealed  in  examination  of  the  correlations  in  Figures  15  and  16  except 
for  some  general  trends.  The  current  method  is  more  conservative  for  higher  responses 
on  the'  average  for  the  wing  tip  accelerometer  and  about  constant  for  the  C.G.  acceler- 
ometer. Also,  the'  data  are*'  more  scattered  at  the  lower  response  levels  for  both  ite'ms 
as  might  be  expected.  The'  results  of  Butler  and  Spavins  are'  more  scattered  and  less 
conserva.ive  on  the  average*'  in  comparison  to  the  current  method.  Mullans  and  Lemley's 
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predictions  are  extremely  conservative.  Hanson's  results  are  slightly  less  conservative 
than  the  current  method  but  are  more  scattered. 

The  results  in  Figures  15  and  16  are  shovm  as  f..equency  distribution  plots  in 
Figures  17  and  18,  respectively.  The  table  below  summarizes  the  mean  and  standard 
deviation  of  each  distribution. 

Table  I STATISTICAL  ANALYSIS  OF  THE  CORRELATION  FREQUENCY  DISTRIBUTIONS 


Number  of 


Method 

Samples 

Mean 

Current 

38 

.868 

Butler  & Spavins^ 

17 

1.138 

Current 

19 

.701 

Hanson^ 

21 

.861 

Standard 

Deviation 

Item 

.355 

Wing 

Tip  Acceleration  (Sym) 

.489 

Wing 

Tip  Acceleration 

(1st  Sym  Wing  Bending) 

.243 

C.G. 

Vertical  Acceleration 

.388 

C.G. 

Vertical  Acceleration 

Because  of  the  small  sample  of  data,  t&illans  and  Lemley's  predictions  are  not  included, 
however,  the  larger  conservatism  of  their  results  is  mainly  attributed  by  the  current 
writers  to  the  equal  use  of  both  symmetric  and  antisymmetric  modes  in  their  predictions. 

The  previous  discussion  in  reference  to  the  upper  bound  in  the  current  method  is  appli- 
cable in  this  case.  It  is  also  felt  that  use  of  a simple  viscous  damping  in  each  mode, 
ignoring  aerodynamic  stiffening,  and  not  accounting  for  static  aeroelastic  effects 
further  added  to  the  over  prediction. 

Results  in  Figures  17  and  18  and  the  above  table  show  that  the  current  method  yields 
less  scatter  and  is  more  conservative  than  the  methods  of  References  3 and  4.  In  the 
comparison  with  Butler  and  Spavins  in  Figure  17,  the  higher  scatter  of  their  results  is 
due  partly  to  the  concern  with  the  response  of  a single  mode.  Because  the  buffet  forcing 
function  is  not  a smooth  function  of  frequency  and  is  affected  by  a wide  variety  of  un- 
controllable variables,  the  use  of  multiple  modes  will  almost  always  have  a smoothing 
effect  on  the  wide  band  RMS  data.  This  effect  is  analogous  to  the  smoothing  obtained 
through  longer  time  samples  of  random  data.  The  difference  in  conservatism  is  felt  to 
be  partly  due  to  the  use  of  linear  theory  aerodynamic  damping  forces  for  the  current 
method  and  measured  wind  tunnel  damping  for  the  Butler  and  Spavins  method.  Damping 
results  for  wind  tunnel  data  shown  for  the  latter^  indicate  that  aerodynamic  damping 
during  buffet  for  the  fundamental  wing  bending  mode  of  their  airplane  increased  by  about 
30%  over  tl.j  attached  flow  value.  Ignoring  this  effect  in  the  current  method  would  cer- 
tainly lead  to  some  conservatism  on  the  order  of  10%  to  15%  if  the  increase  is  typical. 
Comparison  of  the  wind  tunnel  and  flight  damping  in  Reference  3 also  indicated  that  the 
former  was  slightly  high  which  would  cause  their  results  to  be  unconservative.  Another 
source  of  differences  between  the  two  methods  are  Reynold's  number  effects.  Butler  and 
Spavins  presented  results  that  indicated  that  they  should  not  have  any  appreciable 
Reynold's  number  effects  in  scaling  wind  tunnel  response  data  to  full  scale  in  the 
response  range  of  interest.  Because  the  current  method  was  applied  over  a large  range 
of  angles  of  attack  and  to  conditions  which  involved  strong  shock  boundary  layer  inter- 
action, Reynold's  number  effects  are  quite  likely  responsible  for  some  conservatism. 

The  effect  of  pitch  rate  during  maneuvers  is  also  believed  to  be  a source  of  difference 
which  will  be  discussed  later. 

The  comparison  between  the  current  method  and  that  of  Hanson^  in  Figure  18  shows 
the  greatest  difference  to  be  in  the  scatter  of  data.  Since  Hanson  is  effectively  using 
wind  tunnel  aerodynamic  damping  forces,  it  is  very  likely  that  this  is  the  primary  cause 
of  the  greater  scatter  in  the  correlation.  Hanson's  predictions  as  shown  in  Reference  4 
contain  as  much,  if  not  more,  scatter  than  the  flight  test  data  with  which  he  is  comparing. 
Hence,  it  is  not  surprising  that  the  prediction-flight  test  correlation  likewise  shows 
greater  scatter  than  does  the  current  method  for  the  same  airplane  under  similar  condi- 
tions. Since  both  methods  use  models  of  about  the  same  scale,  similar  Reynold's  number 
effects  should  exist  in  both  methods.  In  addition  to  pitch  rate  effects,  this  is  probably 
one  of  the  main  reasons  for  both  methods  being  conservative.  It  would  be  expected,  how- 
ever, that  Hanson's  method  would  yield  less  conservative  results  due  to  the  use  of  wind 
tunnel  generated  aerodynamic  damping  forces  as  opposed  to  the  attached  flow  theoretical 
forces  used  in  the  current  method.  The  results  shown  in  Table  I support  this  reasoning. 

In  summary,  the  current  method  predicts  very  realistic  RMS  values  from  symnetric 
motions.  Comparison  with  purely  wind  tunnel  based  methods  shows  it  to  be  conservative 
by  a reasonable  amount  which  is  felt  to  be  mainly  due  to  the  use  of  theoretical  aero- 
dynamic damping  forces  as  opposed  to  the  slightly  greater  forces  that  exist  under 
separated  flow  conditions.  Reynold's  number  effects  are  probably  more  important  at 
higher  angles  of  attack  as  indicated  by  an  increase  in  conservatism  of  the  current  method 
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at  higher  response  levels  as  shown  in  Figure  15.  This  is  the  result  that  would  be  expected 
based  on  the  Reynold's  number  effects  shown  by  John^  and  Butler  and  Spavins^  where  the 
buffet  forces  are  shown  to  decrease  with  increasing  Reynold's  number  for  high  intensity 
buffet.  The  current  method  shows  less  scatter  in  the  flight  test  correlation  as  compared 
to  the  other  methods.  In  one  case  this  was  attributed  to  the  use  of  many  modes  as  opposed 
to  one  and  in  the  other  case  the  use  of  theoretical  aerodynamic  damping  as  oppsoed  to 
experimental  damping  for  the  wind  tunnel  model. 

5.2  The  Inherent  Scatter  of  Flight  Buffet  Data 

A well  known  aspect  of  flight  buffet  data  analysis  is  the  scatter  associated  with 
measured  response  from  supposedly  similar  conditions.  Many  factors  contribute  to  this 
phenomenon  ranging  from  atmospheric  conditions  to  pilot  characteristics.  One  factor  of 
particular  interest  is  the  effect  of  pitch  rate  on  buffeting  forces.  Since  the  wind 
tunnel  generated  data,  either  fluctuating  pressure  or  model  response  data,  are  taken  over 
relatively  long  periods  of  time,  pitch  rate  effects  should  be  nil  for  such  data.  Full 
scale  maneuvers,  however,  are  performed  over  short  periods  which  are  of  the  order  of  2 to 
10  seconds.  Benepe  discussed  the  effects  of  pitch  rate  on  wing  root  bending  moment  for  a 
fighter  aircraft  in  Reference  16.  His  results  showed  that  for  an  increasing  pitch  rate, 
the  maximum  obtainable  lift  coefficient  for  a given  high  angle  of  attack  increased  by 
about  40%.  Since  the  lift  vs.  a curve  for  the  slow  pitch  rate  diverged  significantly 
from  that  for  the  higher  rate,  it  would  be  expected  that  the  separation  was  likewise  de- 
layed for  the  higher  rate.  These  results  are  qualitatively  in  agreement  with  those  given 
by  Ericsson  and  Reding^^  for  dynamic  stall  analysis.  In  Reference  17,  a non-dimensional 
pitch  rate,  A,  is  defined  as 


where  a is  pitch  rate  in  degrees  per  second,  c is  the  airplane  MAC  in  meters  and  Uy.  is 
the  free  stream  velocity  in  meters  per  second.  According  to  results  presented,  signifi- 
cant delays  occur  in  the  a value  for  separation  for  values  of  a as  low  as  0.01-0.03. 

All  of  the  maneuvers  considered  in  the  current  study  are  within  this  range,  hence,  pitch 
rate  effects  certainly  appear  to  contribute  to  lower  values  of  buffet  response  encountered 
in  flight. 

An  interesting  observation  is  that  the  flight  test  data  used  by  Butler  and  Spavins^ 
were  obtained  from  very  slow  maneuvers  in  which  Mach  number  and  a were  held  nearly  con- 
stant for  periods  ranging  from  10  to  50  seconds.  Scatter  was  still  introduced,  however, 
since  the  airplane  had  to  lose  altitude  in  order  to  achieve  this  goal.  Refering  to 
Table  I and  Figures  15-18,  the  mean  of  their  results  were  unconservative  unlike  the  other 
three  methods.  The  methods  of  References  3 and  4 essentially  used  the  same  aerodynamic 
damping  forces  but  predictions  were  compared  with  quasi-steady  maneuvers  in  the  first  case 
and  more  rapid  maneuvers  (as  discussed  above)  in  the  second.  As  a result,  it  appears  that 
the  conservatism  in  the  prediction  methods  is  not  so  much  due  to  technique  as  it  is  due  to 
the  dynamic  effects  of  the  maneuvers  on  flight  measured  buffet  response. 

The  very  low  values  of  flight  test  response  for  « = 12,5°  and  15.6°  in  Figure  9 are 

most  likely  a result  of  a very  high  pitch  rate  that  took  place  during  the  final  part  of 

the  maneuver.  The  non-dimensional  pitch  rate  was  « = 0.04-0.05  which  should  have  been 
sufficient  to  cause  significant  changes  in  the  separated  flow  according  to  Ericsson  and 
Redingl^,  In  constrast,  the  flight  test  data  obtained  for  the  lower  values  of  n in  that 

maneuver  were  taken  during  times  at  which  a~0.01  or  less.  Thus,  a specific  point  is 

illustrated  during  a single  maneuver  in  which  pitch  rate  could  be  responsible  for  signi- 
ficant scatter  in  the  flight-prediction  correlation. 

Another  phenomenon  which  introduces  scatter  in  the  correlations  is  the  decrease  of 
Mach  number  and  free  stream  dynamic  pressure,  q,  during  a maneuver.  The  variation  of 
these  quantities  in  the  maneuvers  considered  in  the  current  study  is  on  the  order  of  5% 
to  10%.  Although  this  effect  can  be  considered  when  analyzing  a maneuver  that  has  already 
been  performed,  it  is  not  a practical  consideration  for  design  and  prediction  purposes. 
Thus,  this  type  of  scatter  should  be  expected  and  its  impact  would  be  more  concentrated 
in  the  high  response  portion  of  a ma'’euver. 

The  main  point  of  the  above  discussions  is  that  flight  buffet  data  is  inherently 
scafT'red  for  a wide  variety  of  reasons,  many  more  than  those  considered.  Although  the 
distributions  in  Figures  17  and  18  are  made  for  two  different  airplanes,  two  types  of 
accelerometers,  three  distinct  prediction  methods,  and  different  types  of  maneuvers  and 
flight  conditions,  they  all  bear  a striking  resemblance.  Hence,  the  prediction  of  full 
scale  buffet  response  must  be  made  on  a statistical  basis,  not  so  much  because  of  scatter 
in  the  prediction  techniques,  but  because  of  the  scatter  due  to  the  uncontrollable  vari- 
ables that  affect  the  flight  data.  The  idea  of  using  upper  and  lower  bounds  or  mean  value 
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curves  with  some  kind  of  statistical  distributions  between  the  bounds  or  about  the  mean 
is  a very  practical  approach  for  defining  the  predicted  buffet  characteristics  for  any 
given  aiirplane.  The  statistical  distributions  could  be  obtained  from  a wide  variety  of 
data  since  they  are  more  a function  of  the  uncontrollable  variables  rather  than  a given 
aircraft  configuration.  The  distributions  would  probably  be  affected  by  airplane  type 
more  than  anything  else.  An  extreme  example  would  be  fighter  vs.  transport  aircraft. 

This  approach  would  be  applicable  to  any  type  of  prediction  method  as  demonstrated  in 
Figures  17  and  18. 

5.3  The  Coupling  of  Wing  Torsion  and  Shock  Oscillation 

The  exceedance  by  wing  torsion  response  of  the  predicted  upper  bound  in  both 
Figures  9 and  10  is  attributed  to  a coupling  between  wing  torsional  motion  and  shock 
oscillation.  This  mechanism  was  not  accounted  for  in  the  current  prediction  method  due 
to  the  state  of  the  art  in  the  theoretical  unsteady  aerodynamics  at  the  time  of  its 
development,  1971-1974.  Its  existence  was  known,  but  in  order  to  evaluate  the  overall 
capability  of  the  method  the  shock-torsion  coupling  had  to  be  ignored  so  that  the  method 
could  be  developed.  Thus,  it  was  no  surprise  when  the  results  in  Figures  9 and  10  were 
obtained. 

The  basic  mechanism  occurs  primarily  at  low  wing  sweeps  and  has  been  described  pre- 
viously by  the  writer^®  and  Riddle®  with  regard  to  wind  tunnel  model  data  and  by  Benepe^.l® 
for  flight  test  data.  John^  also  shows  similar  results  under  similar  circumstances. 

Moss^^  has  observed  the  phenomenon  on  flexible  wind  tunnel  models  where  shock  induced 
separation  appears.  In  all  cases,  the  observations  show  either  significant  or  dominant 
peaks  in  response  spectra  at  the  first  wing  torsion  mode  frequency.  The  response  items 
range  from  fluctuating  pressure  data  to  loads  and  accelerometer  data. 

The  major  ingredient  in  the  shock-torsion  coupling  is  attributed  to  the  unstable 
nature  of  the  primary  wing  shock  on  the  upper  surface  of  the  wing  when  it  is  located 
near  the  local  crest  of  the  airfoil.  The  upper  shock  movement  associated  with  increasing 
a is  toward  the  trailing  edge  at  low  a until  separation  is  induced  at  which  point  it 
begins  to  move  forward  with  increasing  a.  The  shock  moves  forward  in  an  "orderly"  fashion 
as  a increases  until  it  gets  close  to  the  local  crest  on  the  upper  surface.  As  it 
approaches  this  point,  it  moves  faster  with  a given  increment  in  a.  Since  it  is  not 
stable  on  the  crest,  there  is  a point  at  which  a small  Aa  will  cause  it  to  jump  from  just 
aft  of  the  crest  to  just  forward.  In  unpublished  data  used  in  the  development  of  the 
current  method,  this  distance  of  abrupt  shock  movement  appears  to  be  on  the  order  of  107. 
of  the  chord.  Thus,  a large  forward  movement  of  the  shock  with  a very  small  increase  in 
a results  in  a loss  in  lift  due  to  a larger  high  pressure  area  behind  the  shock  without 
any  appreciable  increase  in  lift  due  to  incidence.  The  loss  manifests  itself  as  a momen- 
tary decrease  in  lift  curve  slope  or  even  a reversal  which  is  a well  known  anomalous 
aerod)rnamic  characteristic  in  transonic  flow.  This  phenomenon  occurs  long  before 
and  is  not  related  directly  to  stall. 

Because  the  shock  can  move  forward  significantly  with  small  « increases,  it  can 
likewise  move  aft  with  small  a decreases.  In  other  words,  it  can  oscillate  across  the 
crest  for  very  small  torsional  movements.  Hence,  the  basic  mechanism  is  established  for 
large  shock  excursions  with  small  torsional  motions  when  the  wing  is  at  a values  near  the 
transonic  lift  curve  slope  anomoly.  The  net  effect  is  to  produce  a forcing  function  which, 
if  the  local  crest  is  near  or  forward  of  tho  elastic  axis,  is  180°  out  of  phase  with  the 
torsion  mode.  Phase  lag  will  be  introduced  due  to  unsteady  effects  on  the  shock  motion 
and  hence  the  forcing  function.  The  lag  is  in  part  due  to  the  finite  time  required  for 
the  flow  to  change  and  the  shock  to  move  as  shown  in  the  experimental  work  of  Tidjeman^O 
for  an  oscillating  flap  on  a two-dimensional  wing.  Another  contiibution  to  the  lag  is 
caused  by  the  pitch  rate  effects  on  the  shock  induced  separation.  Pitch  rate  will  tend 
to  stabilize  separation  for  Increasing  a,  and  hence  retard  forward  motion  of  the  shock 
from  its  quasi-steady  motion.  The  resulting  lag  creates  a pitching  moment  due  to  shock 
oscillation  that  is  in  opposition  to  that  produced  by  the  aerodynamic  damping  force  for 
the  torsion  motion.  Thus,  for  the  shock  crossing  the  crest  at  or  forward  of  the  elastic 
axis  of  the  wing,  the  aerodynamic  damping  due  to  torsional  motion  should  decrease  to  near 
zero  and  torsional  response  increase  accordingly.  Due  to  the  limited  maximum  force  avail- 
able through  the  shock  m.ovement,  the  response  tends  to  reach  a limit  cycle  and  hence  is 
referred  to  as  buffet  rather  than  flutter. 

The  effects  of  static  aeroelastic  deformation  are  not  well  understood  since  the  twist 
that  is  introduced  mu:  t be  superimposed  on  that  built  into  the  wing.  An  indication  of  the 
effects  can  be  obtained  for  the  airplane  considered  in  this  paper  by  comparing  aeroelastic 
force  model  results  tor  different  altitudes.  The  effect  of  a higher  q at  M=0.8,  h=5,000 
feet  vs.  that  at  M=0.8,  h=20,000  feet  shows  a smoothing  of  the  transonic  lift  curve  anoma- 
lies. It  also  appe  .rs  that  the  angle  of  attack  at  which  the  anomalies  begin  is  increased. 
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The  radius  of  curvature  of  the  local  crest  is  probably  very  influential  on  the 
amplitude  of  the  shock  morion  and  hence  the  amplitude  of  the  buffeting  forces.  Greater 
shock  motion  should  occur  Jor  a flatter  crest. 

It  has  been  determined  tl  ^ugh  extensive  analysis  of  oil  flow  results  and  pressure 
data  that  the  higher  responses  at  a=ll®  for  M=0.7  in  Figure  9 are  caused  by  the  above 
mechanism  although  it  is  not  as  well  developed  as  Che  case  shown  in  Figure  10.  In 
Figure  10,  the  maximum  flig^ht  response  for  wing  torsion  would  probably  occur  near  a=10° 
for  M=0.8.  Note  also,  that  the  predicted  response  in  Figure  10  reflects  Che  increase 
over  that  in  Figure  9 in  a-roement  with  the  flight  test  data.  The  wing  tip  accelerometer 
and  wing  torsion  response  increased  by  about  a factor  of  2 to  3 for  both  prediction  and 
flight.  For  these  condiCxcns,  q increased  by  a factor  of  1.7,  which,  if  no  Mach  number 
effects  were  present,  would  produce  a change  in  response  of  about  1.3.  Thus,  it  is 
apparent  chat  the  correct  trends  due  to  Mach  number  are  embodied  in  Che  wind  tunnel  data 
used  to  form  the  buffet  forcing  function  for  the  current  prediction  method.  Since  the 
wind  tunnel  model  had  a solid  steel  wing,  the  response  was  much  lower  than  for  the  air- 
plane which  would  diminish  che  importance  of  the  shock-torsion  coupling  in  the  model  data. 
In  order  to  properly  account  for  this  effect,  the  unsteady  aerodynamic  method  used  to 
calculate  response  induced  loads  would  have  Co  include  the  presence  of  imbedded  shocks  in 
the  flow  field. 

5.4  Buffet  Fatigue  Damage  to  Secondary  Structure 

Because  of  the  high  frequencies  associated  with  tjuffet  loads  as  indicated  by  the  No 
results  in  Figures  9-13,  one  would  expect  buffet  fatigue  damage  to  be  a nroblem  in  highly 
maneuverable  aircraft.  'The  level  of  tb“se  loads  is  quite  low,  as  compa'ed  with  design 
wing  root  bending  moment  for  example,  thus  the  damage  is  usually  negligible  or  for  all 
practical  purposes,  zero.  This  is  the  classical  concent  which  is  certainly  correct  when 
applied  to  primary  structure  that  is  designed  to  carry  high  loadings.  Secondary  structure, 
however,  is  not  designed  Co  carry  much  load  and  is  usually  located  in  areas  of  high  buffet 
loading.  Examples  are  leading  and  trailing  edge  sections  of  wings,  horizontal  tails  or 
fins,  and  control  surfaces,  as  well  as  various  types  of  fairings. 

The  writers  have  previously  discussed  the  relative  magnitude  of  buffet  induced  wing 
bending  moment  as  a fraction  of  the  maximum  amplitude  attained  during  various  maneuvers 
in  flightl6.  xhe  ratio  is  shown  as  a function  of  wing  span  which  varies  from  about  5% 
near  the  root  to  about  20%  near  the  tip.  Although  these  results  do  not  apply  specifically 
to  secondary  structure,  they  are  indicative  of  the  desired  relationship  since  the  wing  tip 
is  usually  lightly  loaded  in  a manner  .-imilar  to  the  trailing  edge  section  of  the  wing 
where  there  are  no  control  surfaces. 

Speed  brakes  and  spoilers  are  well  known  victims  of  buffet  fatigue.  Both  the  sur- 
faces and  their  supports  are  subject  to  the  problem.  Furthermore,  the  wakes  that  they 
create  can  cause  problems  on  other  parts  of  the  airplane.  For  example,  in  sor.'’.  unpublished 
data  available  to  the  writers,  an  electronics  pod  located  just  aft  of  a speed  brake  was 
found  to  experience  high  frequency  fluctuating  yawing  moments  when  the  brake  was  extended 
for  which  the  RMS  amplitudes  were  about  25%  of  the  static  design  value. 

To  appreciate  the  effect  of  a fluctuating  20%  incremental  load  on  fatigue  life, 
a design  case  will  be  examined.  The  example  is  a piece  of  secondary  structure  for  which 
a critical  stress  point  exists  in  2024-T851  aluminum  (68  KSI  ultimate  strength)  with  a 
geometric  stress  concentration  factor,  Kt=4.0.  For  a yield  strength  of  57.5  KSI  and  a 
15%  dynamic  factor,  the  maximum  static  design  stress  is  50  KSI.  Assuming  that  a buffet 
loading  of  20%  of  the  static  mean  exists  (40%  peak-to-peak)  at  the  maximum  load  condition, 
the  fatigue  life  for  this  material  would  correspond  to  6000  cycles  for  a cyclic  stress  of 
10  KSI  about  a mean  of  50  KSI.  For  a stronger  design  i,uch  that  the  maximum  stress  is 
25  KSI  static,  the  cyclic  stress  of  20%  or  5 KSI  would  produce  a life  of  100,000  cycles. 

An  infinite  life  could  be  obtained  by  a stronger  design  in  which  the  static  maximum  stress 
was  15  KSI  and  the  cyclic  stress  was  3 KSI. 

With  regard  to  frequency,  the  No  of  the  buffet  loadings  near  the  wing  tip  in 
Reference  16  is  typically  35  to  40  Hz.  Thus,  a single  load  cycle  in  the  maneuver  loads 
spectrum  could  produce  70  to  200  cycles  of  buffet  loads  for  a maneuver  time  of  2 to  5 
seconds.  An  example  has  been  worked  out  for  a single  segment  of  a typical  total  airplane 
maneuver  spectrum  in  which  a particular  high-g  maneuver  is  made  at  the  rate  of  33  times 
per  4000  hours  of  service  life.  Assuming  an  average  time  of  3 seconds  per  maneuver  at  the 
high-g  condition  and  an  Nq  for  the  buffet  loadings  of  35  Hz,  a total  of  3465  cycles  of 
fluctuating  stress  at  20%  of  the  mean  value  would  be  accumulated.  If  the  critical  stress 
point  was  assumed  to  be  the  first  example  given  in  the  previous  paragraph  and  the  mean 
stress  for  this  particular  high-g  maneuver  was  50  KSI,  the  buffet  fatigue  damage  for  4000 
hours  would  be  about  58%  of  the  total  life  of  6000  cycles.  Assuming  that  the  maneuver 
load  cycle  is  produced  as  a 15  KSI  cyclic  load  about  a 35  KSI  mean,  the  fatigue  life  is 
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4500  cycles  for  the  critical  stress  point.  The  total  fatigue  damage  for  the  33  cycles 
of  maneuver  loads  is  only  about  0.7%.  According  to  the  well  known  Miner's  rule,  the 
total  fatigue  damage  for  these  33  cycles  would  be  58.7%  of  which  almost  99%  of  this 
damage  is  due  to  buffet. 

Since  the  above  segment  of  the  total  airplane  maneuver  spectrum  is  only  a very  small 
fraction  of  the  airplane  service  life,  it  is  obvious  that  such  a condition  would  result 
in  a fatigue  failure.  The  fix  would  be  to  redesign  for  infinite  life  due  to  buffet  damage 
which  would  reduce  the  mean  maximum  maneuver  stress  to  about  15  KSI  as  discussed  previously. 

In  many  cases,  however,  stiffness  requirements  of  the  design  result  in  much  stronger 
structures  than  would  be  obtained  with  strength  requirements.  Thus,  it  would  seem  reason- 
able to  make  simple  surveys  of  the  critical  stress  points  in  the  secondary  structure  to 
determine  whether  or  not  a 20%  cyclic  stress  applied  to  the  mean  stress  would  produce  an 
infinite  life.  The  relationship  will  vary  according  to  the  stress  concentration  factor 
and  the  material  used,  however,  Che  most  sensitive  areas  would  probably  be  bonded  joints. 

6.  CONCLUSIONS 

A method  has  been  presented  in  this  paper  for  predicting  the  high  intensity  buffet 
response  characteristics  of  airplanes  in  flight.  The  method  contains  the  major  ingredients 
responsible  for  airplane  buffet.  Results  were  presented  in  the  form  of  an  upper  and  lower 
bounds  which  were  verified  by  extensive  comparison  with  flight  test  data.  The  changing 
spectral  characteristics  of  flight  test  data  were  shown  to  be  predictable  with  the  method. 
Static  aeroelastlc  effects  were  shown  to  have  a significant  impact  on  the  predictions. 

The  horizontal  tail  was  found  to  have  a significant  influence  on  wing  and  fuselage  re- 
sponses, hence,  the  total  airplane  should  be  considered.  The  technique  for  estimating 
the  tail  buffet  loads  from  wing  data  appears  to  be  correct  in  concept,  however,  an 
.accounting  for  the  wing  wake  displacement  is  felt  to  be  necessary  in  order  to  accurately 
predict  these  loads. 

The  correlation  of  S3rmmetric  predicted  response  from  the  current  method  with  flight 
test  data  has  shown  results  similar  to  other  prediction  methods.  An  analysis  of  the 
comparison  with  other  methods  resulted  in  several  important  conclusions.  Reynold's  number 
effects  should  cause  predictions  based  on  wind  tunnel  data  from  a small  scale  model,  to  be 
conservative  by  some  as  yet  indeterminable  degree.  Aerodynamic  damping  forces  in  separated 
flow  as  compared  with  those  in  attached  flow,  should  reduce  predicted  response  by  about 
10%  to  15%.  The  use  of  more  modes  in  the  prediction  should  produce  a smoother  correlation 
with  flight  test  data  as  well  as  a more  realistic  picture  of  total  airplane  response. 

The  use  of  experimentally  determined  aerodynamic  damping  should  result  in  greater  scatter 
in  the  correlation  with  flight  test  data. 

Flight  buffet  data  was  shown  to  be  inherently  scattered,  due  primarily  to  the  effects 
of  maneuver  transients  which  consist  of  varying  q,  Mach  number  and  pitch  rate.  It  was 
shown  that,  in  several  instances,  where  the  pitch  rate  was  high,  the  flight  buffet  data 
was  lower  relative  to  predictions.  Thus,  a statistical  approach  vras  reconinended  for  taking 
into  account  the  scatter  of  flight  buffet  data.  Since  the  scatter  is  due  to  many  uncon- 
trollable variables,  a frequency  distribution  of  occurrences  could  be  established  between 
the  upper  and  lower  bounds  in  order  to  better  define  the  buffet  characteristics  for  any 
given  airplane.  Since  these  distributions  would  be  more  a function  of  airplane  type  and 
usage  rather  than  geometry,  they  'uld  probably  be  determined  in  an  almost  universal 
manner. 

A mccnanism  has  been  described  by  which  wing  torsional  motion  and  normal  shock 
oscillation  can  couple  to  produce  a relatively  severv  buffeting  condition  at  forward 
wing  sweeps.  The  mechanism  is  attributed  to  the  instability  of  the  upper  surface  wing 
shock  as  it  reaches  the  local  crest  of  the  airfoil  at  fairly  high  angles  of  attack. 

The  Instability  was  shown  to  be  the  source  of  the  transonic  lift  curve  anomaly  for  the 
airplane  considered  in  this  paper. 

A hypothetical  example  of  buffet  fatigue  damage  to  secondary  struc.ure  has  been 
examined  to  illustrate  the  impact  on  structural  design.  It  was  snown  that  if  a structure, 
which  was  subject  to  buffet  forces  on  the  order  of  20%  of  the  mean  load,  was  designed  too 
close  to  the  static  mean  loads,  early  failure  could  occur  due  to  buffet  fatigue.  A simple 
method  for  checking  the  structure  was  reconinended  to  determine  if  potential  problems  exist. 
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Figure  1 2IJFFET  PREDICTION  METHOD  FLOW  DIAGRAM 
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Figure  2 RELATIONSHIP  BETWEEN  THE  NASA  ARC 
SPECTRAL  DENSm  ANALYSIS  AND  THE 
PRESSURE  TRANSDUCER  LOCATIONS 
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Figure  3 RIGID  AND  FLEXIBLE  WING  BENDING  FOR 
A - 26°,  M - 0,8,  ALT  - 6035M 


Figure  4 PREDICTED  BOUNDS  ON  WING  TIP  ACCELEROMETER  PSD 
FOR  \ - 26°,  M - 0.8,  ALT  - 6035M 
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Figure  3 PREDICTED  BOUNDS  ON  WING  BENDING  PSD  FOR 
\ = 26®.  M - 0.8  ALT  - 6035  M 
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Figure  6 EFFECT  OF  HORIZONTAL  TAIL  LOADS  ON  WING 
SHEAR  FOR  \ « 26°,  M - 0.8,  ALT  - 6035  M 
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Figure  7 EFFECT  OF  HORIZONTAL  TAIL  LOADS  ON  WING  TIP 

ACCELEROMETER  FOR  \ “ 26°,  M “ 0.8,  ALT  - 6035  M 
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Figure  8 EFFECT  OF  HORIZONTAL  TAIL  LOADS  ON  C.G. 

ACCELEROMETLR  FOR  \ » 26^,  M - 0,8,  ALT  - 6035  M 
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Figure  9 BUFFET  RESPONSE  FOR  M “ 0.7,  ALT  - 7559  M, 
G.  W.  - 293138N,  AND  \ - 26° 
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Figure  12  BUFFET  RESPONSE  FOR  M - 0,85,  ALT.  • 7285  M, 
G.W.  - 268673  N,  AND  A - 72*5® 


o • Fuotcno  uffia  muim 

D - ruoicTto  uvti  MueM 


ciuucTmtTxc  niqvKMcf 


RM  ncq  im?  • u 


4.10' J A-fVm 
> 1 


:i- 


CNOIACnil^TlC  rUQVIKT 
V%  FHQ  Vtmr  • !l  HI 


4 0 I to  u r 10  4 0 a 10  II  u to 

® a 

Figure  13  BUFFET  RESPONSE  FOR  M - 1,2,  ALT.  - 9053  M, 
G.W.  - 261778  N,  AND  \ - 50° 
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Figure  14  FREQUENCY  OF  FLIGHT  TEST  DATA 

DISTRIBUTION  AS  FRACTION  OF  UPPER  BOUNDS 
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Figure  15  CORREUTION  OF  PREDICTION  AND  FLIGHT 
TEST  DATA  FOR  WING  TIP  ACCELEROMETER 


Figure  16  CORREUTION  OF  PREDICTION  AND  FLIGHT 
TEST  DATA  FOR  CG  ACCELEROMETER 
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Figure  17  FREQUENCY  DISTRIBITIONS  FOR  WING  TIP 
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THE  DYNAMIC  RESPONSE  OF  WINGS  IN  TORSION  AT  HIGH  SUBSONIC  SPEEDS 

by 

G.  F.  Moss  and  D.  Pierce 
Aerodynamics  Department 

Royal  Aircraft  Establishment,  Farnborough,  Hampshire,  UK 


SUMMARY 

This  paper  discusses  some  aspects  of  the  structural  lesponse  of  aircraft  wings  to  aerodynamic  excita- 
tion at  conditions  appropriate  to  manoeuvres  at  high  subsonic  speeds.  Reference  is  made  to  some  recent  RAE 
wind-tunnel  experiments  using  models  specially  designed  to  deform  under  test  in  a realistic  way  as  well  as 
'rigid'  models  of  conventional  construction.  The  primary  torsion  mode  of  vibration  of  the  wings  tended  to 
be  strongly  excited  under  some  aerodynamic-flow  conditions  on  the  flexible  models  used,  and  in  some  cases 
the  amplitude  was  large  and  similar  to  single-degree-o£-f reedom  flutter  in  character.  Data  from  some  flight 
tests  is  quoted  to  demonstrate  that  this  type  of  response  may  well  occur  in  practice. 

NOTATION 

AR  aspect  ratio 

a incidence,  deg 

X distance  from  leading  edge 
c local  wing  chord 

c geometric  wing  chord 

y spanwise  distance  from  centre  line 

b semi-span  of  wing 

n y/b 

t wing  thickness  (maximum) 

z vertical  deflection 

torsional  twist  angle,  deg 
S model  scale 

V velocity 

M Mach  number 

A leading-edge  sweep,  deg 

Hg  stagnation  pressure 

RN  unit  Reynolds  number 


1 . INTRODUCTION 

As  the  buffet  boundary  is  penetrated  the  structural  response  of  the  airframe  usually  most  evident  to 
the  pilot  is  that  in  the  first  bending  mode  of  the  wing  where  the  frequency  is  comparatively  low,  but 
higher-order  responses  can  occur  which  may  raise  problems  for  the  airframe  and  any  associated  stores  or 
equipment.  Operation,.!  limitations  as  regards  aircraft  manoeuvre  performance  can  thus  arise  on  this  account 
much  in  the  same  way  as  they  can  as  regards  the  tolerance  of  the  pilot  to  low-frequency  structural 
vibration. 

The  conventional  wind-tunnel  model  of  solid-metal  construction  can  usually  only  be  used  to  predict 
the  dynamic  response  of  an  aircraft  structure  to  unsteady  aerodynamic  excitation  (i.e.  buffet)  in  the 
primary  wing-bending  mode  because  this  is  often  the  only  mode  which  is  reasonably  well  represented  dynamic- 
ally. The  levels  of  amplitude  of  the  response  even  so  are  generally  much  smaller  with  such  a model  construc- 
tion than  those  for  the  aircraft  at  corresponding  conditions  in  flight.  However  this  can  be  allowed  for  by 
empirical  factors,  and  over  the  last  20  years  or  so  techniques  of  prediction  using  strain  gauges'"^  and 
dynamic  pressure  transducers^i^  on  these  virtually  'rigid'  models  have  been  successfully  developed  and  have 
been  evaluated  by  many  workers  in  the  field^»^.  Recent  critical  reviews  have  stimulated  more  sophisticated 
approaches  and  the  consequent  development  of  new  more  powerful  experimental  techniques®”'®.  In  parallel 
with  this  use  of  'rigid'  models,  techniques  using  aeroelastic  models  with  properly-scaled  elastic  and 
inertial  characteristics  (as  normally  used  for  classic  flutter  clearance)  have  also  been  used  otcasionally 
for  the  prediction  of  buffet  response''*'^.  Many  more  structural  modes  than  the  primary  bending  mode  can 
thas  be  represented  and  the  amplitudes  of  response  are  likely  to  be  much  more  realistic.  However,  to  make 
such  models  strong  enough  to  take  the  high  static  loads  at  elevated  incidences  in  high-speed  wind  tunnels 
at  normal  test  stagnation  pressures  is  very  difficult.  Testing  at  low  stagnation  pressure  to  reduce  the 
chances  of  what  can  be  a very  expensive  catastrophy  is  likely  to  lead  to  intractable  aerodynamic  scale- 
effect  problems  which  can  invalidate  the  predictions  obtained  for  quite  different  reasons ' 3, 

A higher-order  structural  vibration  of  particular  importance  is  that  in  the  primary  torsion  mode  of 
the  wing.  At  supercritical-flow  conditions,  which  are  generally  present  as  the  buffet  boundary  is  pene- 
trated at  high  subsonic  speeds,  the  disposition  of  shock  waves  and  areas  of  separated  flow  over  the  surface 
can  be  such  as  to  excite  this  particular  mode  strongly.  This  kind  of  structural  response  has  been  noted  in 
one  or  two  particular  instances  in  the  recent  past'^»'^.  However,  as  this  paper  hopes  to  show,  the  intens- 
ity of  this  torsional  vibration  is  much  more  dependent  on  the  amplitude  ot  the  response  of  the  structure 
and  thus  may  not  always  be  apparent  on  wind-tunnel  models  of  conventional,  solid-metal  construction,  even 
when  the  frequency  and  mode  shape  are  fairly  well  represented.  Under  some  circumstances  single-degree-of- 
freedom  flutter  of  comparatively  high  amplitude  can  develop  out  of  this  torsional  response'^.  This  usually 
takes  the  form  of  a limit-cycle'®  and  is  quite  distinct  from  the  catastrophic"  classical-flutter  phenomenon. 
Because  of  this  it  is  better  to  call  this  class  of  single-mode,  sustained  response  'torsional  buzz'  if  onlv 
to  avoid  the  unfortunate  emotive  associations  of  the  word  'flutter'.  Indeed,  there  are  son.*'  indications 
that  the  occurrence  of  this  'buzz'  during  buffet  penetration  at  high  speeds  can  even  be  advantageous  in  some 
respects  as  regards  the  overall  manoeuvre  performance  of  an  aircraft. 


R_  Reynolds  number  based  on  c 

AL  change  in  normal  force 

AM  change  in  pitching  moment 

Cg  lift  coefficient 

local  normal-force  coefficient 
local  pitching-moment  coefficient 
Cp  pressure  coefficient 

Cp  critical  pressure  coefficient  (local  M = 1) 

f frequency,  Hz 

u 2mf 

C apparent  damping  ratio,  % critical 
Nj,  normal  acceleration 

T torsion  moment 

w 

M^  bending  moment 
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This  paper  discusses  the  way  torsional  buzz  can  occur  on  a wing  at  high  subsonic  speed  and  refers  to 
some  wind-tunnel  tests  with  'rigid'  and  flexible  models  recently  carried  out  at  RAE  Farnborough. 

2.  AERODYNAMIC  EXCITATION  AT  HIGH  SPEEDS 

To  set  the  scene.  Fig  1 shows  diagrammatically  some  normal  modes  for  a swept  wing.  The  primary 
bending  mode  of  the  wing  panel,  considered  here  to  be  encastrS  at  the  body  side,  usually  has  a fairly  low 
frequency  (f  Hz)  and  that  of  the  corresponding  primary  torsional  mode  may  be  several  times  this  (say,  5f). 
Then  there  are  a whole  series  of  overtones  in  bending  and  torsion,  and  various  other  complex  modes  with 
less  regular  patterns  of  nodal  lines  across  the  wing.;  The  relative  motion  of  the  surface  at  any  point  is 
shown  by  the  + and  - signs  on  the  diagrams,  and  it  is  obvious  that  there  can  be  complicated  patterns  across 
the  span  as  regards  the  variation  of  the  local  incidence  to  the  free  stream  with  time.  Which  of  these 
modes  is  actually  strongly  excited  in  any  particular  buffeting  condition  is  a matter  of  the  pattern  and 
frequency  of  the  aerodynamic  excitation,  and  of  course  of  the  relative  levels  of  total  structural  and 
aerodynamic  damping.  In  flight  the  aerodynamic  damping  is  more  important^  and  it  is  thus  probably  the 
first  requirement  in  any  corresponding  model  experiment  that  the  structural  damping  should  be  kept  as  low 
as  possible. 

Fig  2 shows  a small  selection  taken  from  aerofoil  test  data  of  the  many  types  of  static-pressure 
distribution  which  can  occur  at  buffeting  conditions  on  a wing  at  high  subsonic  speeds..  In  each  case  a 
change  of  one  degree  of  incidence  is  shown  after  buffet  onset,  that  is  after  separation  of  the  surface 
boundary  layers  has  started.  The  part  of  the  wing  chord  subject  to  unsteady  loading  at  the  higher  incidence 
in  each  case  is  shown  with  a zig-zag  line  along  the  x-axis.  This  is  the  main  source  of  aerodynamic  excita- 
tion in  the  'rigid'  wing  case,  but  if  the  local  incidence  is  varying  significantly  as  the  wing  vibrates 
elastically  in  response  to  the  unsteady  loading,  we  will  get  extra  cyclic  excitation  due  to  the  vibration 
itself.  The  oscillation  in  loading  associated  with  this  could  be  smaller  than,  but  similar  to,  that  bet- 
ween the  quasi-. teady  distribution  shown  in  these  diagrams.  At  the  lowest  Mach  number  of  0.65,  the  change 
in  load  due  to  a shock-induced  'bubble'  separation  is  shown  (Wing  A)  which  will  result  in  an  increase  in 
the  local  lift  force  (+6L)  and  a nose-up  couple  (+AM)  about  the  flexural  axis  (assumed  here  to  be  about  402 
chord).  However,  as  the  case  for  Wing  C shows,  if  a flow  separation  builds  from  the  trailing  edge,  there 
can  be  a dramatic  drop  in  the  suction  level  on  the  upper  surface  near  the  leading  edge  giving  quite  the 
reverse  effect,  a resultant  loss  in  lift  (-AL)  and  a nose  down  couple  (-AM),  At  higher  speeds  the  worsening 
of  the  flow  separation  aft  of  a strong  shock  wave  due  to  a small  increase  in  incidence  can  have  either  the 
same  effect  on  the  local  lift  and  couple  (-AL,  -AM:  Wing  D at  M = 0,70),  or  completely  the  opposite  effect 
(Wing  B at  M = 0.79).  In  this  latter  case  the  shock  gets  much  stronger  with  a small  increase  in  incidence 
and  moves  forward  resulting  in  a rapid  transfer  of  the  lift  force  forward  on  the  chord.  However,  the  shock 
may  be  reluctant  to  move  forward  at  all  (Wing  A at  M = 0.80)  as  for  some  'supercritical'  wing  designs. 

Wing  B at  M = 0.70  shows  the  special  case  of  an  aft  flow  separation  on  a 'shockless'  type  of  supercritical 
wing  flow,  the  load  changes  due  to  an  increase  of  incidence  being  small  and  in  the  direction  +AL  and 
-AM  . 

The  sign  of  the  change  in  pitching  moment,  AM  , with  increase  of  incidence  on  an  aerofoil  section 
is  thought  to  be  an  important  characteristic  as  regards  the  possible  development  of  pitching  oscillations. 
Thus  if  the  slope  of  the  local  pitching  raoment/incidence  curve  becomes  negative  outboard  on  a three- 
dimensional  wing  with  respect  to  a moment  reference  point  at  or  near  the  nodal  line  of  a torsion  mode,  then 
single-degree-of-freedom  stalling  flutter  becomes  a possibility'®.  It  will,  of  course,  be  necessary  for 
this  sectional  aerodynamic  characteristic  to  apply  over  a large  part  of  the  outer  span  of  the  wing  and  for 
the  appropriate  type  of  hysteresis  loop  to  be  present  during  the  cycle  of  the  oscillation.  Fig  3 shows  the 
appropriate  pitching-moment  curves  for  •■wo  local  stations  at  0.6  and  0.9  semi-span  for  a particular  swept 
wing  design,  the  dynamic  characteristics  of  which  are  discussed  in  detail  later  in  this  paper.  The  marked 
negative  slope  in  the  curves  at  both  stations  at  incidences  between  6°  and  9°  should  be  noted.  Some  typi- 
cal forms  of  hysteresis  loop  are  also  shown  diagrammatically.  This  marked  negative  slope  is  mainly  due  to 
the  shock  moving  forward  between  the  moment  reference  point  (at  35%  chord)  and  the  leading  edge  in  this 
incidence  range.  At  higher  Mach  numbers  this  characteristic  does  not  occur  because  the  corresponding 
rapid  forward  movement  of  the  shock  is  aft  of  the  reference  point.  The  sketches  in  the  lower  half  of  Fig  2 
demonstrate  this  effect. 

As  may  be  inferred  from  the  changes  in  pressure  distribution  shown  in  Fig  2,  of  particular  importance 
is  the  aerodynamic  excitation  locally  near  a strong  shock  wave  where  there  is  a large  change  of  pressure 
on  the  surface.  Data  from  some  past  RAE  measurements  on  a rigid  wing  section  are  shown  in  Fig  4 for  the 
case  where  the  shock  has  caused  a bubble  separation.  The  rms  pressure  on  the  surface  near  the  leading  edge 
of  the  bubble,  i.e.  near  the  foot  of  the  shock,  was  found  to  be  highest  in  the  lower  range  of  frequency 
parameters,  up  to  (fc/V)  ■ 0.2  . This  is  the  range  which  will  generally  include  those  frequencies  typical 
for  the  primary  bending  and  torsion  modes  of  an  aircraft  wing.  At  higher  frequencies,  however,  the  excita- 
tion was  greatest  at  the  rear  of  the  'bubble'  separation,  that  is,  where  reattachment  of  the  flow  to  the 
surface  was  taking  place.  However,  there  was  no  indication  in  the  data  of  sharp  tuning  in  the  frequency 
spectrum  of  the  excitation;  the  model  was  thought  to  be  effectively  rigid  over  this  frequency  range  with  no 
modes  of  structural  response  which  could  interact  with  r le  aerodynamic  flow. 

The  whole  flow  situation  over  a three-dimensional  wing  at  high  subsonic  speeds  and  high  incidences 
near  the  buffet-penetration  boundary  is,  of  course,  usually  very  complex  and  it  is  misleading  to  rely  too 
much  on  interpretations  from  two-dimensio  lal  data.;  To  make  this  point,  an  oil  flow  visualization  study  is 
shown  in  Fig  5 taken  from  some  recent  RAE  tests.  Areas  of  calm,  organized  flow  occur  alongside  strongly 
perturbed,  unsteady  flows.  Both  strong  shocks  and  weak,  oblique  shocks  are  present,  and  it  will  be  seen 
that  leading-edge,  trailing-edge,  vortex  and  shock-induced  types  of  flow  separation  all  occur  together. 

We  need  to  remind  ourselves,  however,  that  such  complex  patterns  of  partly-separated  flow  over  a surface 
as  indicated  by  such  visualization  techniques  are  actually  far  from  steady  with  respect  to  time,  time 
measured  in  terms  of  tens  or  hundreds  of  structural  vibrations,  that  is.  Thus  the  aerodynamic'  excitation 
characteristics  giving  rise  to  structural  response  are  probably  continuously  changing  at  a rate  which  can 
have  little  to  do  with  the  response  itself.  It  can  be  assumed  that  there  is  generally  a continuous,  random 
'drifting'  process  in  the  whole  flow  pattern  with  respect  to  time  which  contributes  to  a corresponding 
continuous  drift  in  the  amplitude  of  the  structural  response,  and  thus  presumably  in  the  degree  of 


interaction  between  excitation  and  response  in  any  mode.  To  give  circumstantial  evidence  for  this,  Fig  6 
shows  the  rms  structural  response  in  the  primary  bending  mode  for  three  wings  at  limiting  buffeting  condi- 
tions. The  'instantaneous'  rms  response  has  been  calculated  in  each  case  using  only  a very  few  cycles  at 
a time  and  is  plotted  against  an  extended  timescale  for  samples  as  long  as  45  s in  duration.-  The  zero  line 
has  been  included  and  it  is  clear  that  variations  of  50%  or  more  in  the  amplitude  of  the  response  occur  at 
comparatively  low  frequencies  (of  the  order  of  10  to  100  times  smaller  than  the  frequency  of  the  response 
itself).  The  record  shown  at  the  top  is  for  a large,  steel  half-model  in  a wind  tunnel,  with  a very  low 
level  of  stream  turbulence,  the  second  one  is  for  a smaller,  aeroelastic  complete  model,  (this  is  in  fact 
Model  577/Flex  2 of  Fig  8)  and  the  third  one  for  a small  military  aircraft  in  flight. 

In  the  first  two  cases,  of  course,  the  model  attitude  was  held  constant  with  respect  to  the  free- 
stream  direction.-  Conditions  were  not  so  easily  maintained  constant  in  the  flight  experiment,  however,  and 
the  aircraft  was  free  to  respond  as  a whole  leading  inevitably  to  some  small  variations  in  incidence  during 
the  recording.  Taken  as  a whole  the  similarity  of  these  three  records  may  be  taken  to  indicate  that  there 
is  a natural  tendency  for  comparatively  slow,  random  changes  in  aerodynamic  excitation  to  occur  at  separated- 
flow  conditions. 

3 MEASUREMENTS  WITH  FLEXIBLE  MODELS 
3.1  Models 

During  some  recent  tests  made  at  RAE  to  investigate  the  static-deformation  effects  of  full-scale 
aircraft  wings'^,  tests  were  carried  out  with  a range  of  model  wings  designed  with  bending  and  torsional 
characteristics,  scaled  such  that  the  three-dimensional  static  deformation  in  the  wind  tunnel  would  be 
approximately  the  same  as  that  for  a typical  wing  structure  in  flight  at  pre-determined  speeds  and  alti- 
tudes. Fig  7 shows  a sample  of  the  comparisons  made  as  regards  the  static  lift-incidence  curves  between  a 
normal  'rigid'  all-metal  model  wing  and  one  of  these  'aeroelastic'  wingj.  It  may  be  noted  in  passing  that 
representation  of  the  full-scale  deformation  characteristics  in  this  manner  generally  resulted  in  an 
increase  in  usable-lift,  and  that  the  vertical  deflection  of  the  tip  of  the  flexible  wing  was  of  the  order 
of  10  times  that  of  the  'rigid'  aluminium-alloy  wing  (and  about  30  times  that  of  one  made  in  steel).  As 
was  expected,  all  these  'pseudo'  aeroelastic  wings  had  greater  amplitudes  of  buffering  at  high  incidence 
than  usual,  but  purely  by  accident  it  was  noticed  that  at  some  conditions  there  was  a considerable  struc- 
tural response  in  the  primary  torsion  mode  of  the  wing  panel  superimposed  on  the  ncrmal  response  in  bending.; 
This  response  in  torsion  was  at  a frequency  too  high  for  observation  by  eye  and  was  not  even  immediately 
apparent  from  high-speed  cine  films.  A special  investigation  into  this  phenomenon  was  therefore  instituted. 

Fig  8 gives  some  details  of  the  three  wings,  all  of  the  same  aerodynamic  design,  for  which  dynamic 
data  are  quoted  in  this  paper.  The  577/AI  wing  was  made  of  solid  aluminium-alloy,  the  577/Flex  2 had  a 
composite  structure  of  steel  sheets  and  epoxy  resin,  and  the  2070  wing  had  a skin  of  carbon-fibre  epoxy 
composite  and  was  foam  filled.  Relative  to  the  nominally  'rigid'  all-metal  wing  (577/AI),  ihe  577/Flex  2 
wing  was  about  1/10  as  stiff  in  bending  and  about  1/8  as  stiff  in  torsion  (based  on  tip  deflections  under 
a nominal,  representative  load  distribution).  The  2070  wing  was  50%  larger  in  size  than  either  of  the 
other  two,  but  allowing  for  scale  this  was  about  1/2  as  stiff  in  bending  and  about  1/6  as  stitf  in  torsion 
as  the  all-metal  wing.  The  nodal  line  of  the  primary  torsion  mode  was  reasonably  straight  for  all  three 
models  and  the  wind-off  frequencies  were  760  Hz  (577/AI),  275  Hz  (577/Flex  2)  and  287  Hz  (2070).,  The 
primary  bending-mode  frequencies  were  77  Hz,  39  Hz  and  75  Hz  respectively.  The  nodal  lines  and  frequencies 
of  several  higher  bending  modes  are  indicated  in  the  diagram  together  with  the  positions  of  the  strain 
gauges,  accelerometers  and  upper-surface  pressure  transducers  used  in  the  experiments. 

The  aircraft  associated  with  these  models  was  in  fact  never  built  and  flown,  although  the  structural 
design  had  reached  an  advanced  stage  at  the  time  of  cancellation.  The  following  table  summarizes  some  of 
the  relevant  structural  features  of  the  above  three  models,  normalized  with  respect  to  the  nominal  full- 
scale  wing:- 


LL,  sweep  27.2° 

M = 0.8  : tunnel  Tg  = 45° 
Aircraft  at  sea  level 

Mode  1 
577/AI 
solid  metal 

Mode  1 
577/Flex  2 
steel /resin 

Model 

2070 

carbon  fibre/resin 

Aircraf  t 
(assumed  in 
model  design) 

Scale,  S 

1/15 

1/15 

I/IO 

1 .0 

ILN  per  ft 

3 X lO** 

3 « 10<> 

2 X 10^ 

5.9  X |0*> 

RN  on  mean  chord 

1.2b  X 10*> 

1.26  ' 10^ 

1.26  X 10‘> 

24.6  X io<’ 

Wing  density,  Ib/ft-^ 

171. 1 

143.4 

66.02 

20 

Air  densicy.  c . . 

air 

0.0413 

0.041  1 

0.0275 

0,0766 

Density  ratio,  wing/air 

4191 

3472 

2383 

261 

1st  L-nding  frequency,  Hz 

77 

39 

75 

(7!) 

1st  torsion  frequency, 

760 

275 

287 

(30) 

Relative  frequency  ■*  S 

1st  bending: 

0.b8 

0.  35 

1.0 

1.0 

1st  torsion: 

1.69 

0.61 

0.96 

1.0 

Relative  mass/S  ^ 

8.6 

7.2 

3.3 

1.0 

*Relative  stiffness/S^ 

bending : 

10.2 

1.0 

5.  33 

1.0 

torsion: 

8.2' 

1.0 

1.32 

1 .0 

^Relative  St  lU  ness/S-^C 

air 

bending: 

18.9 

1.85 

14.8 

1.0 

torsion: 

15.2 

1 .85 

3.65 

1 .0 

* Based  on  the  deflection  root-to-tip  due  to  a representative  loading,  summed  across  the  span.; 
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The  important  point  to  note  in  this  table  is  the  fact  that  the  scaled  frequencies  of  the  primary  bending 
and  torsion  modes  were  about  correct  for  the  2070  model  wing,  but  that  the  stiffnesses  were  too  high 
(5.33  X too  high  for  bending  and  1.32  x too  high  for  torsion)..  On  the  other  hand  the  stiffnesses  were 
correct  for  the  577/Flex  2 wings  but  the  frequencies  in  bending  and  torsion  were  too  low  relative  to  full- 
scale  (factors  of  0.35  and  0.61  respectively).  In  no  sense  were  these  true  'aeroelastic'  models  in  the 
context  of  conventional  flutter  testing.  In  the  design,  no  attempt  had  been  made  to  get  the  inertial 
characteristics  right:  the  static  strength  together  with  the  stiffness  (for  577/Flex  2)  or  the  mode- 
frequency  (for  2070)  were  the  primary  considerations. 

3.2  Buffeting  response 

The  two  577  wings  were  tested  at  two  angles  of  sweep  (LE,  27.2°  and  42°),  and  at  the  42°  setting  for 
the  most  part  a traditional  type  of  buffet  response  was  found  at  all  speeds.  Fig  9 gives  the  aerodynamic 
excitation  at  the  two  points  P]  and  ?2  (see  Fig  8)  as  measured  with  upper-surface  pressure  transducers 
for  a Mach  number  of  0.85  and  a tunnel  stagnation  pressure  adjusted  to  give  static  distortion  character- 
istics representative  of  full-scale  flight  at  sea  level.  Flow  separation  on  the  model  occurred  first  at 
the  trailing  edge  near  ?2  (at  a = 4,3°)  with  the  main  shock  lying  across  the  wing  just  aft  of  P]  . 

The  linear  spectral  loading  plots  show  a low  level  of  excitation  at  each  station.  By  a = 6.4°  however, 
the  shock  has  separated  the  whole  of  the  flow  behind  it  and  has  swung  round  to  the  leading  edge  at  the  tip, 
positioning  itself  right  over  P]  . There  is  a dramatic  increase  in  local  excitation  shown  here,  particu- 
larly at  the  lower  frequencies  (with  some  slight  suggestion  of  peaks  in  some  high-order  bending  modes)  but 
no  significant  increase  at  P2  , although  the  trailing-edge  static-pressure  has  risen  a little  as  the  extra 
diagram  at  the  top  shows.  By  a * 7.5°  the  flow  separation  has  spread  to  the  leading  edge  at  the  tip  and 
the  shock  has  moved  forward  and  inwards  leaving  the  point  Pj  well  inside  the  separated-f low  region.  The 
excitation  here  drops  back  to  a low  level  again,  but  in  the  separated  region  near  the  trailing  edge  the 
signal  at  P2  now  shows  a strong  increase  in  excitation,  particularly  at  very  low  frequencies,  associated 
with  a recovery  of  mean  static  pressure  at  this  position.  At  a higher  incidence  still,  with  the  flow  over 

the  whole  outer  wing  thoroughly  separated,  the  excitation  at  both  Pj  and  P2  becomes  very  even  across 

the  frequency  range. 

This  may  be  regarded  as  a fairly  normal  pattern  of  excitation  behaviour  in  a classic  case  of  buffet 
response.  The  corresponding  spectra  of  local  acceleration  of  the  wing  (normal  to  the  chordal  plane) 
indicate  a vigorous  response  in  several  of  the  modes  of  vibration,  including  primary  torsion.  These  are 
not  shown  here,  but  at  no  point  is  there  any  apparent  significant  interaction  with  the  excitation. 

3.3  Development  of  torsional  buzz 

In  contrast  to  this  normal  development  of  buffeting.  Fig  10  shows  for  the  same  577/Flex  2 wings  set 
at  a lower  sweep  how  a sfong,  single-mode  response  in  torsion  can  develop  as  buffet  is  penetrated,  a state 
of  torsional  buzz  being  achieved  at  same  incidences.  At  this  combination  of  a leading  edge  wing  sweep  of 
27.2°  and  a Mach  number  of  0.75,  the  shock  moves  forward  more  uniformly  across  the  span  as  flow  separations 
develop  and  in  fact  tends  to  remain  fully  swept,  lying  along  the  spanwise  generators  of  the  wing  except  at 
very  high  incidences.  By  an  incidence  of  6.5°  the  shock  has  moved  forward  to  a position  roughly  half  way 
between  the  nodal  line  of  the  primary  torsion  mode  of  the  wing  (shown  in  Fig  8)  and  the  leading  edge,  and 
Che  flow  aft  is  completely  separated  to  the  trailing  edge  over  the  whole  of  the  outer  half  of  the  wing.  A 

marked  response  in  this  particular  mode  (at  about  250  Hz)  develops  out  of  the  more  general  mild  buffeting 

response  at  preceding  incidences,  as  may  be  seen  by  the  signal  from  the  accelerometer  A|  . The  pressure 
at  the  foot  of  the  shock  at  F|  becomes  generally  very  unsteady  and  also  shows  a corresponding  peak.  The 
shock  is  thus  moving  in  sympathy  with  this  torsional  response  of  the  wing  and  there  is  the  possibility  of  a 
state  of  incipient  buzz.  It  will  be  noted  that  the  unsteady  pressure  at  P|  also  contains  a peak  at 
165  Hz,  the  frequency  of  a high-order  bending  mode  which  has  a nodal  line  outboard  near  the  tip  (see  Fig  8), 
but  that  the  structural  response  as  given  by  Aj  does  not  show  any  significant  peak  associated  with  this. 

As  incidence  is  further  increased  this  secondary  peak  in  the  spectrum  of  the  pressure  disappears  and  the 
possibility  of  torsional  buzz  at  a frequency  near  250  Hz  becomes  stronger  because  of  the  marked  peaks  in 
the  unsteady  pressure  spectrum  from  both  the  transducer  at  P|  near  the  foot  of  the  shock  and  the  trans- 
ducer at  P2  near  the  trailing  edge.  This  is  shown  in  the  separate  spectral  plots  at  the  top  of  the 
diagram  for  a ■ 7.6°  . At  higher  incidences  still,  above  8.7°,  the  shock  moving  forward  with  increase  of 
incidence  reaches  positions  so  near  to  the  leading  edge  that  movement  in  sympathy  with  to>-sional  vibration 
of  the  wing  becomes  inhibited  and  the  buzz  response  can  no  longer  be  sustained.  The  peaks  in  the  spectra 
of  unsteady  pressure  virtually  disappear  and  the  response  of  the  structure  reverts  to  what  is  more  properly 
described  as  a state  of  buffeting,  although  intermittent  bursts  of  buzz  are  still  evident. 

fig  I la  gives  some  samples  of  the  raw  signal  from  the  accelerometer  at  Aj  for  this  same  case.  Wlien 
flow  separations  first  appear  at  a * 4,4°  the  response  is  initially  mainly  in  the  first  few  bending  modes, 
but  as  incidence  is  increased  this  then  decreases  as  the  primary  torsioial  mode  is  excited.  A moderate 
level  of  buffeting  in  this  higher-t requency  mode  occurs  by  a ■ 6.0°  and  by  a • 7.6°  the  buzz  or  sus- 
tained limit  cycle  of  comparatively  large  amplitude  has  developed.  As  the  corresponding  filtered  signals 
in  Fig  lib  show,  a buffet  response  in  the  primary  bending  mode  is  superimposed  which  persists  at  the  highest 
iiu  idence  when  the  mean  torsional  response  has  become  smaller  in  amplitude  and  intermittent  in  character. 

It  should  be  noted  that  the  torsional  buzz  response  at  a ' 7.6°  is  by  no  means  steady  in  amplitude,  but 
1 roin  the  remarks  made  above  with  the  respect  to  the  data  of  Fig  6 we  should  not  expect  this.  Generally  it 
was  lound  that  any  increase  in  amplitude  of  the  primary  torsional  mode  was  accompanied  by  a reduction  in 
the  buftet  response  in  the  primary  bending  mode,  or  at  least  by  an  arrest  in  its  growth  with  incidence. 

Ihis  moderation  of  a low  frequency  response  (in  bending)  by  a strong  response  at  a higher  frequency  (in 
torsion)  will  be  of  benellt  full-scale  where  the  former  type  of  response  is  usually  of  more  concern  as 
regards  the  ability  ol  the  pilot  to  carry  out  his  tasks  and  can  thus  be  a criterion  for  limiting  the 
manoeuyre  performance  of  an  aircraft.  However  the  structural  implications  of  too  strong  a response  at  a 
high  frequency  may  well  be  oyerriding. 

It  is  interesting  at  this  point  to  lorapare  the  frequency  spectra  of  the  structural  response  of  the 
three  model  wings  shown  in  Fig  8 at  an  incidence  chosen  such  that  this  response  is  near  the  maximum 
achieyed  over  the  incidence  range  in  all  three  cases  at  this  Mach  number.  Fig  12  shows  this  comparison 


1 


4-5 


for  a - 7.5°  , but  it  must  be  noted  that  because  of  the  different  static  distortion  of  the  three  wings, 
the  aerodynamic  lift  and  flow  conditions  will  be  somewhat  different.  For  the  577/Flex  2 wing  the  diagram 
already  shown  in  Fig  10  at  buzz  conditions  is  reproduced,  obtained  using  the  signal  from  the  A|  accelero- 
meter. The  2070  wing  never  at  any  time  in  the  whole  test  range  showed  such  clear  indications  of  a sus- 
tained limit  cycle,  and  here  at  o = 7.5°  the  response  as  indicated  by  the  signal  from  the  Aj  accelero- 
meter is  best  described  as  'single-mode  buffeting'.  The  response  is  highly  tuned,  but  the  mean  rms  wing- 
twist  amplitude  about  the  nodal  line,  although  still  large  by  normal  buffeting  standards,  was  only  about 
10%  of  that  of  the  mean  rms  of  the  limit  cycle  of  the  577/Flex  2 wing  at  this  incidence.  Even  at  higher 
incidences  the  maximum  amplitude  achieved  was  only  a little  over  double  this.  Lastly  the  corresponding 
frequency  spectrum  of  the  response  of  the  577/Al  wing  is  shown;  with  several  modes  evidently  being  excited 
and  more  background  'noise'  present  we  can  identify  this  as  the  more  traditional  type  of  buffet  response. 
Even  here,  however,  on  a much  stiffer  wing  with  a much  higher  frequency  primary-torsion  mode  involved,  the 
structure  responds  significantly  in  this  same  manner.  In  this  instance  the  signal  from  strain  gauges 
(Sj)  at  the  wing  root  was  used  since  no  accelerometers  were  fitted,  so  interpretation  of  the  analysed 
signal  is  not  so  easy  as  in  the  other  two  cases.  Cross  checks  made  comparing  the  signals  from  the  strain 
gauges  on  the  other  two  wings  (S2  and  S3  , see  Fig  8),  with  the  corresponding  accelerometer  signals 
demonstrated  that  the  same  characteristics  were  being  indicated  by  both  types  of  transducer.; 

For  convenience  the  values  of  the  stiffness  and  frequency  of  these  three  models  in  the  primary  torsion 
mode,  relative  to  a nominal  full-scale  aircraft  structure,  have  also  been  included  in  Fig  12,  taken  from  the 
table  given  previously  in  section  3.1.  Also  for  interest  the  values  of  the  frequency  parameter  uc/V  are 
quoted,  based  on  wing  mean  chord;  a value  of  0.5  for  this  function  is  sometimes  regarded  as  a threshold, 
below  which  'stall  flutter'  may  occur*®.  As  was  mentioned  in  section  3.1,  577/Flex  2 wing  had  a torsional 
stiffness  representative  of  the  equivalent  aircraft  but  too  low  a frequency  in  the  primary  torsion  mode; 
the  2070  wing  on  the  other  hand  had  a representative  frequency  but  too  high  a stifness.  It  is  a moot  point 
which  of  these  characteristics  is  the  more  important  to  get  right  in  a model  experiment  in  order  to  make  the 
best  prediction  of  full-scale  behaviour.  It  is  clear  however  chat  response  data  such  as  shown  here  from 
using  either  the  577/Flex  2 or  2070  model  designs  would  raise  doubts  as  regards  the  excitation  of  the 
primary  torsion  mode  on  a full-scale  aircraft.  The  values  of  uc/V  , although  consistent  with  the  relative 
magnitude  of  the  response  from  the  three  models  cannot  be  used  in  any  more  direct  way.  The  value  of  this 
parameter  at  corresponding  conditions  full-scale  is  about  l.A  for  the  nominal  aircraft  at  sea  level,  i.e. 
about  the  same  as  for  the  2070  model  wing. 

One  of  the  conditions  for  the  development  of  this  torsional  buzz  response,  referred  to  earlier  in 
section  2,  is  the  negative  slope  of  the  curve  of  local  sectional  pitching  moment  outboard  on  a wing  with 
respect  to  incidence.  The  appropriate  curves  for  0.6  and  0.9  semi-span,  obtained  from  static  pressure 
measurements  at  M = 0.75  with  another  model  of  this  same  wi  design,  were  shown  in  Fig  3 and  it  will  be 
noted  that  for  a local  moment  reference  point  at  35%  chord,  i.e,  near  the  primary  torsion  mode  node  line 
of  the  577/Flex  2 model,  there  is  a marked  negative  slope  between  incidences  of  6°  and  9°,  i.e.  just  in 
the  range  of  incidence  in  which  buzz  was  found  to  occur.  It  must  be  supposed  that  the  hysteresis  within 
the  local  pitching  moment  with  respect  to  small  oscillations  in  local  incidence  must  have  been  such  that 
a significant  degree  of  negative  aerodynamic  damping  was  developed  in  this  range. 

Summing  up  at  this  point  the  aerodynamic  factors  which  probably  contributed  to  the  development  of 
wing  torsional  buzz  in  this  case,  we  can  note  the  limited  range  of  sweepback  angle,  Mach  number  and  inci- 
dence at  which  a strong  shock  wave  on  the  upper  surface  lies  approximately  parallel  to,  and  a reasonable 
distance  from,  the  nodal  line  of  the  structural  mode  of  vibration  in  question.  The  shock  must  be  neither 
too  near  the  nodal  line  of  the  motion  nor  too  near  the  wing  leading  edge.  Such  a position  of  the  shock 
needs  to  be  fairly  uniform  across  the  span  of  the  outer  wing,  as  indeed  a wing  designer  might  well  strive 
for  in  order  to  maximize  aerodynamic  performance.  Secondly,  the  movement  of  this  shock  with  incidence 
under  the  influence  of  the  separated  flow  behind  it  needs  to  be  such  that  the  slope  of  the  characteristic 
of  local  pitching  moment  about  the  nodal  line  with  respect  to  incidence  is  negative.  These  factors  can 
probably  be  generalized  in  principle  with  respect  to  any  structural  mode  of  vibration,  and  are  the  kind  of 
features  which  can  be  fairly  readily  identified  from  conventional  static-test  force  and  pressure  data. 
However,  the  extent  to  which  aerodynamic  damping  becomes  negative  and  varies  with  the  amplitude  of  the 
motion  is  a critical  factor  which  is  difficult  to  predict  without  special  test  techniques. 

Whether  this  buzz  response  in  torsion  at  the  peak  of  its  development  can  be  properly  identified  as 
single-degree-of-freedom  flutter  is,  of  course,  open  to  interpretation.  The  evidence  (not  all  of  which 
is  shown  here)  is  mainly  circumstantial,  but  the  authors  are  of  the  opinion  that,  taken  overall,  this  is 
strong  enough  to  make  this  identification  beyond  any  reasonable  doubt, 

3,4  Calculation  of  damping 

Fig  13  gives  some  calculated  values  of  the  total  apparent  damping  in  the  primary  bending  and  torsion 
modes  for  the  three  wings  at  M = 0.75,  the  leading-edge  sweep  being  27.2°.  The  values  quoted  are  expressed 
as  a percentage  of  the  critical  damping  and  have  been  obtained  from  the  signals  from  the  transducers  A|, 

A3  and  S|  as  appropriate  by  using  an  autocorrelation  method^®  developed  at  the  RAE  for  use  with  a 
Hewlett-Packard  digital  Fourier  analyser.  The  signals  were  pre-filtered  at  frequencies  indicated  from  the 
previous  spectral  analysis  and  considerable  trouble  was  taken  to  avoid  errors.  At  each  incidence  the 
average  of  about  40  sequential  calculations  is  plotted  in  the  figure  using  long  lecorded  samples  of  about 
60  s in  duration.  From  what  has  been  said  earlier  as  regards  the  inherent,  comparatively  slow  drifting  in 
the  separated  aerodynamic  flows  at  deep  buffeting  conditions,  this  need  to  take  means  over  long  periods  of 
time  to  obtain  consistent  results  will  be  appreciated.  A continuous  check  was  made  for  distortion  in  the 
logarithmic-decrement  characteristics  as  the  analysis  proceeded.  Since  some  of  the  damping  ratios  were 
very  small,  added  accuracy  was  obtained  where  necessary  by  adding  a known  positive  value  of  damping  mathe- 
matically during  the  calculation  '(at  the  appropriate  frequency  of  the  mode  in  question)  and  then  subtract- 
ing this  again  from  the  final  answer.  As  will  be  seen  the  results  appear  to  be  consistent  and  plausible 
taken  overall. 

The  damping,  wind-off,  was  obtained  in  each  case  by  making  a separate  experiment  and  checks  were 
made  over  a wide  range  of  stagnation  pressures  at  low  Mach  number,  attached-flow  conditions  to  demonstrate. 
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circumstantially  at  least,  that  the  level  of  structural  damping  obtained  wind-off  was  likely  to  be  sensibly 
constant  over  tne  range  of  aerodynamic  loads  applied  during  the  main  tests.  Other  subsidiary  investigations 
demonstrated  that  the  still-air  damping,  wind-off,  was  negligible  and  that  the  temperature  effects  on  struc- 
tural damping  were  small  enough  to  be  allowed  for  by  means  of  simple  corrections.-  Because  of  an  unfortunate 
oversight  no  value  of  the  wind-off  damping  for  the  2070  wing  in  bending  can  be  quoted  with  confidence. 

The  results  show.,  for  the  577/AI  wing  of  conventional  model  construction  in  Fig  13  are  as  expected, 
although  the  tendency  for  the  apparent  total  damping  ratio  to  fall  in  both  the  bending  and  torsion  modes  as 
incidence  is  increased  is  not  without  interest.  However,  of  greater  interest  is  the  way  the  apparent  damp- 
ing ratio  in  the  primary  torsion  mode  falls  dramatically  as  incidence  is  increased  from  2°  onwards  for  both 
the  wings  of  flexible  construction.  In  the  case  of  the  577/Flex  2 wing,  the  mean  damping  becomes  zero  over 
the  range  of  incidence  at  which  buzz  was  observed  to  occur  (7^  to  8J°  at  M = 0.75),  but  that  for  the  2070 
wing  always  remained  positive.  Associated  with  this  fall  in  total  damping  in  the  torsion  mode  there  is  a 
rise  in  that  in  the  primary  bending  mode.  It  will  be  noted  that  the  aerodynamic  contribution  to  the  total 
app  rent  damping  ratio  in  the  torsion  mode  becomes  negative  at  the  higher  incidences..  The  three  cases 
discussed  in  Fig  12  at  an  incidence  of  near  7.5°  are  marked  with  a small  arrow  in  Fig  13. 

3.5  Response  amplitude 

The  comparatively  high  amplitude  of  the  limit  cycle  developed  in  a torsional  buzz  condition  is  of 
particular  interest,  since  at  full-scale  this  is  a measure  of  the  oscillatory  stresses  induced  in  the 
structure  and  thus  of  the  effects  on  fatigue  life.  The  amplitude  of  the  twist  about  the  nodal  line  at  the 
position  of  the  accelerometer  A|  (i.e.  at  about  70%  semi-span)  for  model  577/Flex  2 is  plotted  in  Fig  14 
at  M = 0.75,  together  with  the  apparent  aerodynamic  damping  derived  from  Fig  13.  Although  scaling  to 
appropriate  conditions  in  flight  cannot  be  done  with  confidence,  the  peak  value  of  ±0.56°  observed  on  the 
model  at  a = 7.6°  is  thought  likely  to  be  at  least  of  the  same  order  as  that  on  the  aircraft.  A smaller 
ratio  of  structural  damping  to  aerodynamic  damping  is  likely  in  flight  and  this  • self  could  mean  that  the 
amplitudes  developed  full-scale  will  be  somewhat  larger  than  indicated  by  a mode  experiment  such  as  this. 
The  amplitudes  at  the  extreme  wing  tip  on  the  model  are  likely  to  be  about  30%  higher  than  those  at  70% 
semi-span,  based  on  the  ratio  of  the  static  twist  deformations.  As  Fig  14  .<=hows,  the  corresponding  ampli- 
tudes for  the  2070  model  wing  were  smaller  but  very  similar  in  character.  In  both  cases  the  build-up  of 
amplitude  in  torsion  starts  abruptly  just  at  that  point  in  the  incidence  range  at  which  the  aerodynamic 
apparent  damping  starts  to  become  negative. 

It  IS  interesting  to  note  that  the  rapid  growth  of  amplitude  in  the  primary  torsion  mode  up  to  buzz 
coincided  with  a marked  dip  in  the  amplitude  of  the  primary  bending  mode.  Subsequently  as  the  torsional 
amplitude  declined  at  higher  incidences  the  amplitude  in  bending  increased  once  again.  The  full  line  in 
Fig  15  shows  this  amplitude  at  70%  semi-span  for  the  577/Flex  2 wing  expressed  as  the  vertical  oscillatory 
displacement  at  the  A]  accelerometer  position  divided  by  the  mean  chord  of  the  wing.  Under  'normal' 
buffeting  development  this  marked  reduction  in  the  amplitude  of  the  primary  bending  mode  did  not  occur. 
Associated  with  this  reduction,  the  apparent  aerodynamic  damping  in  the  bending  mode  rises  sharply,  and 
reference  to  Fig  13  shows  that  even  in  the  case  of  the  2070  model  wing  with  its  milder  growth  of  amplitude 
in  torsion,  the  damping  of  the  bending  mode  apparently  first  dips  and  then  rises  significantly  in  a similar 
fashion  to  that  for  the  577/Flex  2 wing  as  the  amplitude  in  torsion  first  grows  and  then  declines  again 
through  the  incidence  range.  Generally  at  all  conditions  it  was  found  that  this  opposing  effect  in  ampli- 
tude in  the  two  modes  appeared  to  be  consistent  with  the  variations  in  the  apparent  damping  ratios  obtained 
independently  in  the  analysis.  Thus  we  may  draw  the  conclusion  that  the  occurrence  of  buzz  in  a high- 
frequency  mode,  even  though  this  is  only  incipient  or  intermittent,  can  be  beneficial  full  scale.  The  buzz 
itself  will  be  of  little  concern  to  the  pilot  but  the  more  disturbing  buffet  amplitudes  at  low  frequency 
may  be  moderated  significantly. 


One  of  the  main  characteristics  of  single-degree-of-f reedom  flutter  or  buzz  is  that  it  takes  the  form 
of  a limit-cycle*®.  The  'limit'  of  the  cycle  may  vary  considerably  in  amplitude  with  time  because  of  the 
random  nature  of  the  aerodynamic  separated  flows  present  and  the  interaction  with  the  buffet  response  in 
ocher  modes,  but  the  oscillation  is  usually  of  nearly  constant  frequency  and  is  sustained  virtually  without 
interruption.-  However,  another  characteristic  of  buzz  is  that  there  is  usually  a lower  threshold  in  ampli- 
tude below  which  the  sustained  oscillation  dies  away,  only  to  be  restarted  when  this  threshold  is  exceeded 
again*®.  Thus  with  highly  unsteady  flows  present,  it  is  possible  to  have  a state  of  intermittent  buzz,  the 
limit-cycle  being  triggered  by  an  occasional  large-amplitude  excursion  in  the  preceding  buffet-response  and 
then  being  cancelled  again  by  a momentary  'low'  in  the  buzz  amplitude.;  An  example  of  this  state  is  shown  in 
the  lowest  trace  in  Fig  I lb  at  u = 9.2°  ; the  mean  total  apparent  damping  ratio  ’.’ds  positive  (Fig  13)  but 
in  fact  was  probably  switching  between  zero  and  a value  of  about  ±1%.;  Thus,  ncc  only  can  the  amplitude  of 
the  full  buzz  condition  vary  considerably  with  time,  but  near  the  onset  boundary  of  buzz  very  large  varia- 
tions in  amplitude  can  occur.;  Well  clear  of  the  buzz  condition,  of  course,  the  amplitude  of  the  mode  con- 
cerned is  small,  even  though  the  response  may  be  highly-tuned  and  is  best  described  as  'single-mode  buffet- 
ing' (Fig  II). 


3.6  Differentiation  between  buffeting  and  buzz 


The  analysis  of  transducer  signals  in  aerodynamic  experiments  to  obtain  damping  ratios  in  a reliable 
and  consistent  manner  is  time-consuming  and  always  fraught  with  many  difficulties.  Also,  long  samples  are 
required  which  are  sometimes  not  available.  As  the  data  of  Fig  13  shows,  to  monitor  experiments  and  to 
make  sensible  comparisons  between  cases  is  not  easy  using  the  derived  values  of  apparent  damping  ratio, 
particularly  when  a buzz  response  grows  out  of  a state  of  single-mode  buffeting.-  A special  technique  was 
used  therefore  to  differentiate  between  buffeting  and  buzz  in  the  analysis  of  the  data  from  the  wind-tunnel 
experiments  described  here.. 

If  the  signal  concerned  appears  to  have  a sustained  oscillation  of  virtually  constant  freqjency,  even 
though  the  amplitude  is  varying  with  time,  the  state  of  buzz  is  readily  identified.  On  the  other  hand  it 
the  signal  takes  the  form  of  a series  of  short-lived  batches  of  oscillations  interspersed  with  null  points 
at  zero  amplitude,  there  is  little  problem  in  identifying  this  as  a case  of  buffeting.;  A simple  electronic 
device  was  therefore  employed  to  count  the  number  of  times  in  an  interval  of  time  that  the  amplitude  of  the 
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signal  dropped  to  zero.  As  the  nuaber  of  nulls  progressively  dropped  to  zero  and  me  Batches  of  cycles 
thus  becaaw  progressively  longer,  it  could  be  clearly  seen  that  a state  of  buzz  had  emerged  fro-a  a state 
of  buffeting.  It  was  found  by  experience  that  the  most  consistent  way  of  counting  the  number  of  such  null 
points  was  to  use  as  a criterion  the  fact  that  a fairly  large  change  of  phase-angle  usually  occjrred  bet- 
ween the  batches  of  cycles.  After  some  trial-and-error  the  nuaber  of  phase  changes  greater  than  v/S  , 
counted  per  1000  cycles  of  the  oscillation,  was  adopted.  All  that  was  required  to  pre-cor.dicion  the  signal 
was  a narrow-band  filter  to  isolate  the  component  of  the  mode  in  question  before  using  the  counting  device. 

The  numbers  of  these  phase-changes  as  defined  above  are  plotted  in  Fig  16  for  the  primary  torsion 
mode  of  the  three  wings  used  in  the  dynamic  experiaunts,  and  the  characteristics  may  be  compared  with  the 
apparent  damping  ratios  in  this  ande  shown  in  Fig  13.  A log  scale  is  used  to  increase  sensitivity  at  the 
lower  values  of  the  number  of  phase  changes  recoro'd.  Although  strictly  speaking  a zero  count  is  needed 
to  indicate  a full  buzz  condition,  a level  of  G. I counts  per  1000  cycles  was  generally  found  to  be  associ- 
ated with  a awan  apparent  daaqiing  ratio  of  zero  (as  far  as  this  could  reasonably  be  established),  and,  for 
the  577/Flex  2 ax>del,  a count  of  I per  '000  cycles  was  a clear  indication  of  incipient  buzz.  The  insensiti- 
vity of  the  'rigid*  wings  of  the  577/AI  andel  to  this  criterion  and  the  reluctance  of  the  phase-change 
count  for  the  2070  model  wings  to  drop  below  S at  any  point  in  the  incidence  range,  should  be  noted.  The 
appropriate  counts  for  the  priaiary-bending  and  primary-torsion  modes  of  the  577/Flex  2 are  shown  compared, 
also  in  Fig  16. 

For  convenience  a 'Buzz  Hurtber'  has  been  contrived  by  taking  the  inverse  of  the  phase-change  count 
referred  to  above.  Thus  as  buffeting  develops  into  buzz  this  number  rises  in  value.  Fig  17  shows  contours 
of  this  buzz  number  for  the  577/Flex  2 wings  against  Mach  number  and  angle  of  incidence.  The  line  for  the 
onset  of  buffeting  in  the  primary  torsion  mode  was  obtained  by  a separate  close  scrutiny  of  the  individual 
spectral-density  plots  and  in  general  the  buzz  number  was  found  to  be  in  the  range  0.03  - 0.05  at  and  below 
this  boundary.  A clear  state  of  buzz  was  obtained  within  the  contour  of  a buzz  number  of  10,  and  outside 
this,  within  the  contour  of  1.0,  an  incipient  state  of  buzz  was  generally  apparent.  It  will  be  noted  that 
there  appear  to  be  both  upper  and  lower  bounds  in  both  Mach  number  and  incidence  to  the  onset  of  buzz. 

Some  partial  explanation  of  this  may  be  found  in  the  way  the  quasi-steady  aerodynamic  flows  oevelop  locally 
with  respect  to  these  two  parameters  but  no  detailed  discussion  of  this  is  possible  here.-  As  has  been 
noted  in  section  2 with  respect  to  Fig  3,  there  is  a restricted  range  of  Mach  number  and  incidence  with!;- 
which  the  upper-surface  shock  moves  forward  rapidly  with  increase  of  incidence  between  the  nodal  line  of 
the  torsion  mode  and  the  wing  leading  edge.-  At  tl  is  wing  sweep  (27.2°,  leading  edge)  tl  ss  movement  was 
fairly  uniform  over  the  outer  wing  (see  Fig  10). 

4 EVIDENCE  FROM  FLIGHT  EXPERIENCE 

The  onset  of  vibration  in  modes  of  comparatively  high  frequency,  such  as  the  primary  torsion  mode, 
is  not  likely  to  be  noticed  by  the  pilot  of  an  aircraft,  particularly  when  a general  level  of  buffeting  at 
low  frequency  is  present.  Even  when  recordings  of  signals  from  accelerometers  on  the  wing  are  made  and 
analysed  to  bring  out  the  various  frequency  components  c*'  a vibration,  seldom  are  the  samples  very  long  at 
any  one  aerodynamic  flow  condition,  it  is  thus  hardly  surprising  that  the  development  of  high  frequency 
buzz  is  not  well  documented  in  the  literature. 

For  an  example  of  the  excitation  of  these  higher-frequency  structural  modes  in  flight,  attention  may 
be  drawn  in  the  first  instance  to  some  of  the  data  presented  by  Benepe  of  General  Dynamics  at  a recent 
AGARD  symposium^'.  The  example  was  given  of  a variable-sweep  aircraft  with  the  wings  in  a low-sweep 
position  executing  a slow,  4g  wind-up  turn  at  about  0.8  Mach  number  (Fig  18).  The  buffet  response  of  the 
wing  generally  increased  during  this  manoeuvre  as  expected,  but  over  a certain  band  of  incidences  in  the 
range  there  was  a marked  tendency  for  the  first  torsion  mode  to  be  strongly  excited  more  than  any  others. 
This  is  shown  by  the  way  the  measurement  of  wing  torsional  moment  varied  with  incidence  - in  particular 
the  width  of  the  band  of  recordings  made  between,  say,  19  and  24  s - and  the  peakiness  in  the  PSD  distribu- 
tions shown  for  the  time  interval  18.5  to  20.5  s at  25  Hz,  this  being  the  frequency  of  the  first  wing- 
torsion  mode.  Benepe  makes  the  point  that  all  the  signs  here  point  to  the  occurrence  nf  wir.g-torsional 
buzz.  The  corresponding  data  obtained  from  a 1/6  scale  wind  tunnel  model  (Fig  15)  shows  that  at  the  same 
aerodynamic  conditions  even  with  a very  stiff  structure  which  has  comparatively  small  amplitudes  of  struc- 
tural response,  the  power  spectra  of  the  surfa<.,e  pressure  fluctuations  exhibit  a tendency  to  peak  at  the 
frequency  of  the  primary  torsion  mode  of  the  model  wing.  These  fluctuations  were  well  correlated  chord- 
wise  at  this  frequency,  and  the  pressure-distribution  diagram  shows  that  a fairly  strong  shock  wave  lies 
across  the  span  of  the  wing  at  this  condition,  presumably  fairly  parallel  to  the  flexural  axis  in  torsion. 
The  conditions  for  buzz  are  thus  very  simi’ar  to  those  found  in  the  RAE  expciiments  discussed  above  and 
this  comparatively  'rigid'  model  data  shows  just  how  prone  to  this  type  of  response  one  would  expect  the 
corresponding  more  flexible  aircraft  wing  to  be. 

As  a second  example,  a limited  amount  of  data  can  be  quoted  here  from  tests  with  another  aircraft, 
not  too  different  in  configuration  from  the  RAE  model  wing  discussed  in  earlier  sections.  Some  sample 
records  are  shown  in  Fig  20.  The  records  shown  ’n  (a)  give,  at  the  top,  an  excerpt  from  the  raw  record 
from  a port-side  wing-tip,  leading-edge  accelerometer  for  a 4g  wind-up  tULn.-  This  appears  to  be  a fairly 

normal  case  of  buffet  response,  and  subsequent  filtering  to  bring  out  the  first  torsion-mode  and  the  first 

bending-mode  separately  shows  very  much  wh.tt  one  might  expect!  short-lived  batches  of  oscillations  inter- 
spersed with  a return  to  zero  and  a phase  change  in  each  case.  The  frequencies  of  these  two  modes  were 

approximately  28  lit  and  7 Hz  respectively  during  this  flight.  The  record  shown  in  (b)  have  been  included 
here  to  demonstrate  by  reference  to  another  but  similar  flight  with  the  same  aircraft  how  the  two  wings 
can  behave  rather  differently.  At  time  T|  , just  after  the  start  of  the  manoeuvre,  the  port  wing  shows  a 
tendency  to  develop  a response  in  the  first-bending  mode  whereas  at  the  same  time  the  starboard  wing 
responds  primarily  in  the  first  torsion  mode.  Soon  aftt  this  at  time  T2  , however,  both  wings  respond 

rather  more  generally  in  buffet  in  a whole  range  of  modes  and  frequencies.  The  records  shown  in  (c)  for  a 

different  flight  condition  show  some  hint  of  what  we  have  been  discussing  in  this  paper.  The  M.ach  number 

and  the  g pulled  are  both  higher  than  in  (a)  and  (b)  and  filtering  the  raw  accelerometer  signal  to  show 

the  response  in  the  first  torsion-mode  demonstrates  that  in  this  case  longer-than-normal  periods  of  sus- 
tained vibration  occur.  The  PSD  plot  on  the  right-hand  side  of  the  diagram  (on  a linear  scale)  shows  that 
the  energy  is  mainly  concentrated  in  this  mode.  Such  low-level  vibrations  of  the  wing  structure  at  such 
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high  frequencies  raise  no  problems  in  this  particular  case  for  either  pilot  or  airframe:  indeed,  as  we 
have  seen  from  the  test  rr suits  ftoi  the  RAE  wing  577/Flex  2,  the  response  to  excitation  in  such  higher 
modes  can  be  associated  with  a marl’d  ’.eduction  of  that  in  lower-frequency  modes,  such  as  those  in  primary 
bending,  which  can  limit  the  effectiveness  of  the  pilot  if  allowed  to  become  too  large  in  amplitude. 

5 RESPONSE  IN  OTHER  MODES 

As  a demonstration  that  higher-order  modes  in  bending  can  have  the  same  effect  as  those  in  torsion, 
reference  may  be  made  to  some  transonic  tunnel  tests  made  many  years  ago  with  a solid  steel  complete  model 
of  a transport-aircraft  layout^^.  Some  data  is  quoted  here  in  Fig  21.  The  model  responded  to  aerodynamic 
excitation  in  a whole  range  of  bending  modes,  for  example  at  46,  79,  124,  205  and  500  Hz,  as  the  spectral 
analysis  of  the  wing-root  bending-moment  signal  showed.  All  these  modes  were  excited  by  the  development 
of  shock  waves  and  associated  areas  of  flow  separation  on  the  wing  upper-surface  at  high  speeds.  At 
M = 0.93,  however,  there  was  a sudden  increase  in  the  rms  bending-moment  signal  as  incidence  was  increased, 
(at  point  b),  which  on  further  investigation  proved  to  be  almost  entirely  due  to  oscillations  in  the  first 
antisymmetric  bending  mode  at,  or  very  near,  79  Hz.  Also,  this  sudden  large  increase  vibration  in  this 
mode  was  associated  with  an  inhibiting  effect  on  the  previous  steady  increase  in  amplitude  in  the  other 
bending  modes,  particularly  the  lower-frequency  primary-bending  mode.  The  parallel  to  the  behaviour  of  the 
577/Flex  2 wing  discussed  above  is  thus  quite  marked  and  it  is  tempting  to  suggest  tha..  this  was  also  a 
case  of  single-degree-of-freedom  flutter,  or  'buzz'  in  which  there  was  direct  interaction  between  the  motion 
and  the  aerodynamic  excitation.  It  would  be  interesting  to  know  whether  the  tape  record  of  this  oscillation 
showed  any  of  the  characteristics  of  a sustained  limit-cycle,  perhaps  triggered  by  the  amplitude  in  buffet 
exceeding  a threshold  level.  It  is  certainly  remarkable  to  have  had  such  an  occurrence  with  a solid-steel 
model  for  which  the  response  amplitudes  would  have  been  so  very  small.  The  diagrams  quoted  in  Fig  21  show 
that  'buzz'  in  bending  (if  that  is  what  we  may  call  it)  only  occurs  at  M = 0.93  and  only  over  a narrow  range 
of  incidence,  presumably  when  the  wing  separations  are  particularly  sensitive  to  the  model  response  ampli- 
tude in  this  particular  mode  at  79  Hz.  The  broader  peaks  at  other  conditions,  eg  at  M = 0.90,  Cl  “ 0.68  , 
were  always  associated  primarily  with  response  in  the  primary  bending  mode  (46  Hz)  and  rigid-body  modes  of 
even  lower  frequency  (eg  19  Hz),  which  is  what  we  might  normally  expect  for  a classic  buffet-response.  It 
may  also  be  seen  in  Fig  21  that  when  'wing-bodies'  were  added  to  the  wing,  the  characteristics  of  the  aero- 
dynamic flows  were  so  changed  that  all  tendency  to  'buzz'  disappeared  completely. 

6 CONCLUDING  REMARKS 

This  paper  has  discussed  the  marked  response  in  torsional  vibration  which  can  sometimes  occur  on  wings 
at  high  subsonic  speeds.  The  types  of  aerodynamic  flow  which  can  develop  as  the  stall  develops  may  provide 
the  necessary  excitation  for  such  vibrations,  which  may  lOt  be  immediately  apparent  unless  a special  investi- 
gation is  made.  In  some  cases  a sustained  high-amplitude  oscillation  or  'buzz'  may  develop.  Ironically, 
attempts  by  wing  designers  to  maximize  aerodynar.ii''  performance  by  maintaining  shock  sweep  and  good  sectional 
characteristics  over  the  outer  part  of  the  wing  at  high  incidence  may  make  just  such  a structural  response 
more  likely  in  flight.  High-speed  wind-tunnel  molels  of  conventional  oonstruction  are  unlikely  to  show  this 
phenomenon  or  be  useful  in  making  predictions  af  the  onset  boundaries  and  amplitudes  involved.  However, 
although  a complete  inertial  and  elastic  stri.ctural  representation  is  not  usually  possible  as  a routine, 
comparatively  simple  and  robust  'pseudo'  ae’oelastic  models  can  be  used,  provided  a sensible  and  balanced 
mismatch  of  the  structural  dynamic  characteristics  can  be  made.  The  occurrence  of  such  high-frequency 
vibrations  in  flight  has  been  noted  in  recent  years  in  one  or  two  instances  where  suitable  instrumentation 
has  happened  to  be  in  use,  but  probably  many  more  occurrences  have  gone  by  unnoticed.  Although  unlikely 
to  be  a problem  for  the  pilot,  if  the  amplitudes  become  large  such  high  frequency  vibration  could  become  a 
matter  of  concer-  as  regards  the  aircraft  structure  and  equipment  carried.  However,  as  regards  the  buffet- 
boundary more  generally,  the  effects  could  be  beneficial  since  the  incidence  of  such  high  frequency  struc- 
tural responses  tends  to  be  accompanied  by  a ’eduction,  or  at  least  an  arrest  in  the  development,  of  the 
vibration  at  low  frequency  which  can  affect  the  efficiency  of  the  pilot  directly.  Wliat  is  needed  is  a well 
planned  flight-tunnel  comparison  to  explore  the  phenomenon  properly  and  to  develop  methods  of  prediction 
and  alleviation  based  on  a better  understanding  of  the  aerodynamic  and  structural  characteristics  involved. 
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Fig  1 Some  normal  modes  of  a swept  wing  (diagrammatic  only)' 


WING  A 
M = 065 


“2 


WING  B 
M = 0-70 


WING  A 
M = 0-80 


3'i  ^ 


iX.  ‘iL  T .41, 

TT  +AM  U -AN 

|o\  ' _ 1 ° 


UNSTEADY 

LOADING 


X 

10  c 


/ 1 

,<  X? 

//  \ 1 


h A WING  D 

/ 4^\  I M = 0-70 


-1  ' 1 


WING  C 
M = 0-65 


4^AL  V 

♦ AM  » 


Q» — — 


Fig  2 Two-dimensional  wing  static-pressure  distributions  with  unsteady 
flow  separations  present:  change  due  to  1°  of  incidence 
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Fig  3 The  local  variation  of  static  normal-force  and  pitching-moment 
outboard  on  a swept-wing  design  (that  of  models  577  and  2070, 
shown  in  Fig  8) 
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I Fig  4 Aerodynamic  excitation  in  a shock-induced  bubble  separation 
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Fig  5 Example  of  a complex  separated-flow  situation  at  deep  buffet- 
penetration  conditions 
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Fig  6 Variation  of  rms  structural  response  with  time  for  three  different 
cases:  first  wing-bending  mode  at  moc'erate  buffeting  conditions 
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FREQUENCY  PARAMETER  OF  PRIMARY  TORSION  MODE,  uC/V 
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Fig  14  Apparent  aerodynamic  damping  and  mean  amplitude  of  response  in 
primary  torsion  mode:  leading-edge  sweep  27.2°,  M = 0.75, 

R-  = 1.26  X 106 


Fig  15  Apparent  aerodynamic  damping  and  mean  amplitude  of  response  of 
577/Flex  2 wing;,  leading-edge  sweep  27.2°,  M = 0.75, 

R-  = 1.26  X lOO 


MEAN  PRESSURES 
A = 26° 


4-21 


P ti-i-. j -MtCTR'. : i u.ir:rtrrr^ *3ti3t„ . . 

■ I SEC 


C)X 


i*  r;  rj : I r:  ittr 


|-:tj.4-iHM4i«-;j^-jrr^*-«  I-  ;■ 


RAW  ACCELEROMETER  SIGNAL 


SIGNAL  FILTERED  25  Hz /35  Hz 
BAND-PASS 

SIGNAL  FILTERED  4Hz/»Hz 
BAND-PASS 


nt*::";::. 


port  v/ing 


(b)^ 


I SEC 


starboard  wing 

PSD 


Fig  20  Some  records  from  an  accelerometer  at  the  leading-edge  wing-tip 
of  an  aircraft  at  high-subsonic  speeds 
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Fig  21  A possible  case  of  transient  buzz  in  a bending  mode  on  a wind-tunnel  model 
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1 . INTRODUCTION 

The  high  m?.ieuverability  requirements  for  military  aircraft  raise  the  question  of 
how  much  pilot  performance  is  affected  by  structural  vibrations  and  the  degradation  of 
handling  qualities  caused  by  separated  wing  flow  in  the  low  and  high  speed  range  and  to 
what  extent  these  vibrations  may  be  used  as  an  indication  of  stall. 

The  improvement  of  buffeting  prediction  methods  is  therefore  an  essential  step  in  the  de- 
velopment of  configurations  which  will  minimize  the  problems. 

The  prediction  of  sti  ictural  vibration  levels  at  the  pilot  seat  may  be  performed  by  diffe- 
rent methods. 

In  the  project  phase  a qualitative  prediction  method  due  to  Habey  (Ref.  3/  may  be  used  to 
determine  the  flight  conditions  for  light,  moderate  and  heavy  buffeting  for  the  full-scale 
aircraft  by  measurement  of  the  oroillatorv  wing  root  bending  moment  of  a wind-tunnel  mo- 
del, without  any  knowledge  of  tne  elastic  properties  of  the  full-scale  wing.  This  iv.ethod 
is  applied  to  one  example  of  this  study. 

Another  method  to  predict  structural  vibrations  is  based  on  the  dynamic  response  measure- 
ments on  dynamically  similar  models  without  detailed  knowledge  of  atrodynamic  effects,  as 
applied  by  Hanson  (Ref.  6). 

Finally  a method  of  the  prediction  of  pilot  seat  vibration  is  possible  by  wind-tunnel  mea- 
surement of  the  exciting  forces,  for  example  by  the  determination  of  fluctuating  pressures 
on  rigid  models. 

In  this  article  two  examples  of  the  evaluation  of  vibration  levels  on  the  pilot  seat  are 
presented. 

The  first  deals  with  the  results  of  low  speed  measurements  on  a strake  wing  model  with  and 
without  flap  and  slats,  including  the  eff«»ct  of  leading  edge  blowing,  in  the  incidence 
region  O'  a i:  90®,Mabey's  method  is  used  there. 

The  second  example  demonstrates  the  results  obtained  by  the  method  based  on  measurements 
of  fluctuating  pressures  on  rigid  models  for  two  configurations  with  25  and  45  degree  wing 
sweep  in  the  high  subsonic  region  (0.7  < !4  < 0.85);., 


2.  VIBRATIONS  AT  VERY  HIGH  INCIDENCES  IN  THE  LOW  SUBSONIC 

REGION  CAUSED  BY  A STRAKE  WING 

The  strake  is  characterized  by  a strong  steady  leading  edge  vortex  which  remaines 
stable  up  to  Vtry  high  incidences  and  always  creates  additional  lift,  in  contra. t to  the 
normal  swept  wing.  The  strake  wing  will  therefore  show  a quite  different  separation 
behaviour  at  high  incidences  compared  to  a normal  swept  wing. 

Until  now  It  was  not  known  to  what  extent  the  vibrations  due  to  separated  flow  on  a wing 
with  itrake  would  lead  to  problems  with  respect  to  pilot  fatigue  or  pilot  accelerations 
at  ve/y  high  incidences  in  the  low  subsonic  region  Buffet  investigations  have  therefore 
beer,  performed  by  MBb  on  a strake  wing  in  the  ONE.  windtunnel  SI  at  Modane,  and  the  pre- 
liminary results  of  this  study  are  presented  here. 
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2 . 1  Test  description 


Specifically,  the  aim  of  the  tests  was  to  investigate  the  effect  of  blowing,  as  well 
as  the  addition  of  flaps  and  slats,  on  the  dynamic  response  of  the  strake  wing  for  angles 
of  attack  ranging  from  0°  to  90°. 

The  model,  which  had  originally  been  used  for  static  tests,  was  additionally  instrumented 
with  strain  gauges  at  both  wing  roots,  and  with  two  accelerometers  at  one  wing  tip.-  All 
tests  were  made  in  absence  of  the  empennage.  Wind  tunnel  speed  was  held  effectively  con- 
stant at  about  40  ra/s. 


2.2  Test  Results 


The  analog  data  of  20  seconds  of  each  test  record  were  digitized  using  low  pass  fil- 
tering to  600  cps  to  calculate  spectral  densities  up  to  300  cps.  Some  significant  results 
of  the  evaluation  are  presented  here.  In  Figures  2a,  2b  the  time  history  of  the  wing  root 

bending  signal  of  the  clean  wing  with  strake  and  the  wing  with  strake,  flap  and  slat  with 

blowing  ar ? shown  for  several  incidences  from  0 to  90  degrees.  These  pictures  illustrate 
the  increasing  development  of  an  almost  harmontcal  wing  bending  oscillation  up  to  about 
40  degrees  which  corresponds  to  the  maximum  static  normal  force,  and  a strong  decrease  of 
this  signal  with  a frequency  of  18  cps  up  to  90  degrees. 

In  contrast  to  the  clean  strake  wing,  the  wing  with  flap  and  slat  shows  considerably  hig- 
her amplitudes  at  maximum  lift  conditions.  The  spectra  of  the  wing  torsion  and  the  acce- 
lerometer signals  (Fig.  3a-3c)  reveal  the  same  tendency  for  the  wing  root  bending  signal 
at  18  cps.  Additional  smaller  but  well  defined  peaks  appear  at  7,5  cps,  the  sting  fre- 
quency ana  at  31,  63,  120  and  200  cps  at  higher  wing  mode  frequencies  (Fig.  3a-3c) , which 

are  caused  by  random  excitation. 

Summarising  the  results.  Fig.  3a-3c  show  that  the  wing  in  all  test  conditions  responded 
mainly  in  the  first  wing  bending  mode  up  to  -'■tex  breakdown,  that  for  the  clean  strake 
wing  the  increase  of  the  bending  amplitude  is  v.ry  slow  up  to  40  degrees. The  torsion  sig- 
nal has  the  same  frequency  content  as  the  bending  signal  (Fig.  3) .The  wing  root  bending, 
moment  is  about  five  times  higher  at  a=  40°  that  at  « = 0°.  A sharp  drop  of  the  wing  root 
bending  moment  is  detected  above  o = 40°,  after  which  it  decreases  more  gradually  to  a 
value  at  90°  corresponding  to  that  of  zero  incidence. The  reason  for  the  veiy  flat  slope 
of  the  unsteady  wing  root  bending  versus  angle  of  at  - for  the  clean  strake  wing  is  the 
effect  of  the  strong  strake  vortex  reduces  the  ene-  i the  randomly  fluctuating  wake. 


2 . 3  Prediction  of  pilot  vibrations  by  Mabey's  method 


In  general  it  is  possible  to  predict  with  the  known  values  of  the  wing  root  banding 
moment  and  the  wlndtunnel  unsteadiness  the  intensity  of  buffeting  at  the  pilot  seat  using 
the  buffet  coefficients  for  high,  moderate  and  heavy  buffeting  given  by  Mabey  criteria 
The  extrapolation  of  the  wing  root  bending  moments  however  is  a function  of  the  tunnel 
unsteadiness  and  consequently  the  buffet  criteria  coefficients  for  other  .<lndtunnels  are 
not  known.  In  addition  the  effect  of  the  elastic  behaviour  of  the  aircraft  for  which  the 
extrapolation  is  wanted  is  neglected  in  Mabey's  method,  therefore  an  accurate  estimate  of 
the  Influence  for  example  of  the  fuselage  stiffness  and  structural  damping  is  not  possible. 
The  investigation  of  the  wing  root  bend;  ng  moments  was  therefore  only  used  for  trend 
studies . 


3.  PILOT  SEAT  VIBRATIONS  OF  A VARIABLE  WING  SWEEP 
AIRCRAFT  IN  THE  HIGH  SUBSONIC  REGION 


The  results  of  a buffet  prediction  investigation  based  on  the  concept  of  the  evalua- 
tion of  aircraft  buffeting  response  based  on  wlndtunnel  measurements  of  fluct.,ati  ig  pres- 
sure will  be  presented.  The  intention  of  the  Inves'- Igation  was  the  development  of  a method 
for  the  evaluation  mainly  of  pilot  seat  vibrations. 

Especially  the  influence  of  wing  sweep  and  Machnumber  together  with  the  influence  of  other 
changes  of  the  configuration,  for  example  the  wing  with  external  stores  and  the  empty  and 
fueled  wing  was  studied  with  this  method  to  get  indications  of  the  sensitivity  of  the  buf- 
fet intensity. 
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3 . 1  The  rigid-model  pressure  method 

The  central  problem  in  predicting  the  buffet  response  of  a full-scale  aircraft  is 
the  difficulty  in  estimating  the  excitation  due  to  the  separated  flow  over  the  wing.  In 
Mabey's  method  the  excitation  is  estimated  by  implicitly  assuming  that  the  wing  responds 
to  buffet  pressures  in  somewhat  the  same  way  as  to  windtunnel  turbulence. 

Another  way  of  tackling  the  problem,  here  referred  to  as  the  rigid-model  presl-ure  method 
is  to  measure  the  unsteady  component  of  the  buffet  pressures  at  a number  of  points  on  the 
wing  to  get  an  estimate  of  the  excitation.  The  measured  pressures  are  then  applied  to  the 
theoretical  transfer  function  of  the  full-scale  aircraft,  wj th  regard  to  scaling  laws,  to 
calculate  the  response  of  the  full-scale  aircraft  at  various  points. 


3.2  Mathematical  Methods 


According  to  well  established  practice  the  small  displacement  response  of  an  elastic 
aircraft  to  a harmonic  excitation  may  be  represented  by 

q (w)  = H (ui)  P (u) 

where  q (o)  = Fouriertransform  of  the  generalized  displacement  vector  of  the  aircraft 
p (o)  = Fouriertransform  of  the  generalized  excitation 
H (co)  = medal  transfer  matrix. 

Local  aircraft  displacements  z are  given  by  the  relation 

z (u)  = 0 q (u.) 

where  0 is  thi'  matrix  of  the  mode  shapes  to  which  the  aircraft  motion  is  restricted. 

Since  buffet  pressures  do  not  in  general,  have  a Fouriertransform  owing  to  their  random 
nature  the  equations  are  recast  in  the  form  of  power  spectral  densities  (PSD's) 

. urn  Pi'^>  P1< 

^ij  ■ T-oe  T 


and 


^ij  " T-oo  T 


w) 


where  and  q^  are  the  Fourier  Transforms  over  a finite  time  interval  T. 

It  may  be  shown  that  the  displacement  power  spectral  density Z is  then  (Fig.  7). 

Z (w)  = 0*^  (w)  P (w)  P (w)  H (-w)  0 


3.3  Assumptions  and  approximations 


The  use  of  buffet  pressures  measured  in  the  windtunnel  to  calculate  the  response  of 
a full-scale  aircraft  implies  the  assumption,  among  others,  that  the  full  scale  flow  pat- 
tern is  roughly  similar  to  the  model  one. 

Because  the  buffet  excitation  produced  by  boundary  layer  noise,  random  and  periodic  vor- 
tex shedding  and  shock  oscillation  on  the  wing  in  in  general  a function  of  Reynolds  number 
and  vibration  amplitude  the  assumption  of  flow  similarity  is  not  necessarly  true..  The 
wind-tunnel  and  flight  Reynolds  number  differences  will  give  rise  to  an  uncertainty. 
Another  source  of  error  's  the  fact  that  the  deflections  of  the  full  scale  wing  will  be 
disproportional ly  larger  than  those  of  the  stiff  model  wing  and  therefore  might  not  only 
change  the  buffet  pressure  pattern,  but  also  introduce  motion dopenaont  structural  and 
aerodynamic  damping  forces  not  present  on  the  model. 

While  these  errors  are  difficult  to  assess,  the  first  one  may  be  estimated  bs'  noting  ttiat 
the  severity  of  buffet  is  a function  of  the  position  of  the  maximum  lift  coefficient.;  The 
uncertainty  of  predicting  the  angle  of  attack  at  which  maximum  lift  occurs  is  also  exsi- 
sting  in  the  determination  of  the  angle  of  attack  for  buffeting.- 

The  effects  of  large  elastic  wing  deflections  on  the  buffet  pressure  pattern  are  more- 
difficult  to  estimate,  since  t.he  pattern  is  also  a function  or  the  static  aeflection.  This 
effect  could  be  compensated  for  to  some  extent  by  assigning  those  buffet  pressures  to  the 
static  angle  of  attack  thac  corresiionds  to  ttu-  iigiu  model  angle’  of  attack  <if  t (ic  same 
magnitude. 
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Finally,  the  aerodynamic  damping  due  to  the  large  deflections  of  the  full-scale  wing 
could  be  represented  as  a first  approximation  by  aerodynamic  forces  derived  from  linear 
flow  equations.  This  representation  is  to  some  extent  justified  by  the  fact  that  most 
buffet  occurs  while  the  flow  is  still  attached  to  the  wing  and  lift  slope  is  still  posi- 
tive. A correction  of  the  theoretical  linear  aerodynamic  damping  by  the  use  of  the  lift 
curve  slope  is  proposed. 


3 • 4 Model  and  Test  Description  and  Resonance  Test 

The  model  as  shown  in  Fig.  8 consisted  of  a half  fuselage  part  without  tail  and  a 
sweepable  wing. 

Pressure  pickups  were  loacted  at  three  spanwise  sections,  at  0.87,  0.67  and  0.47  s in  the 
25  sweep  position  on  the  wing  upper  side,  six  at  each  section.  In  addition  there  were  six 
accelerometers  installed,  to  investigate  the  dynamic  response  of  the  model.  The  test  pro- 
gram included  the  measurement  of  two  sweep  positions,  25“  and  45“ , the  Mach  numbers 
M = 0.75  and  0.8  for  25“  and  M = 0.7,  0.75,  0.8  and  0.825  for  45“.  The  incidence  could  be 
varied  stepwise  (Aa=  0.5°)  in  the  region  4 <<*<13“.  The  windtunnel  tests  were  performed 
in  ARA  Bedford  8'  x 9'  transonic  windtunnel  at  1 atm. 

The  ground  resonance  test  in  the  model  balance  showed  mainly  vibration  modes  at  17  and 
20  cps  of  the  balance,  then  the  first  wing  bending  at  24  Hz,  a second  bending  at  100  cps 
and  the  first  torsion  mode  at  200  Hz., 


3.5  Windtunnel  Test  Results 


The  summary  of  the  analysed  rms  pressures  and  accelerations  for  the  25  and  45  sweep 
angle  as  illustrated  in  fig.  9,  13,  14  for  the  different  measured  Mach  numbers,  gives 
important  insights  into  the  fluctuating  local  forces  induced  by  the  vortex  shedding  of 
mixed  attached  and  separated  flow,  the  dynamic  ’•-soonse,  and  their  development  with  inci- 
dence. 


25  degree  wing  sweep  results 

The  25“  wing  sweep  results  at  M = 0.75  indicate  an  attached-flow  behaviour  up  to  about 
5.5  degree  incidence.  Then  a pronounced  strong  unsteadiness  is  produced  at  the  wing 
leading  edge  at  about  20  % of  chord  in  the  spanwise  section  0.87  s and  0.67  s which  sud- 
denly leads  to  a strong  increase  in  the  acceleration  signals,  thus  indicating  a shock 
wave  induced  boundary  layer  separation,  a separation  bubble  in  this  region.  The  shock 
wave  location  was  also  determined  by  f.'ow  visualisation  pictures.  This  is  the  buffet  onset 
condition.  With  increasing  angle  of  attack  and  a forward  moving  shock  the  fluctuating 
pressures  behind  the  shock  up  to  the  trailing  edge  grow  up  to  12  degrees  incidence.  It  is 
interesting  to  note,  that  the  amplitudes  of  the  accelerations,  which  indicate  the  wing 
bending  oscillation  (A2,  A4 , A6)  follow  the  trend  of  the  fluctuating  pressures.  The  strong 
increase  of  the  accelerometer  signals  A3,  A5  which  will  give  information  about  torsion, 
may  be  caused  by  stronger  unsteadiness  at  the  leading  edge  region.  This  may  be  concluded 
from  the  trend  of  the  results,  although  there  was  no  information  at  the  leading  edge  in 
the  chordwise  direction  from  0 - 25  % chord. 

The  results  of  the  25  degree  wing  sweep  at  M - 0.8  show  the  same  trends.  Buffet  onset 
takes  place  at  a smaller  incidence  of  about  4 5. 

The  fluctuating  rms  pressure  coeffient  Cp  = p/q  attains  values  from  0.01  - 0.2  for  both 
Mach  numbers. 

The  spectra  of  several  pressure  signals  as  shown  in  Fig.  10-12  have  broad-band  random 
characteristics,  indicating  the  absence  of  periodic  frequencies. 


45  degrees  wing  sweep  results 

Compared  with  the  25  degree  wing  sweep  results,  the  results  of  rms  pressures,  accelerations 
and  significant  spectra  indicate  some  remarkable  features  as  demonstrated  in  the  figures 
13-16  as  functions  of  Mach  numbers  and  incidence. 

Contrary  to  earlier  assumptions,  the  strength  of  the  excitation  force  has  almost  the  same 
order  of  magnitude  in  the  incidence  region  6“-"  a 12“  at  M = 0.7,  as  shown  in  figure  9 and 
13  for  both  wing  sweep  angles  (25  and  45°)  on  the  rms  values  of  the  fluctuating  press\'re 
at  the  outer  part  of  the  wing  area.  The  magnitude  of  the  wing  bending  response  is  also  of 
the  same  order  in  both  cases  (fig.-  13,  14).  This  may  be  caused  by  a higher  loss  of  aerody- 
namic damping  in  the  bending  mode,  which  might  be  expected,  considering  the  flow  separation 
development  as  derived  from  flow  visualisation  as  shown  in  fig.  17. 
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Interpreting  the  remarkable  behaviour  of  the  wing  torsion  response  of  the  wing  as  shown 
on  the  accelerations  in  fig.  13,  14  and  the  exciting  force  for  the  A = 45°,  M = 0.8  case 
at  a = 11°,  it  is  believed,  that  in  this  case,  where  suddenly  a maximum  of  lift  is  reached, 
the  aerodynamic  damping  of  the  torsion  mode  is  almost  zero. 

Comparing  the  results  derived  for  the  acceleration  of  A6 , A4 , A2  indicating  the  amplitude 
of  the  bending  for  different  Mach  numbers  and  incidence  with  the  wing  root  bending  moment 
signal  (fig.  14),  comparable  trends  can  be  seen.  However  the  strong  increase  in  the  tor- 
sion mode  response,  as  illustrated  also  in  the  spect -urn  of  the  acceleration  A5  in  fig.  16 
at  A=  45,  M = 0.8,  is  not  reflected  by  the  wing  root  bending  signal,  that  Mabey's  method 
of  the  extrapolation  of  wing  root  bending  signals  would  not  be  appropriate  for  the  predic- 
tion of  this  high  frequency  phenomenon.- 


Stall  flutter  aspects 

Several  investigations  on  swept  wings  of  different  geometry  at  high  incidences  in  high 
subsonic  flow  give  some  indication  of  an  aeroelastic  instability  of  the  torsion  mode.  For 
example  the  recent  works  done  by  Sruggs  and  Theisen  [8]  , L.L.  Erickson  [5]  , D.W.  Riddle 
and  D.P.  Benepe,  A.M.  Cunningham,  Jr.  and  W.D.  Dunmeyer  [7]  show  torsion  mode  instability 
problems..  The  instability  is  know  as  stall  flutter  or  autobuffet. 

Scruggs  and  Theisen  state  that  the  instability  is  thought  to  be  caused  by  resonance  of 
the  torsion  mode  with  the  Strouhal  shedding  frequency. 

N.C.  Lambourne  4 remarks  in  his  article  of  "Flutter  in  one  degree  of  freedom"  in  the 
Chapt.  7.1  Eddy  Shedding:  "Experiments  have  shown  that  self-excited  oscillations  first 
occur  when  the  frequency  of  eddy  shedding  equals  the  natural  frequency  of  oscillation  of 
the  body." 

In  connection  with  the  behaviour  of  Strouhal  shedding  it  is  perhaps  useful  to  draw  atten- 
tion to  the  earlier  result',  derived  for  circular  cylinders..  In  the  flow  region  characte- 
rised by  Reynolds  number  Re  = VDA  from  300  < Re  < 2 • 10^  the  eddy  shedding  is  almost 
periodic,  the  Strouhal  number  based  on  the  cylinder  diameter  is  almost  constant,  i.e. 

S = f D/V  0.2.  Above  Re  2 • 10^  the  boundary  layer  on  the  cylinder  becomes  turbulent, 
the  wake  area  becomes  narrower,  the  drag  decreases  due  to  increasing  mean  pressure, 
the  eddy  shedding  is  random  in  this  critical  region  (2  • 10^  < Re  5 10®).  There  is  no 

definite  Strouhal  number,  with  0.08.-  Beyond  Re  = 5 > 10^  a quasi  periodic  eddy 

shedding  with  an  almost  constant  drag  coefficient  has  been  observed.  The  Strouhal  numbers 
in  this  supercritical  region  are  about  S = f D/V  a;  0.3. 

This  behaviour  of  eddy  shedd*,ig  on  cylinders  is  principally  the  same  for  other  obstacles 
like  airfoils  at  high  incidences.  The  energy  content  of  the  eddies  and  the  wake  geometry 
are,  however,  different  (1  ,2). 

Considering  now  our  windtunnel  results  derived  for  the  45°  wing  sweep  case  at  M = 0.8, 
we  derive  an  equivalent  Reynolds  number,  based  on  a medium  wake  width 


Re 


V C 


P V C sir  a 
u 


2 • 10^ 


where  C = chord  length  at  0.75  semispan. 

The  Strouhal  shedding  frequency  for  the  stalled  aerfoil  in  the  supercritical  Reynolds  num- 
ber region 


VC  , C sina 

Re  = = 3 . 10^  S = ----r; 

v V 

should  have  a value  of  S = 0.26.  This  value  corresponds  to  that  ot  a cylinder  at  super- 
critical conditions  S = 0.3. 

For  the  case  of  the  45°  swept  wing  at  M = 0.8  in  the  critical  Reynolds  number  region  at 
an  incidence  of  11°  where  the  flow  is  assumed  to  be  totally  separated  we  observe  a peak 
region  in  the  pressure  spectra  (fig.-  15)  which  is  broadband  at  about  200  - 250  Hz,  which 
corresponds  to  a Strouhal  frequency  of  about  S = 0.06  in  the  critical  region  Re  ^ 2-lO^.A 
quite  realistic  interpretation  of  the  process  is  achieved,  if  we  assume  that  the  unsteady 
pressure  at  wing  leading  edge  caused  by  shock  induced  boundary  layers  separation  (for 
example  at  point  K12)  is  mainly  induced  by  ,‘ddv  shedding  and  that  the  aerodynamic  damping 
at  these  conditions  is  becoming  zero. 
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4.  COMPARISON  OF  CALCULATED  WITH  MEASURED 

ACCELERATIONS  OF  THE  WING  MODEL 

In  attempting  to  measure  the  buffet  excitation  on  the  wing  model  one  of  the  problems 
is  to  estimate  how  well  the  pressure  field  over  the  wing  is  defined  by  the  pressures  mea- 
sured at  the  three  chordwise  sections  of  the  wing  model  (wing  geometry  Fig.  1). 

As  a check  on  this  potential  source  of  error,  and  on  the  method  of  computation,  the  acce- 
lerations of  the  location  of  the  six  accelerometer  were  calculated  for  one  sweep  angle 
and  three  angles  of  attack  by  the  method  outlined  in  Section  3,  and  compared  with  the 
measured  values. 

Inspection  of  the  PSD's  of  the  measured  acceleration  (see  Fig.  19  ) showed  that  the  wing 
moved  predominantly  in  three  modes  indicated  b three  spectral  peaks  at  about  24,  100  ana 
200  cps,  corresponding  to  the  1st  and  2nd  bending  mode,  and  the  1st  torsion  mode.  The 
shapes  of  these  modes,  shown  in  Fig.  , had  been  previously  measured  in  ground  resonance 
tests,  and  were  used  to  set  up  the  mode  shape  matrix  . The  corresponding 

generlized  masses  were  calculated  from  the  known  mass  distribution  of  the  wing  model. 


4 . 1 Calculation  of  the  generalized  force 

Calculation  of  the  generalized  excitation  force  was  determined  by  the  arrangement  of 
the  pressure  taps  as  shown  in  Fig.  1.,  The  18  pressure  taps  were  arranged  in  three  groups 
of  SIX  on  chordwise  sections  at  45  %,  65  % and  85  % half-span,  and  at  25  %,  35  %,  50  %, 

75  %,  80  %,  and  95  % chord.  For  the  purpose  of  integrating  the  pressure  over  the  wing  sur- 
face to  get  the  generalized  force,  a straight-line  variation  of  pressure  was  assumed  bet- 
ween two  adjacent  spanwise  sections.  In  the  absence  of  any  other  information  the  pressure 
was  assumed  to  be  constant  from  85  % of  half-span  to  the  wing-tip,  and  also  from  45  % of 
half-span  to  the  fuselage  edge. 

These  considerations  amount  to  assigning  a weighting  factor  to  each  measured  pressure. 
These  factors  were  absorbed  into  the  mode  shapes,  resulting  in  a 18  x 3 matrix  for  three 
modes . 


1 . 2 Calculation  of  the  power-spectial  density 
matrix  of  the  measured  pressures 


An  alternative  definition  of  the  PSD  matrix  of  a number  of  variables  p^(t1,  i = 


was  used 


• i]  N N 


lim 


Pi(«'  Pj(-"' 


where 


Pi(sj)  = f p(t)  e ^ dt 
-T 


and  N = number  of  time  records. 


n 


The  pressures  were  available  in  the  form  of  5 digitized  records  for  each  pressure,  each 
record  representing  a time  interval  T = 4 sec  , and  containing  2048  values. 

The  maximum  frequency  that  could  be  extracted  from  the  time  record  was  thus 


and  the  frequency  resolution 


2048 


= 256  cps 


f = 


= 0.25  cps 


The  maximum  frequency  of  interest,  198  cps,  of  the  1st  torsion,  was  thus  well  inside  the 
permissible  range.. 


The  PSD  matrix  P,  of  the  eighteen  measured  pressures  was  calculated,  the  number  of  time 
records  N being  5.  Since  this  is  a rather  small  ensemble,  there  was  a possibility  that 
the  cross  spectral  densities  had  not  yet  attained  their  limit  value,  which  should  be  close 
to  zero,  since  the  pressures  looked  essentially  random. 

The  PSD's  of  the  accelerations  were  therefore  calculated  with  the  full  PSD  matrix  of  the 
measured  pressures,  as  well  as  with  a PSD  matrix  containing  only  the  diagonal  terms.;  The 
PSD's  of  calculated  acceler^*'- ions  are  shown  in  Fig. 19,20. 
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4.3  Discussion  of  results 


The  measured  power  spectral  density  (PSD)  of  point  A5  on  the  wing  tip  of  the  wind  tunnel 
half-wing  model  is  shown  plotted  against  frequency  in  Fig.  19.  The  spectrum  is  seen  to  be 
dominated  by  two  large  peaks  corresponsing  to  the  1 . bending  and  the  1 . torsion  mode  at 
21  Hz  and  200  Hz  respectively,  and  a smaller  peak  due  to  the  2.  bending  mode  at  95  Hz. 

The  PSD  of  the  calculated  acceleration  of  the  same  point  for  the  same  test  conditions  is 
shown  in  Fig.  20,  with  the  data  points  of  the  measured  acceleration  superimposed  on  it. 

The  acceleration  was  calculated  by  the  method  outlined  previously,  i.  e.  the  measured 
buffet  pressures  were  used  as  the  excitation,  and  the  aerodynamic  forces  predicted  by 
linear  theory  were  added  to  it.  The  structural  damping  coefficients  were  taken  from 
ground  vibration  tests,  being  3 % for  all  modes.  Mode  shapes  were  also  taken  from  ground 
vibration  tests  of  the  model,  whereas  the  generalized  masses  were  calculated  from  the 
weight  distribution  and  the  measured  mode  shapes. 

Inspection  of  Fig.  20  shows  that  the  calculation  reproduces  the  peaks  for  the  two  bending 
modes  quite  well,  the  ratio  of  calculated  to  measured  peak  values  being  1.6  and  0.78 
respectively.  The  peak  value  of  the  calculated  torsion  acceleration,  however,  is  about 
20  times  smaller  than  the  measured  value,  indicating  that  there  is  practically  no  damping 
in  torsion  due  to  the  aerodynamic  forces  due  to  wing  motion. 

To  check  this  point,  the  calculation  was  repeated,  with  the  difference  that  no  linear  air 
forces  at  all  were  applied  to  the  torsional  mode,  and  only  of  the  linear  airforces  to  the 
2.  bending  .node.  The  airforces  for  the  1.  bending  mode  were  left  unchanged  at  100  %.  The 
result  of  this  calculation  is  shown  in  Fig.  21,  and  it  can  be  seen  that  the  calculated 
values  for  the  torsion  peak  match  the  measured  values  very  well,  confirming  the  assumption 
that  the  torsional  damping  in  buffet  in  this  case  is  en  tirely  due  to  structural  damping. 
The  ratio  R of  the  calculated  to  measured  peak  value  is  now  0.76  for  torsion,  and  1.1 
for  the  2.  Bending  peak,  indicating  that  the  assumed  reduction  by  50  % of  the  linear  air 
forces  for  this  mode  was  somewhat  too  large.  The  ratio  R for  the  1.  bending  mode  was  un- 
changed. ^ 

While  the  ratio  of  calculated  to  measured  peak  values  is  a reasonable  criterion  for  the 
accuracy  of  the  calculation,  it  should  be  pointed  out  here  that  it  is  the  RMS  value  of  the 
acceleration  that  is  really  relevant  to  design  considerations.  Now  if  g is  the  damping 
coefficient,  the  peak  values  of  the  PSD  vary  as  1/g’,  and  the  mean  square  value  of  the 
acceleration,  i.  e.  the  integral  over  the  peak  varies  as  1/g,  so  that  the  ratio  of  calcula- 
ted to  neasured  RMS  values,  R should  be  approximately  equal  to  the  fourth  root  of  the 
peak  value  ratio.  This  was  chicRed  by  integration  of  the  three  resonance  peaks,  and  the 
ratios  Rrms  calculated  to  measured  RMS  values  for  each  peak  turned  out  to  be  1.15,  0.89 
and  0.47  for  full  linear  air  forces,  and  1.14,  1.17  and  0.95  for  selectively  reduced  linear 
air  forces. 

Thus  if  full  linear  air  forces  are  applied  to  the  bending  modes,  and  none  to  the  torsion 
mode,  the  maximum  discrepancy  in  RMS  value  would  be  17  %,  which  is  quite  acceptable  for 
design  calculations. 

Similar  calculations  were  made  for  another  point,  A6 , at  the  wing  tip,  the  results  of  which 
are  shown  in  Fig.  22.  The  ratios  R^ms  this  point  turned  out  be  1.14,  1.13,  and  0.49 
for  air  forces  reduced  in  the  same  manner  as  for  point  A5. 


4.4  Conclusions 


The  comparison  of  buffet  accelerations  measured  on  a wind  tunnel  mode  wing  with  accelera- 
tions calculated  by  using  air  forces  predicted  by  linear  theory  has  shown  several  things: 

(1)  The  acceleration  due  to  the  bending  of  the  wing  can  be  predicted  to  within  20  % 
accuracy  by  applying  the  aerodynamic  loads  furnisned  by  linear  theory. 

(2)  Aerodynamic  damping  is  practically  absent  for  the  torsion  mode  of  vibration,  the 
damping  in  torsion  being  due  mainly  to  structural  damping. 

In  the  light  of  these  results  it  would  therefore  appear  that  the  torsional  motion  of  the 
wing  IS  more  severely  affected  by  wing  buffet  than  bending.  This  would,  for  example,  be 
important  in  predicting  accelerations  for  wing-mounted  stores.  It  would  also  indicate  that 
torsional  stresses  or  accelerations  are  a more  sensitive  indicator  for  incipient  si  all  or 
buffeting.  Further  calculations  should  therefore  be  made  to  show  whether  the  foregoing 
conclusions  are  also  valid  for  other  angles  of  attack  and  Mach  numbers. 
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5.  RESULTS  OF  THE  RIGID  PRESSURE  MODEL  PREDICTION 
METHOD  FOR  FULL  SCALE  AIRCRAFT 

In  figure  18  the  results  of  the  evaluation  of  vibration  levels  based  on  the  rigid 
pressure  model  technique  at  the  pilot  seat  are  presented  for  the  low  sweep  configuration 
A-  25°  and  for  A = 45°  at  M = 0.75  and  sea  level.  The  vibration  levels  (root  mean  values) 
are  shown  at  the  fuselage  axis  near  the  pilot's  position  and  at  the  elastic  axis  of  the 
wing  in  the  incidence  region  7 --  13°.  Both  the  conditions  for  the  clean  wing  and  the  wing 
with  an  inboard  pylon  store  are  considered. 


Assumptions  of  the  calculation 


The  general  description  of  the  aircraft's  forced  oscillation  would  necessitate  the 
introduction  of  all  eigenmodes  of  the  total  aircraft  in  the  relevant  frequency  region.- 
The  numerical  treatment  of  the  analysis  of  coupled  modes  however  may  only  be  performed 
with  a limited  number  of  degrees  of  freedom,  due  to  computer  capacity..  The  choise  of 
proper  modes  was  found  through  comparision  of  the  order  of  magnitude  of  the  generalized 
excitation  power  spectra  derived  for  4 and  9 modes.  From  the  comparison  of  the  two  results 
it  was  concluded,  that  the  introduction  of  the  first  wing  bending,  first  and  second  fuse- 
lage bending  and  the  first  wing  torsion  was  satisfactory  to  describe  the  clean  wing  con- 
figuration both  for  the  wing  sweep  25°  and  45°.-  For  the  external  store  configuration 
however  introduction  of  six  eigenmodes  was  necessary  (ref.  12). 

The  structural  damping  of  all  modes  was  assumed  to  be  constant. 


The  aerodynamic  damping  of  the  selected  modes  was  calculated  by  the  use  of  unsteady  linear 
theory  in  the  whole  incidience  range  where  total  vortex  brealcdown  did  not  occur.  Several 
assumptions  in  connection  with  the  spanwise  distribution  of  the  fluctuating  force  distri- 
bution especially  towards  the  wing  tip  had  been  considered,  since  no  information  was  avai- 
lable at  outboard  stations.  No  final  conclusion  of  the  distribution  at  the  tip  can  be 
drawn,  but  it  should  not  be  constant  there  because  flow  visualisation  indicated  attached 
flow. 


Modal  excitation  spectra 


Nondi-  'nsional  generalized  excitation  spectra  of  the  full-scale  aircraft's  first 
wing  bending  mode  are  presented  in  fig.  17  for  the  wing  sweep  angle  25  and  45  degree.  The 
dimensioned  spectrum  is  related  to  the  nondimensional  form  by 

S (u)  = (1/2  fi  Vs^)^  S (k);  k =<*’s/y 

The  frequency  content  of  the  spectra  and  the  development  with  incidience  reflects  the  be- 
haviour of  pressure  spectra  as  discussed  before. 


5 . 3 Vibrations  levels  at  the  pilot  seat  and  at  the  wing  tip 

Based  on  the  buffet  criteria  from  ref.  9,  10  which  relate  vertical  g levels  in  the 
frequency  region  4 - 10  Hz  at  the  pilot  seat  directly  to  light,  moderate  and  heavy 
buffeting,  the  evaluation  of  the  calculated  results  fig.  18  indicate  moderate  to  heavy 
buffet  for  the  25  degree  wing  sweep  configuration  at  M = 0.75  in  the  incidence  region 
7 < a < 11.5°  at  sea  level. 

The  45  degree  wing  sweep  configuration  shows  considerably  lower  g levels  in  the  pilotes 
seat  region  (fig.  18) . Light  to  moderate  buffeting  is  predicted  from  the  calculation  in 
the  region  7°<  a < 13°  at  M = 0.75  and  sea  level. 

The  comparison  of  a clean  wing  and  a wing  with  store  configuration  shows  remarkably  higher 
g level  at  the  levels  at  the  seat,  due  to  the  contribution  of  more  modes  in  the  4 to  10  Hz 
frequency  region  in  relation  to  tlie  clean  configuration,  where  mainly  the  first  fuselage 
bending  leads  to  the  pilot  acceleration.  A strong  dependence  of  the  accelerations  on  the 
aerodynamic  damping  is  shown  by  comparison  with  results  gained  by  introduction  of  zero  aero- 
dynamic damping. 
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6.  CONCLUSIONS 


Pilot  accelerations  at  high  incidences  will  reach  a maximum  value  at  the  con- 

dition before  an  almost  totally  separated  wing  flow,  both  in  incompressible  and  compressi- 
ble flow.. 

In  incompressible  flow  a wing  with  strake  shows  important  reductions  of  wing  root  bending 
signals  compared  to  a wing  with  strake  high  lif tconf iguration  and  the  effect  of  a separa- 
tion delay.  Beyond  total  flow  separation  the  pilot  accelerations  in  the  structural  frequen- 
cy domain  are  negligble  at  low  speeds. 

In  the  transonic  flow  for  the  investigated  swept  wing  configuration  both  at  25  and  45  de- 
gree wing  sweep,  moderate  to  heavy  buffeting  situations  at  M = 0.75  are  predicted  by  the 
rigid-model  pressure  method.  The  method  was  validated  by  comparison  with  tunnel  results.; 

The  rigid  pressure  model  technique  moreover  allows  the  prediction  of  near  stall  flutter  con- 
ditions and  combined  pilot  accelerations  as  well  an  approximation  of  the  effects  of  pilot 
fatigue  due  to  wing  with  store  configurations. 
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Fig.  2a  Time  history  of  the  wing  root  bending  moment  FI,  clean  strake  wing 
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Fig.  2b  Time  history  of  the  wing  root  bending  moment  FI,  strake  wing  with  flap,  slat  and 
blowing  ^ = 0° 
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WING  ROOT  BENDING 
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Fig.  5 Filtered  and  not  filtered  rms  wing  root  bending  moment  of  th«*  different  conditions 

CLEAN  STRAKE  WING 
I ^N  = COSa  + Cx  SINa 
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Fig.  6 Filtered  and  not  filtered  rms  accelerations,  of  the  clean  strake  wing  and  the  strake  wing  flap  and  ;lat. 
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Fig.  7 Illustration  of  the  buffet  prediction  analysis 
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Fig.  9 Influence  of  incidence  and  Machnumber  on  the  rms  pressures  and  accelerations 
on  the  wing  at  A = 25“ 


Influence  of  incidence  on  the  spectra  of  the  fluctuating  pressures  at  two  spanwise 
stations  rj  = 0.67;  0.87  s at  M = 0.8,  A = 25° 
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Fig.  16  Influence  of  incidence  on  the  acceleration  spectra  at  A = 45°, 
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DIMENSIONLESS  EXCITATION  SPECTRA  OF  WING 
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DIMENSIONLESS  EXCITATION  SPECTRA  OF  WING  FIRST 
BENDING  (MODEL  TEST) 


Fig.  17  Dimensionless  excitation  spectra  of  the  true  aircraft  at  M = 0.7,  A = 25°  and 
M = 0.8,  A = 45° 


BUFFET  CRITERIA  Ref.  9 
onset  ± .035  to  .1 
light  +.1  to.2g^ 
moderate  ± .2  g to  .6  g^ 
severe  ± .6  g to  1 .0  g^ 
(4-f10  Hz  region) 


Fig.  1 8 Results  of  the  rigid  pressure  model  techn  . Predicted  pilot  seat  and  wing  tip  accelerations 
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MEASUREMENTS  OF  BUFFETING  ON  TWO  65°  DELTA  WINGS  OF  DIFFERENT  MATERIALS 

by 

D.  G.  Mabey  and  G.  F.  Butler 
Royal  Aircraft  Establishment,  Bedford,  England 


SUMMARY 

Measurements  of  buffeting  were  made  on  two  65°  delta  wings,  one  made  of  steel  and  the  other  of  magnesium. 
The  objective  of  the  investigation  was  the  derivation  of  a non-dimensional  buffet  excitation  parameter  from 
measured  values  of  the  rms  buffeting  response  and  total  damping  ratio.  The  materials  were  selected  so  that  the 
resonant  frequencies  of  the  wings  were  almost  the  same,  while  giving  a significant  variation  of  response  and 
damping  ratio  under  identical  free  scream  conditions.  The  wings  were  tested  at  Mach  numbers  of  0.35,  0.7  and 
1.4  and  the  Reynolds  number  was  varied  over  a wide  range. 

The  results  showed  that  the  buffet  excitation  parameter  for  the  first  bending  mode  was  virtually 
identical  for  both  wings  and  was  independent  of  Reynolds  number,  except  at  very  low  Reynolds  numbers.  A signi- 
ficant level  of  aerodynamic  damping  was  measured  on  the  magnesium  wing,  and  the  experimental  values  agreed 
well  with  estimates  made  using  slender  wing  theory. 

SYMBOLS 

A aspect  ratio 

Cn  normal  force  coefficient  « N/qS 

Cl  lift  coefficient  ■ L/qS 

cq  root  chord  (533mm) 

C aerodynamic  mean  chord  (355mm) 

E Young's  modulus  (N/m^) 

f frequency  (Hz)  ~ 2 

F(n)  the  spectrum  function,  such  that  F(n)An)  is  the  contribution  to  p /q  in  a frequency 

band  An  

G(n)  the  spectrum  function  of  generalised  force,  such  that  G(n)An  is  the  contribution  to  G^/q^S^  in 
a frequency  band  An 

g/2  structural  damping  ratio  {Z  critical) 

L lift  force  (N) 

M Mach  number 

m^  generalised  mass  in  rth  mode  of  vibration 

n frequency  parameter  fc/U 

N normal  force  (N) 

N(n)  spectrum  function  of  normal  force  coefficient  fluctuations  such  that  N(n)An  is  the  contribution 
to  N2/q2  in  fi  iquency  band  An 
p pressure  fluctuation  in  a band  Af  at  frequency  f 

P peak-to-peak  wing-tip  deflection  (nm) 

q JpU^  kinetic  pressure  (N/m2) 

R Reynolds  number/unit  length 

r,  dr  mean  resistance  and  resistance  change 

S wing  area  (6.62  * I0”2n|2) 

Sf  wing  semispan  ratio 

t wing  thickness  (mm) 

U free  stream  velocity  (m/s) 

V,  dv  mean  voltage  and  voltage  change 
Yg  attachment  line  of  vortex  (Fig. 18) 
static  deflection 
oy  rms  wing-tip  acceleration 

y(n)  mode  shape  of  vibration  of  rth  mode 
a angle  of  incidence  (degrees) 

ag  angle  of  incidence  for  zero  normal  force  (degrees) 

g y/(STx) 

•y  aerodynamic  damping  ratio  (Z  critical) 

static  strain 

c dynamic  strain  (rms) 

t total  damping  ratio  (Z  critical) 

n spanwise  displacement  (y/ST> 

A leading-edge  sweep  angle  (degrees) 

r free  stream  density  (kg/m^) 

On  model  density  (kg/m^) 

rj  gauge  factor  (about  120  for  these  semiconductor  gauges) 

power  spectrum  of  aerodynamic  excitation  in  given  mode  (per  Hertz) 
u circular  frequency  (rad/s) 

Subscripts 

St  steel 

Mg  magnesium 

1.  INTRODUCTION 

There  is  still  considerable  interest  in  the  prediction  of  buffeting  in  flight  from  measurements  of 
unsteady  wing-root  strain  on  steel  or  light  alloy  wind-tunnel  models  of  conventional  construction.  This 
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technique,  as  originally  suggested  by  Huston^  and  elaborated  by  Davis  and  Wornom^,  is  attractive  because 
of  its  apparent  simplicity  and  its  ability  to  produce  predictions  at  much  higher  Reynolds  numbers  than  can 
generally  be  achieved  with  structurally  scaled  aeroelastic  models^.  However,  the  method  has  come  under 
close  scrutiny  because  significant  variations  in  total  (structural  and  aerodynamic)  damping  ratio  in  the 
first  wing  bending  mode  with  angle  of  incidence  have  been  observed  in  some  flight^  and  wind-tunnel^  experi- 
ments on  swept  wings.  These  variations  are  difficult  to  explain  or  predict  but  similar  variations  in  total 
damping  ratio  have  also  been  observed  recently  on  an  aeroelastic  model  of  a low  aspect  ratio  wing  with  a 
small  angle  of  leading-edge  sweep-back^. 


The  variations  in  total  damping  must  be  separated  into  variations  in  aerodynamic  and  structural 
damping  if  they  are  to  be  correctly  incorporated  into  the  buffeting  scaling  relations!  ips * >^.  In  general 
the  separation  of  these  damping  components  is  still  a matter  of  considerable  difficulty.  The  aerodynamic 
damping  should  depend  on  the  free  stream  density  and  velocity  whereas  the  structural  damping  can  vary  with 
lift  on  the  model  (as  in  Ref. 2)  or  with  the  level  of  vibration  (as  in  Ref. 7).  Analysis  of  the  damping 
measurements  with  varying  air  density  may  also  be  prejudiced  by  associated  variations  in  the  wing  flow 
caused  by  changes  in  Reynolds  number. 

Recently,  Jones^  pointed  out  that  the  non-dimensional  aerodynamic  excitation  parameter  appropriate 
to  a flexible  mode  of  vibration  could  be  derived  from  measurements  of  buffeting  response  and  total  damping 
ratio.  In  the  present  investigation,  the  main  objective  was  the  derivation  of  the  non-dimensional  buffet 
excitation  parameter  in  the  first  wing  bending  mode  from  measurements  made  on  wings  of  different  materials, 
to  give  variations  in  response  and  damping,  but  under  nominally  identical  free  stream  conditions.  To  test 
the  scaling  relationships  implicit  in  the  use  of  this  non-dimensional  buffet  excitation  parameter  the  flow 
required  to  excite  the  wing  buffeting  had  to  be  relatively  unaffected  by  a wide  variation  in  Reynolds 
number  and  preferably  unaltered  in  general  character  by  a Mach  number  variation  from  subsonic  to  supersonic 
speeds.  These  conditions  were  satisfied  by  the  choice  of  a slender  wing  with  a well-ordered  vortex  flow®, 
and  accordingly  a half-model  of  a delta  wing,  with  a sharp  leading-edge  swept  back  65°,  was  used  (Fig.l).; 

On  this  simple  configuration  a variation  in  the  relative  proportions  of  aerodynamic  and  structural  damping 
at  constant  Reynolds  number  was  obtained  by  testing  two  nominally  identical  wings,  one  of  mild  steel  and  the 
other  of  magnesium  alloy.  These  materials  were  selected  because  they  had  tlie  same  ratio  of  Young's  modulus 
E , to  density  Pm  . Hence  their  natural  frequencies  were  virtually  identical  and  their  mode  shapes  similar. 
Both  wings  could  be  tested  over  a wide  range  of  free  stream  air  density,  o , at  constant  Mach  number,  giving 
the  same  values  of  the  ratio  p/pm  for  different  combinations  of  p and  Pm  . 

The  idea  of  using  geometrically  similar  models  of  steel  and  magnesium  was  suggested  by  a previous 
buffeting  investigation^.  However  the  results  of  that  investigation  were  inconclusive,  possibly  because  the 
aerodynamic  characteristics  of  the  wing  planform  and  section  selected  were  sensitive  to  changes  in  Mach 
number  and  Reynolds  number,  (In  that  early  investigation  the  kinetic  pressure  q was  varied  by  changing 
the  Mach  number  at  constant  tunnel  total  pressure,  and  no  tests  were  included  at  constant  Mach  number  over 
a range  of  Reynolds  number.) 

The  results  of  the  present  investigation  on  the  65°  delta  wing  configuration  show  that  on  the  steel 
wing  small  variations  in  total  damping  ratio  with  free  stream  density  can  be  detected.  On  the  magnesium 
wing  significantly  larger  variations  in  total  damping  ratio  with  free  stream  density  are  observed.  When 
the  total  damping  ratios  are  combined  with  the  responses  (given  by  the  wing-root  strain)  a measure  of  the 
buffet  excitation  (or  forcing  finction)  is  derived,  and  this  is  almost  the  same  for  both  wings  and 
independent  of  Reynolds  number.  The  measurements  extend  well  into  the  vortex  breakdown  region,  and  thus 
represent  a useful  extension  of  our  knowledge  of  slender  wing  buffeting.  (Earlier  measurements  of  slender 
wing  buffeting  were  limited  by  a load  restriction  on  the  aeroelastic  model®.) 

The  wider  implication  of  these  tests  is  that  it  should  be  possible  to  predict  the  buffet  forcing 
function  from  tests  of  ordinary  wind-tunnel  models,  as  long  as  the  total  damping  ratio  is  derived 
accurately.  However  if  predictions  for  buffeting  in  flight  are  required,  the  total  damping  ratio  measured 
during  Che  model  tests  must  be  separated  into  the  aerodynamic  and  structural  components.  This  condition 
is  somewhat  restrictive,  and  implies  that  a wide  free  stream  density  variation  (say  2/1)  should  be  included 
for  several  Mach  numbers  of  the  model  test  programme. 


2.  EXPERIMENTAL  DETAILS 
2. I Models 

Fig.l  shows  some  details  of  the  65*^  delta  wing  models.  Both  wings  have  a root  chord,  Cq  , of  533mm 
and  nearly  identical  thicknesses,  t , except  at  the  leading-edge.  This  has  a 30°  chamfer  being  applied 
normal  to  the  leading-edge.  Both  wings  have  blunt  trailing-edges.  There  is  a clearance  of  about  2mm 
between  the  tunnel  sidewall  and  the  centre  line  of  the  model  to  allow  the  model  attitude  to  vary.  No 
boundary  layer  fence  is  provided  because  the  boundary  layer  thickness  varies  with  Reynolds  number  and  Mach 
number  only  from  about  8 to  lOram  during  the  tests,  compared  to  the  model  span  of  248mm,  Any  interference 
caused  by  flow  through  the  gap,  or  the  sidewall  boundary  layer,  is  common  to  both  models. 

The  wing  root  tongue  of  each  model  is  covered  with  a thin  layer  of  araldite,  and  then  permanently 
bolted  into  a rectangular  steel  block.  This  solid  method  of  mounting  in  the  root  block  is  adopted  to 
achieve  a low  level  of  structural  damping,  insensitive  to  static  or  dynamic"  distortion  of  the  model.  Each 
root  block  has  20  jig-bored  bolt  holes  to  ensure  positive  attachment  to  the  half  model  balance.  Fig.l 
includes  the  nodal  lines  oi  the  principal  modes  of  vibration  for  the  wings  mounted  in  their  root  blocks. 
(These  nodal  lines,  and  the  corresponding  resonant  frequencies,  were  found  during  a ground  resonance  test 
made  in  a laboratory  in  Structures  Department  at  RAE  Farnborough. ) The  modal  frequencies  of  the  steel 
wing  are  about  7X  higher  than  the  corresponding  modal  frequencies  of  the  magnesium  wing,  because  the 
magnesium  wing  is  IX  thinner.-  (The  difference  in  thickness  occurred  because  of  the  difficulties  of 
machining  magnesium.)  However  this  small  difference  in  frequency  is  not  considered  to  be  significant 
because  of  the  flat  excitation  spectrum  associated  with  the  vortex  flow®.  In  fait  the  frequencies  exiited 
during  the  tunnel  tests  are  somewhat  different,  possibly  because  of  the  finite  stiffness  and  mass  of  the 
half  model  balance.  (When  the  wings  are  mounted  on  the  half  model  balance  it  allows  small  deflections. 
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L.e.  the^wings  are  not  *built  in  at  one  end*  in  the  usual  sense*)  The  *wind  on*  frequencies  are  constant 
over  a wide  range  of  kinetic  pressure  q and  angle  of  incidence  a , and  are  therefore  unlikely  to  be 
influenced  by  the  aerodynamic  stiffness  of  the  wings. 

2.2  Instrumentation  and  analysis 

The  mean  normal  force  on  the  wings  was  measured  using  the  half  model  balance  of  the  RAE  3ft  x 3ft 
tunnel.  The  wing  angle  of  incidence  was  set  by  the  half  model  turntable  incorporated  with  the  balance  and 
no  corrections  were  applied  for  the  small  angular  deflections  of  the  balance  or  for  tunnel  constraint 
effects,  which  are  small. 

The  small  strains  associated  with  the  static  and  dynamic  deflections  of  the  wings  were  detected  by 
two  strain  gauge  bridges,  one  at  the  root  and  one  close  to  the  tip,  as  shown  in  Fig.l.  The  wing-root 
strain  gauge  bridge  was  to  measure  the  vibration  in  the  first  wing  bending  mode,  which  was  of  primary 
interest  in  the  experiment.  The  tip  strain  gauge  bridge  was  to  measure  the  response  in  the  fourth  mode, 
which  was  considered  of  some  interest  in  the  context  of  previous  buffeting  tests  on  aeroelastic  models  of 
slender  wings'. 

The  strain  gauge  bridges  utilised  four  active  semiconductor  strain  gauges,  which  were  selected 
because  of  their  high  gauge  factor  o ^ 120  (compared  to  o «s  2 for  wire  gauges).  Considering  first 
static  deflections  and  strains,  for  every  strain  gauge  the  resistance  change  dr  was  related  to  the 
unloaded  resistance  r by  the  fundamental  strain  gauge  relation 

dr/r  - e^o  , (1) 

where  tg  " static  strain. 

Each  bridge  of  four  gauges  was  powered  by  a direct  current  voltage  v so  that  the  output  dv  across  the 
bridge  was  given  by 


dv/v  - dr/r 


(2) 


so  that 


e • dv/vo  . (3) 

s ' 

Values  of  o ■ 120  (for  the  steel  wing)  and  o • 110  (for  the  magnesium  wing)  were  derived  from  a static 
calibration  of  the  wing-root  strain  bridge.  Some  of  this  difference  may  be  due  to  misalignment  of  the 
strain  gauges,  rather  than  a true  variation  in  gauge  factor,  although  temperature  effects  cannot  be  excluded. 
It  was  assumed  that  the  static  and  dynamic  gauge  factors  were  identical.  The  tip  strain  gauge  bridge  was 
not  calibrated  because  of  the  difficulty  of  applying  a sufficient  *point  load*  between  the  gauge  station  and 
the  wing  tip. 

For  the  static  calibration  the  dc  voltages  from  the  bridges  were  displayed  on  digital  voltmeters. 

During  the  dynamic  tests  the  fluctuating  voltages  were  passed  through  a pair  of  Brllel  and  Kjaer  2107  spectrum 
analysers  which  were  used  as  tuneable  filters,  and  then  displayed  on  two  DISA  type  55D  35  rms  meters.  The 
bandwidth  selected  on  the  analyser  (6.SZ)  was  quite  wide  relative  to  the  narrow  bandwidth  of  the  responses 
being  measured. 

The  fluctuating  voltages  from  both  bridges  were  recorded  on  magnetic  tape  for  a number  of  angles  of 
incidence  at  typical  test  conditions.  The  tape  recorder  used  was  a Rapco  4-track  FM  machine.  Recordings  of 
about  30  seconds  duration  were  taken  to  try  to  ensure  that  a sufficiently  large  number  of  cycles  of  buffeting 
at  the  first  mode  (IIOHz)  were  available  to  give  reliable  estimates  of  tha  damping.  The  total  damping 
ratios  were  determined  using  the  random  decrement  (Randomdec)  technique)^,  a development  of  the  normal  method 
whereby  the  damping  is  calculated  from  the  decay  of  the  autocorrelation  function* 

2.3  Test  conditions 

The  closed  3ft  * 3ft  working  section  of  the  RAE  3ft  * 3ft  tunnel  was  selected  for  these  tests  because 
of  its  low  level  of  flow  unsteadiness *2.  With  this  closed  working  section  and  the  subsonic  liner  the  maximum 
Mach  number  was  limited  to  M ■ 0.7  to  avoid  choking,  but  supersonic  speeds  from  M • 1.3  to  2.0  could  be 
achieved  by  replacing  the  top  subsonic  liner  by  a contoured  supersonic  liner.  The  test  Mach  numbers  selected, 
M • 0.35,  0.70  and  1.40,  allowed  comparison  with  previous  measurements  on  steel  and  aeroelastic  models  of 
slender  wings^  and  a significant  variation  of  kinetic  pressure  q , as  well  as  of  free  stream  density  p . 

The  test  conditions  are  given  in  Table  I. 

No  roughness  was  applied  to  fix  transition  because  it  was  considered  that  contamination  by  the  side- 
wall  boundary  layer  would  eliminate  most  of  the  areas  of  laminar  flow  observed  during  tests  of  a complete 
model  of  a 65°  delta  wing*^  at  low  Reynolds  numbers. 

3.  RESULTS 

3.1  Normal  force  measurements  and  flow  visualisation 

Fig. 2 shows  the  variation  of  normal  force  coefficient  Cjj  , with  angle  of  incidence  for  both  wings 
at  Mach  numbers  of  M - 0.35,  0.70  and  1.40  over  the  complete  range  of  Reynolds  numbers. 

At  low  angles  of  incidence  the  lift  coefficient  given  by  slender  wing  theory 


where  A is  the  wing  aspect  ratio  and  a the  angle  of  incidence,  is  in  good  agreement  with  these  normal 
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force  measurements  over  the  whole  speed  range.  At  subsonic  speeds  the  normal  force  coefficient  at  a given 
angle  of  incidence  is  identical  for  both  wings,  and  independent  of  variations  in  Reynolds  number.  The 
agreement  between  the  measurements  is  particularly  impressive  at  high  angles  of  incidence  (a  > 20°)  when 
the  wings  move  close  to  the  vortex  breakdown  region,  and  where  some  differences  caused  by  scale  effects  or 
static  aeroelastic  distortion  might  have  been  anticipated.  Hence  results  from  these  two  subsonic  Mach 
numbers  provide  an  excellent  test  for  the  scaling  relations  appropriate  to  wing  buffeting. 

At  M = 1.4  the  situation  is  more  complex  because  at  angles  of  incidence  greater  than  15°  differences 
occur  between  the  normal  forces  measured  at  the  two  Reynolds  numbers.;  The  differences  could  be  attributed 
to  aeroelastic  distortion  and/or  scale  effects.  Thus  Fig. 2 shows  that  the  steel  wing  stalls  suddenly  above 
a = 20°  at  the  lower  Reynolds  number,  although  after  the  stall,  at  a = 25°  , the  normal  force  coefficient 
reaches  the  same  level  at  both  Reynolds  numbers.  In  contrast,  the  magnesium  wing  encountered  such  a 
violent  low  frequency  vibration  at  a = 18°  (possibly  caused  by  a shock  oscillation  enhanced  by  aero- 
elastic distortion  effects)  that  the  mean  normal  force  coefficient  could  not  be  measured  by  the  balance.; 
Hence  the  measurements  at  M = 1.4  are  of  limited  velue  as  a test  of  the  buffeting  scaling  relationships, 
although  they  help  to  establish  the  relative  levels  of  structural  and  aerodynamic  damping. 

I O 

Differences  between  the  half-model  results  and  some  earlier  complete  model  results'-’  are  of  interest, 
because  the  low  Reynolds  number  measurements  of  the  fluctuating  normal  force  given  in  Ref. 13  for  this  plan- 
form  are  relevant  to  the  present  experiment.  However,  the  differences  observed  do  not  vitiate  tbe  main 
objective  of  this  experiment,  the  investigation  of  the  buffeting  scaling  laws  in  a flow  insensitive  to 
variations  in  Reynolds  number.  The  results  shown  in  Fig. 2 for  M » 0.35  and  0.70  show  clearly  that  condi- 
tions insensitive  to  Reynolds  number  were  attained,  and  that  slender  wing  theory  should  be  applicable  at 
low  angles  of  incidence. 

Fig. 3 shows  a sketch  of  the  flow  separations  based  on  oil  flow  photographs.  We  recognise  the  primary 
vortex,  with  its  characteristic  'herring-bone'  pattern  having  a point  of  inflection  in  the  surface  stream- 
lines, and  the  secondary  vortices. 

3.2  Dynamic  strain  measurements 

Figs. 4 and  5 show  the  variation  of  the  rms  unsteady  wing-root  strain  c , in  the  first  wing  bending 
mode  (116Hz),  as  a function  of  the  angle  of  incidence  a for  both  steel  and  magnesium  wings. 

For  the  steel  wing  Fig. 4 shows  that  at  the  lowest  t'ach  number,  M ■ 0.35,  the  rms  strain,  c , is  small 

and  almost  constant  over  the  incidence  range  from  a » -5°  to  +5°  but  then  increases  somewhat  to  a 

plateau  between  a • 10°  and  15°.  At  an  angle  of  incidence  of  about  a • 18°  the  strain  starts  to 
increase  steadily,  and  at  about  a • 22°  when  vortex  breakdown  occurs,  the  strain  increases  rapidly.  This 
strain  variation  closely  resembles  the  buffeting  response  previously  observed  in  tests  on  a slender  wing 
at  low  speeds  (e.g.  Fig. 10  of  Ref. 9 which  shows  results  up  to  a ■ 25°  at  M - 0.23). 

The  wing-root  strain  measurements  increase  monotonically  with  Reynolds  number  (or  free  stream  density 

ratio  P/P^)  and  examination  shows  that 


e - (p/p„)  . (9) 

n 

This  result  is  consistent  with  the  total  damping  in  the  fundamental  mode  remaining  almost  constant,  so  we 
may  infer  that  structural  damping  predominates  as  in  previous  tests  of  small  steel  models*^.  For  the 
intermediate  Mach  number,  M - 0.70,  Fig. 4 also  shows  that  the  rms  wing-root  strain  has  a minimum  at  a • 0°. 
The  measurements  thus  indicate  the  light  buffeting  induced  by  the  vortex  on  the  lower  surface  of  the  wing 
at  negative  angles  of  incidence  (-5°  < a <•  0°)  and  by  the  vortex  on  the  upper  surface  of  the  wing  at  posi- 
tive angles  of  incidence  (0  < a < 5°).  The  wing-root  strain  increases  steadily  from  a • 5°  to  a • 20° 
without  reaching  a 'plateau  value'  as  at  M « 0.35.  This  variation  resembles  the  buffeting  observed 
previously  on  a slender  wing  at  higher  subsonic  speeds  (e.g.  Fig. 13  of  Ref. 9 which  shows  results  up  to 
a ■ 14°  at  Mach  number  of  0.50).  However  between  a ■ 20°  and  a • 23°  there  is  a much  more  rapid 
increase  associated  with  >’ortex  breakdown.  Even  at  this  Mach  number,  the  wing-root  strain  is  still  almost 
directly  proportional  to  the  density  ratio  (p/p„,).  At  the  highest  Mach  number,  M • 1.4,  the  rms  strain, 
t , is  small  and  almost  constant  from  a - -5°  to  a « 15°  , but  increases  rapidly  at  vortex  breakdown, 
at  about  a » 20°  (Fig. 4, 1.  The  variation  of  the  strain  with  angle  of  incidence  after  vortex  breakdown  is 
quite  different  at  the  two  Reynolds  numbers  and  reflects  the  radically  different  stalling  behaviour  shown 
by  the  normal  force  measurements  in  Fig. 2.  It  is  therefore  unsuitable  as  a test  of  the  buffeting  scaling 
relationships. 

For  the  magnesium  wing  the  strain  measurements  are  in  many  respects  similar  to  those  on  the  steel 
wing.  However,  at  subsonic  speeds  two  significant  differences  may  be  distinguished  (Fig. 5):' 

(1)  The  rms  wing-root  strains  are  geneially  about  two  to  three  times  higher  on  the  magnesium  wing  than 
they  are  on  the  steel  wing  at  the  same  Reynolds  number. 

(2)  Although  the  rms  strains  still  increase  monotonically  with  Reynolds  number,  or  free  stream  density 
ratio,  the  measurements  cannot  be  represented  by  an  approximation  of  the  form 

c - (p/p„) 

as  for  the  steel  wing.  This  suggests  that  the  damping  of  the  magnesium  wing  varies  significantly 
with  free  stream  density,  a hypothesis  which  is  confirmed  by  the  damping  measurements  which  follow 
in  section  3. 3. 

At  M • 1.4  and  angles  of  incidence  frt.a  -5°  to  +15°  the  wing-root  strain  on  the  magnesium  wing 
(Fig. 5)  is  generally  about  two  to  three  times  higher  than  on  the  steel  wing  (Fig. 4).  The  measurements  on 
the  magnesium  wing  do  not  extend  beyond  a > 15°  because  the  wing  started  to  oscillate  violently  at 
a • 18° 
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3.3  Damping  measurements 

Fig. 6 shows  the  variation  of  total  damping  ratio  (Z  critical)  with  angle  of  incidence,  Mach  number 
and  Reynolds  number  for  the  steel  wing.  The  variations  in  damping  at  constant  speed  are  all  comparatively 
small  (less  than  0.2%  critical).  The  response  relation  observed  above  (equation  (4))  is  thus  broadly 
consistent  with  the  damping  measurements^.  In  marked  contrast.  Fig. 7 shows  that  for  the  magnesium  wing 
there  are  comparatively  large  variations  in  total  damping  ratio  with  free  stream  density  (about  2.5% 
critical)  which  are  much  larger  than  the  wind-off  structural  damping  ratio  (0.45%  critical).  Hence 
equation  (4)  is  not  applicable  to  the  magnesium  wing.  At  a given  density  the  variation  in  damping  with 
angle  of  incidence  is  small,  just  as  in  previous  tests  on  a slender  wing  model  (Fig. 21,  Ref. 9). 

Figs. 6 and  7 suggest  that  the  variations  in  total  damping  ratio  with  angle  of  incidence  are  small 
over  the  full  range  of  the  tests.  Thus  even  at  vortex  breakdown,  between  a « 23°  and  25°,  when  there  is 
a large  increase  in  response  (Figs. 4 and  5)  there  is  no  large  change  in  total  damping  ratio,  either  at 
M = 0.35  or  0.70.  This  implies  that  the  aerodynamic  damping  at  this  extreme  condition  is  independent  of 
the  amplitude  of  response.  It  also  indicates  that  the  large  local  changes  in  the  slope  of  the  overall 
normal  force  at  vortex  breakdown  (shown  in  Fig. 2),  are  not  sufficient  to  influence  the  aerodynamic  damping. 
This  result  is  rather  surprising  because  the  loss  of  normal  force  on  vortex  breakdown  will  be  severe 
towards  the  wing-tip,  and  might  thus  be  expected  to  have  a strong  influence  on  the  aerodynamic  damping. 
However,  if  we  restrict  our  attention  to  the  most  reliable  set  of  measurements  on  the  magnesium  wing, 
linked  by  the  dotted  curves  in  Fig. 7,  a rather  different  picture  emerges.  We  find  that  the  total  damping 
increases  a little  as  the  angle  of  incidence  increases  from  0°  to  about  20°,  and  then  decreases.  This 
variation  exhibits  the  general  trend  anticipated  from  the  normal  force  measurements. 

Estimation  of  the  relative  proportions  of  aerodynamic  and  structural  damping  remains  a controversial 
question  and  is  not  strictly  germane  to  the  main  objective  of  this  paper  which  is  to  derive  the  aerodynamic 
forcing  function.  However,  the  aerodynamic  dampings  derived  under  the  assumption  of  constant  structural 
damping  are  summarised  in  Fig. 8.  For  the  steel  wing  the  aerodynamic  damping  ratio  is  generally  quite 
small  (less  than  0.5%  critical)  due  to  the  high  model  density  (Fig. 8a).  For  the  magnesium  wing  the  aero- 
dynamic damping  ratio  is  higher  (up  to  3%)  because  of  the  lower  model  density  (Fig. 8b).  These  measurements 
are  in  good  agreement  with  estimates  made  using  slender  wing  theory*^,  and  an  approximate  mode  shape*^. 

3.4  Extraction  of  buffet  excitation  parameter 

In  a previous  paper  Jones*  pointed  out  that  the  non-dimensional  aerodynamic  excitation  appropriate 
to  a mode  of  vibration  could  be  derived  from  measurements  of  buffeting  response  and  total  damping  ratio. 

If  the  power  spectrum  of  the  aerodynamic  excitation  per  Hertz  is  expressed  as 

" G(n)(qS)^c/U  , (5) 

where  n is  fc/U  . and  G(n)  is  the  non-dimensional  spectral  density,  it  follows  from  a single-degree- 
of-freedom  analysis'*  for  the  mode  considered  that  the  buffet  excitation  parameter,  •inG (n)  , is  given  by 


Here  m • generalised  mass  of  wing  bending  mode, 
n • the  non-dimensional  modal  frequency, 
oy  • rms  tip  acceleration  in  mode, 
q • kinetic  pressure 
S • wing  area 

and  C • total  damping  ratio  (%  critical). 

The  function  ^aCM  is  a measure  of  the  buffet  excitation,  analogous  to  the  function  ^nF(n)  associated 
with  fluctuating  pressure  measurements^.  For  the  present  tests  the  total  damping  ratio  measurements  in 
the  first  wing  bending  mode  for  each  condition  were  derived  above  (section  3.3)  and  the  generalised  mass 
m]  was  estimated  from  an  assumed  mode  shape. 

The  derivation  of  a relationship  between  the  wing-tip  acceleration  and  the  measured  rms  strains  was 
more  difficult.  The  static  calibration  gave  Che  same  relation  between  static'  strain,  Cg  , and  static 
deflections,  y^  , for  both  models  (Fig. 9a)  and  also  the  gauge  factors  appropriate  to  each  model.  To 

supplement  these  results  a dynamic  calibration  of  the  magnesium  wing  was  made  with  a small  exciter.  The 

linear  relationship  found  between  the  peak-to-peak  tip  deflection,  P , and  rms  strain,  c , (Fig. 9b) 

P (mm)  - 5.2  » lO^c  (7) 

was  relatively  insensitive  to  the  precise  mode  shape  being  excited  (only  39Hz  with  a vibration  pick-up  at 
the  tip  compared  with  80Hz  with  the  pick-up  at  the  root).  Hence  the  difference  between  the  wind-off 
frequency  (reduced  to  80Hz  by  the  additional  mass  and  stiffness  of  the  exciter)  and  the  wind-on  frequency 
(llOHz)  should  also  have  had  a relatively  minor  effect  in  the  constant  in  equation  (7).  Equation  (7)  was 

assumed  Co  be  valid  for  the  steel  wing  as  well  as  the  magnesium  wing,  because  their  planforms  were  identi- 
cal and  the  wing  thicknesses,  although  not  the  same,  were  constant.  (With  the  exciter  used,  the  deflec- 
tions would  have  been  much  smaller  for  the  steel  wing,  and  difficult  to  measure.) 

The  peak-to-peak  wing-tip  deflection  and  the  rms  wing-tip  acceleration,  o-  , are  related  by  the 

expression  appropriate  for  simple  harmonic  motion  ' 


2 P I 

°y  ■ <2xf)2-7y  . 

Hence  with  equations  (6),  (7)  and  (8)  and  the  rms  strain  and  damping  measurements  given  in  Figs. 6 to  9, 
the  buffet  excitation,  '^nGi.n)  , may  be  calculated. 
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Fig. 10  shows  the  buffet  excitation  parameter  as  a function  of  angle  of  incidence  for  both  models 
over  the  full  range  of  Mach  number  and  unit  Reynolds  number.  The  general  shape  of  the  curves  is  similar 
to  that  of  the  rms  strain  curves  described  previously  because  the  dampings  do  not  vary  significantly  with 
angle  of  incidence.  However  the  '/nG(n)  curves  for  the  steel  and  magnesium  wings  nearly  coincide  at  the 
higher  Reynolds  numbers.  Looking  in  more  detail,  we  find  that  at  M = 0.35,  and  at  the  higher  Reynolds 
numbers,  the  results  from  the  steel  and  magnesium  wings  are  in  reasonably  good  agreement.  Slight  differ- 
ences occur  at  M = 0.70  between  a = 10°  and  20°.  We  may  not  attribute  these  differences  to  the  effects 
of  either  static  aeroelastic  distortion  or  amplitude-dependent  aerodynamic  damping  because  the  ^nG(n) 
curves  for  the  magnesium  wing  (which  have  the  largest  distortions)  are  independent  of  Reynolds  number  and 
because  the  curves  for  both  wings  coincide  again  after  vortex  breakdown.  [The  i/nG(n)  curve  ft  M = 0.35 
at  low  Reynolds  number  (Reg  = 1.1  » 10®)  on  the  magnesium  wing  is  appreciably  different  from  the  measure- 
ments at  high  Reynolds  number.  The  low  level  of  buffeting  after  vortex  formation  is  much  reduced  and 
vortex  breakdown  is  delayed  from  about  a = 20°  to  a = 25°]. 

At  supersonic  speeds  (M  = 1.4)  the  level  of  buffeting  at  angles  of  incidence  up  to  a = 15°  is  much 
lower,  consistent  with  the  reduced  strength  and  size  of  the  leading-edge  vortices,  just  as  in  previous 
tests°.  However,  vortex  breakdown  appears  more  sharply  at  supersonic  speeds  than  at  subsonic  speeds, 
although  the  peak  level  >^nG(n)  is  of  the  same  magnitude  as  at  subsonic  speeds.  For  the  steel  wing  there 
are  apparently  strong  'scale  effects'  on  ^nG(n)  and  the  mean  force  after  vortex  breakdown  (see  Figs. 10 
and  2),  but  these  could  be  caused  by  some  interaction  between  the  wake  of  the  'burst'  vortex  and  the  tunnel 
normal  shock  wave.  Such  an  interaction  would  not,  of  course  occur  in  flight,  and  could  not  be  considered  a 
genuine  scale  effect. 

The  buffet  excitation  parameter  in  the  fourth  mode  can  also  be  obtained  from  equation  (6)  if  the 
appropriate  damping  ratios,  generalised  masses,  and  tip  deflections  are  substituted.  For  the  steel  wing 
the  response  in  this  mode  was  too  small  (Fig.  11)  to  allow  the  total  damping  ratios  to  be  derived  from  the 
magnetic  tape  records.  However,  for  the  magnesium  wing  the  response  was  about  three  times  higher  (Fig.  12), 
and  the  total  damping  ratio  in  this  mode  was  estimated  to  be  about  0.9%  critical,  independent  of  free 
stream  density  at  M ■ 0.35.  A very  similar  damping,  independent  of  air  density,  was  found  at  M = 0.70. 

We  infer  that  the  damping  in  this  mode  was  predominantly  structural,  just  as  in  the  third  symmetric  mode 
of  vibration  on  the  slender  wing  aeroelastic  model  (Ref. 9,  Fig. 21c). 

It  was  difficult  to  make  a good  estimate  for  the  generalis  jd  mass  of  this  mode  because  of  th.'  com- 
plexity of  the  nodal  lines  (Fig.l).  However,  if  we  ignore  the  nodal  line  close  to  the  apex  in  Fig.l, 
mode  4 then  corre<=ocnds  roughly  with  mode  3 on  the  60°  delta  wings  considered  in  Ref.  16,  It  was  found 
from  the  tabulateu  deflections^®  that 


Hence  for  the  present  65°  delta  wings  it  was  assumed  that 


m,  - m . (9) 

4 1 

For  this  mode  it  was  also  difficult  to  provide  an  accurate  relationship  between  the  small  rms  strains, 
e , measured  and  the  corresponding  small  tip  deflections,  P , (peak-to-peak) . However  the  exciter  was 
able  to  bring  up  this  mode  and  the  dynamic  calibration  for  the  magnesium  wing  (Fig, 13)  gave  the  relationship 

P (mm)  • 1.25  » lO^c  . (10) 


Hence  with  equations  (6),  (8),  (9)  and  (10)  the  buffet  excitation  parameter  in  the  fourth  mode  could  be 
estimated  for  the  magnesium  wing.  Fig.  14  shows  that  at  M • 0.35,  -yJnG  (n)  in  the  fourth  mode  is  almost 
identical  with  that  in  the  first  mode  (Fig. 10)  despite  the  large  differences  in  frequency  parameter  and 
mode  shape.  At  M - 0.70,  however,  .^nG(n)  in  the  fourth  mode  is  appreciably  smaller  than  in  the  first 
mode  at  angles  of  incidence  from  5°  up  to  vortex  breakdown  although  after  vortex  breakdown  at  a « 25° 
the  levels  are  nearly  identical. 

3.5  Prediction  of  buffet  excitation  parameter 

In  this  section  we  make  an  order  of  magnitude  estimate  of  the  aerodynamic  excitation  on  this  planlorm 
based  on  published  fluctuating  normal  force  data*^,  in  the  absence  of  adequate  correlation  measurements, 
we  assume  that  the  pressure  fluctuations  at  every  point  on  the  wing  are  perfectly  correlated  in  space  and 
are  in  phase.  Then  the  non-dimensional  fluctuating  pressure  parameter,  ^nF (n)  , and  the  corresponding 
normal  force  parameter,  V nN (n)  , will  be  identical.  Now  for  a triangular  flat  plate  of  semi-span  Sp 
vibrating  in  the  rth  bending  mode  the  generalised  force  of  excitation  may  be  written  (following  Ref. II, 
p.292,  equation  (13.32))  as 

I 

Lj.(t)  • j W(n,t)y^(n)S^dn  , (11) 

0 

where  W(n,t)  - unsteady  force/unit  span 
S^dn  ■ spanwise  width  of  element 
and  *■  local  displacement  in  the  rth  mode. 

For  a triangular  wing  and  under  the  assumption  of  perfectly  correlated  fluctuating  pressures,  we  may 
replace  W(n,t)  by  the  appropriate  rms  level 

W = ^nF(n)  (1  - n)Cjjq  , (12) 


where  cg  ■ root  chord. 

For  the  first  mode  we  will  assume  the  same  mode  shape  as  used  to  calculate  the  generalised  mass  and 


♦ — 
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the  aerodynamic  damping,  i.e. 

y|(n)  = 

We  find  that  the  rms  level  L|  of  the  generalised  force  L](t)  is 


T” 

nF(n)q  — j-j 


so  that  the  buffet  excitation  parameter  in  the  first  mode  is 


^ nG  (n) 


^^1  ^ -jnF(n) 

QStCq  ° 6 


(13) 


Fig. 15  shows  the  buffet  excitation,  -^nGCn)  , in  the  first  mode  extracted  from  the  present  results  at 
M = 0.35  at  a frequency  parameter  n = fc/U  =0.34  ; a comparison  is  made  between  these  measurements  and 
the  prediction  according  to  equation  (13)  based  on  the  fluctuating  normal  force  measurements ' 3 at  M = 0.09 
at  a lower  frequency  parameter  of  n = 0.05  (and  low  Reynolds  numbers  (Rcg  = 0.6  x 10®)).  The  overall 
agreement  between  the  measurements  and  the  estimates  is  good  (considering  the  differences  in  Reynolds 
number,  Mach  number,  frequency  parameter  and  model  geometry),  with  the  slope  of  the  buffet  excitation 
parameter  v incidence  curve  being  reasonably  well  predicted  after  vortex  breakdown. 


As  observed  previously,  the  measurements  at  the  lowest  Reynolds  number  (Rcq  = 1.1  x 1q6)  differ 
considerably  from  the  measurements  at  the  highest  Reynolds  number  (Rcq  i 1.9  x lo^)  in  that  there  is  no 
plateau  level  of  buffeting  associated  with  the  establishment  of  the  vortex^  and  that  vortex  breakdown  is 
deferred  to  a higher  angle  of  incidence.  These  two  effects  bring  the  measurement  at  low  Reynolds  number 
much  closer  to  the  prediction,  which  is  based  on  fluctuating  normal  forces  measured  at  even  lower  Reynolds 
numbers  (Reg  = 0.6  x lu®). 


The  good  agreement  between  the  measured  and  predicted  forces  shown  in  Fig. 15  should  be  viewed  with 
some  caution  because  of  the  restrictive  assumption  made  about  the  degree  of  correlation  of  the  pressure 
fluctuations.  Before  vortex  breakdown  the  pressure  fluctuations  are  restricted  primarily  to  an  area  under 
the  vortices,  and  the  degree  of  correlation  is  relatively  small,  so  that  our  initial  assumption  is  unlikely 
to  be  accurate.  However,  after  vortex  breakdown  the  pressure  fluctuations  are  correlated  over  relatively 
large  areas  of  the  wing,  although  there  are  still  significant  chordwise  and  spanwise  variations  in  level 
(Fig. 25,  Ref. 8).  Hence  we  may  expect  that  our  estimate  of  the  excitation  force  in  the  first  mode,  based 
on  the  integrated  normal  force  measurement  (not  upon  the  measurement  of  the  pressure  fluctuations  at  a 
single  point),  should  then  be  reasonably  accurate. 


It  is  interesting  to  note  that  within  the  idealised  assumption  that  the  pressure  fluctuations  at 
different  points  on  the  wing  are  perfectly  correlated  in  space  and  in  phase,  the  generalised  force  in  the 
fourth  mode  can  be  predicted  from  equation  (II)  and  the  assumed  mode  shape  (i.e.  mode  3 of  the  60°  delta 
wing)  as 

- ^nF(n)q  , 


so  that  the  generalised  force  coefficient  in  this  mode  is 


^^4  i^f(^) 

qS.,,Co  ‘ 14.5 


(14) 


However  the  previous  measurements*  only  give  the  fluctuating  normal  force  coefficient  at  a frequency 
parameter  n - 0.05  , whereas  equation  (14)  requires  the  fluctuating  normal  force  coefficient  at  n ■ 1.72. 
Hence  we  cannot  make  any  fair  comparison  between  measured  (Fig.  14)  and  predicted  generalised  force 
coefficients  for  the  fourth  mode. 


4.  DISCUSSION 

The  choice  of  simple  delta  wing  models  for  an  investigation  of  the  buffeting  scaling  relationships 
is  justified  by  the  relative  simplicity  of  the  results  obtained.  Thus  the  buffet  excitation  parameter  in 
the  first  mode  has  been  shown  to  be  nearly  identical  for  the  steel  and  magnesium  wings  (Fig. 10),  and  to  he 
independent  of  the  effects  of  static  aeroelastic  distortion  or  changes  of  Reynolds  number  (except  at  very 
low  Reynolds  number). 

The  present  measurements  also  confirm  the  important  fact,  previously  inferred  from  measurements  on 
other  models®,  that  at  vortex  breakdown  the  aerodynamic  excitation  and  the  buffeting  response  become  much 
higher  than  at  low  angles  of  incidence.  Hence  vortex  breakdown,  although  occurring  outside  the  normal 
flight  envelope  of  a slender  wing  transport  aircraft,  would  be  accompanied  by  heavy  buffeting  (see  further 
discussion  of  this  point  in  Ref. 18),  The  present  measurements,  and  previous  measurements  on  an  aeroelastic 
model  of  a typical  slender  wing  aircraft  (Ref, 9,  Appendix  A)  could  be  used  to  estimate  the  magnitude  of  the 
wing-tip  deflections  caused  by  vortex  breakdown  at  zero  sideslip. 

It  is  possible  that  vortex  breakdown  may  impose  important  limitations  on  other  slender  wing  aircraft. 
Thus  current  design  studies  of  a hypersonic  research  aircraft  having  a thin  65°  swept  delta  wing'®  assume 
that  this  will  operate  at  angles  of  incidence  up  to  a = 30°  (i.e.  well  above  vortex  breakdown)  for  a 
significant  portion  of  the  transonic  and  subsonic  re-entry  trajectory,  where  the  kinetic  pressures  are 
high.  A preliminary  assessment  of  the  buffeting  problems  of  this  design  might  be  possible  with  the  present 
measurements  of  the  buffet  excitation  parameter. 
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An  essential  step  in  the  derivation  of  the  buffet  excitation  parameter  is  the  measurement  of  the 
total  damping  ratio  ^ of  the  mode  being  considered.  For  the  present  tests  the  total  damping  ratio,  as  a 
percentage  of  critical  damping,  was  derived  by  the  'random  decrement'  p’"ocess  and  reasonably  consistent 
values  were  obtained  with  the  large  number  of  cycles  of  buffeting  available  (approximately  3000  and  18000 
cycles  respectively  for  the  first  and  fourth  modes).  However,  with  a smaller  number  of  cycles  the  accuracy 
of  the  damping  measurements  would  be  much  reduced,  and  this  could  set  a limit  to  the  accuracy  with  which 
the  buffet  excitation  parameter  may  be  determined  in  possible  future  buffeting  tests  in  intermittent 
transonic  facilities.  (In  Ref. 8 it  was  suggested  that  1500  cycles  of  buffeting  would  be  adequate.) 

Extraction  of  the  aerodynamic  damping  ratio  Y > from  the  total  namping  ratio,  i has  proved  diffi- 
cult, even  for  the  magnesium  wing  for  which  the  aerodynamic  damping  parameter;  p/p^U/a*  , where  U = free 
stream  velocity,  a*  = critical  velocity  of  sound,  at.  lined  reasonably  high  values  and  for  which  the  wind- 
off  structural  damping  ratio  was  small  (g/2  = 0.45%  critical).  The  essential  problem  is  to  establish  how 
the  structural  damping  varies  during  the  experiment.-  Although  the  structural  damping  apparently  remained 
constant  for  the  present  tests  it  may  not  remain  constant  for  tests  on  sting  supported  swept  wing  models 
of  conventional  construction  or  for  models  incorporating  numerous  joints  and  leading-edge  and  trailing-edge 
flaps.  Hence  in  future  buffeting  tests,  great  care  will  be  required  in  assessing  the  relative  magnitudes 
of  the  structural  and  aerodynamic  components  of  the  total  damping.  This  information  is  desirable  if  the 
measured  buffet  excitation  parameter  is  to  be  used  to  predict  the  levels  of  buffeting  in  flight^. 

For  the  present  tests  of  slender  delta  wings  it  was  possible  to  make  accurate  theoretical  estimates 
of  the  aerodynamic  damping  ratio  in  the  attached  flow  condition.  It  is  recommended  that  the  attached  flow 
aerodynamic  damping  be  estimated  for  other  models  used  in  buffeting  tests.  The  order  of  magnitude  of  the 
attached  flow  aerodynamic  damping  could  be  estimated  for  comparison  with  the  total  damping  measurements, 
even  if  the  lift-curve  slopes  are  only  roughly  approximated  and  the  mode  shapes  are  based  on  those  measured 
for  a wide  range  of  planforms  by  Hanson *6.  The  aerodynamic  damping  ratio  for  the  full  scale  aircraft  might 
also  be  estimated  by  the  same  method,  rather  than  measured  inaccurately  on  the  model  (by  differing  two 
small,  ill-conditioned  numbers,  C and  g/2)  and  applying  large  scaling  factors.-  However  the  values  of 
aerodynamic  damping  ratio  derived  from  rigid  model  tests  may  indicate  the  effects  of  flow  separations  which 
develop  as  the  angle  of  incidence  increases.  These  effects  cannot  yet  be  estimated  theoretically  with 
confidence,  although  Lambourne  has  suggested^O  using  measured  spanwise  load  distributions  (for  uniform 
incidence)  combined  with  approximate  mode  shapes. 

Fig. 2 shows  that  the  differing  amounts  of  static  aeroelastic  distortion  on  the  steel  and  magnesium 
wings  did  not  significantly  influence  the  mean  force  m.easurements,  at  least  at  M = 0.35  and  0.70.  Similarly 
there  is  no  evidence  from  Fig. 10  that  the  static  aeroelastic  distortion  influenced  the  measurements  of  the 
buffet  excitation  parameter.  However,  for  swept  wings,  static  bending  and  torsion  sufficient  to  influence 
the  mean  forces  may  occur  if  high  static  pressures  (3  to  5 atmospheres)  are  used  with  steel  models  or  if 
modest  static  pressures  (I  atmosphere)  are  used  with  flexible  models  representing  the  structure  of  an 
aircraft^*.  Hence  we  must  expect  that  the  measurements  of  the  buffet  excitation  parameter  in  general  will 
also  be  influenced  by  static  aeroelastic  distortion.  It  will  in  general  be  difficult  to  determine  which 
changes  are  caused  by  aeroelastic  distortion  and  which  changes  are  caused  by  changes  in  Reynolds  number  - 
unless  geometrically  similar  models  of  differing  stiffness  can  be  tested,  or  new  test  techniques  are 
adopted.  The  proposed  high  Reynolds  nuid>er  cryogenic  wind  tunnel  is  attractive  for  buffeting  tests  (see 
discussion  on  Fig. 13,  Ref. 22)  because,  by  varying  the  static  temperature,  it  is  possible  to  operate  at 
constant  Mach  number  with  either 


(a)  varying  Reynolds  number  and  constant  kinetic  pressure  (and  hence  constant  aeroelastic  distortion)  or, 

(b)  constant  Reynolds  number  and  varying  kinetic  pressure  (and  hence  varying  aeroelastic  distortion). 

There  is  evidence  from  recent  flight  tests^^'^*  that  significant  buffeting  occurs  in  the  first 

torsional  mode  on  swept  wing  aircraft.  The  method  for  measuring  the  buffet  excitation  parameter  described 
here  for  wing  bending  is  equally  applicable  tor  the  torsional  mode.  Hence  it  is  advisable  to  provide  a 
strain  gauge  bridge  to  measure  wing  torsion  on  the  wind-tunnel  model,  in  addition  to  the  bridge  provided 
to  measure  wing  bending. 

Despite  the  difficulties  and  uncertainties  enumerated  in  this  discussion,  the  measurement  of  buffet- 
ing response  on  wind-tunnel  models  of  conventional  construction  provides  a relatively  simple  method  to 
obtain  the  buffet  excitation  parameter  at  reasonably  high  Reynolds  numbers.  This  method  has  recently  been 
used  to  predict  the  buffet  excitation  parameter  in  flight  on  a typical  swept-wing  fighter  aircraft^S,  An 
extended  version  of  the  present  paper  is  also  available^^. 

5.  CONCLUSIONS 

Analysis  of  measurements  of  buffeting  on  two  65®  delta  wings,  one  made  of  magnesium  and  one  made  of 
steel,  has  established  two  main  conclusions. 


(1)  The  non-dimensional  buffet  excitation  parameter,  ^nG{n)  , in  the  first  bending  mode  is  almost  the 
same  for  both  wings  and  increases  rapidly  at  vortex  breakdown  (Fig. 10). 

(2)  The  magnesium  wing  has  a higher  damping  ratio  than  the  steel  wing  because  of  the  higher  ratio  of 
free  stream  density  to  wing  density  for  the  same  Reynold  number.  The  aerodynamic  damping  ratios 
deduced  from  buffeting  measurements  on  these  wings  are  in  good  agreement  with  estimates  made  using 
slender  wing  theory  (Fig. 8). 


[ 


■ 


Using  the  techniques  described  in  this  paper  it  should  be  possible  to  extract  the  buffet  excitation 
parameter  in  the  bending  and  torsional  modes  on  other  wind-tunnel  models  of  conventional  construction.  It 
will,  however,  be  difficult  to  establish  the  contributions  of  the  aerodynamic  and  structural  damping  to 
the  total  damping  measured  on  the  model.  If  these  contributions  can  be  established  they  can  be  combined 
with  the  buffet  excitation  parameter  to  predict  the  flexible  response  of  the  full-scale  aircraft. 
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Table  I 


TEST  CONDITIONS 


Mach 

Total  pressure 

Reynolds 

Kinetic 

Free  scream 

Density  ratio 

of  wings 

Velocity 

Frequency 

number 

number 

pressure 

density 

Magnesium 

Steel 

ratio 

parameter 

M 

(kN/m^) 

(inHg) 

Rco(x10“6) 

q(kN/m^) 

p (kg/m^) 

P/Pm(xl0^) 

p/p„(xl03) 

U/a* 

fc/U(l lOHz) 

0.35 

24.  1 

7.  1 

1.0 

1.8 

0.28 

0.  15 

0.04 

43.4 

12.8 

1.9 

3.2 

0.50 

0.28 

0.06 

96.6 

28.5 

4.3 

7.3 

I.IO 

0.61 

0. 14 

0.379 

0.34 

193.0 

57.0 

8.5 

14.5 

2.21 

1.22 

0.28 

0.70 

24. 1 

7. 1 

1.7 

6.0 

0.23 

0,13 

0.03 

48.3 

14.2 

3.4 

12.0 

0.46 

0.25 

0.06 

0.732 

0.17 

96.6 

28.5 

6.8 

24.0 

0.93 

0.  12 

1.40 

28.  1 

8.3 

2.3 

12.0 

0.  15 

0.085 

0.02 

1.300 

0. 10 

56.2 

16.6 

4.6 

24.0 

0.30 

0.04 

Cq  = 533nim  ; c = 355nan  . 
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SUMMARY 

An  important  aspect  of  the  design  of  modern  combat  aircraft  is  the  structural  fatigue 
life.  In  particular  it  is  becoming  increasingly  important  to  have  accurate  knowledge 
of  the  unsteady  loads  due  to  separated  flow  conditions  in  manoeuvring  flight. 

This  paper  describes  the  prediction  of  dynamic  loading  on  a modern  variable  sweep  wing 
combat  aircraft,  making  use  of  wind  tunnel  model  tests  and  results  from  flight  testing 
of  previous  aircraft.  In  addition,  the  predictions  are  compared  with  available 
prototype  flight  measurements. 


A.  INTRODUCTION 


Fatigue  has  been  a major  design  consideration  on  military  combat  aircraft  for  many 
years,  but  in  the  past  the  critical  aerodynamic  loading  has  been  associated 
primarily  with  steady  flow  conditions,  for  example,  during  repeated  manoeuvres,  and 
to  a lesser  extent  with  unsteady  but  attached  flow  conditions,  for  example,  during 
flight  through  turbulence.  Unsteady  aerodynamic  loadings  associated  with  separated 
flows  have  been  negligible  in  the  context  of  structural  fatigue  margins  available 
in  contemporary  strength  designs. 

More  recently,  increased  manoeuvring  capability,  higher  wing  loading  and  higher 
speeds  have  combined  with  more  refined  structural  designs  which  have  lower  inherent 
fatigue  margins  to  highlight  a new  fatigue  problem  (Figure  1) . The  critical 
aerodynamic  loading  for  fatigue  design  of  some  secondary  structures  such  as  slats, 
and  some  features  of  primary  structures  (for  example,  attachments)  can  be  associated 
with  separated  flow  conditions.  This  paper  describes  some  BAG (MAD)  experience  in 
quantifying  aerodynamic  loadings,  where  separated  flows  are  inevitable,  for  aircraft 
design  purposes. 

B.  TYPICAL  APPLICATION 

First,  a systematic  review  is  made  of  the  aircraft  layout  in  order  to  identify  those 
sources,  which,  despite  attempts  to  clean  up  the  installation,  will  inevitably 
produce  significant  separated  flow  due  to  some  overriding  design  consideration. 
Second,  the  region  of  influence  and  magnitude  of  unsteady  loadings  associated  with 
these  sources  are  estimated. 

Third,  fatigue  margins  are  calculated  for  those  components  influenced  by  the 
separated  flow  which  previous  experience  suggests  will  be  fatigue  prone.  Fourth, 
design  modifications  are  introduced  and/or  prototype  flight  data  requested  for 
production  design  purposes  on  potentially  critical  items. 

Some  potential  problem  areas  are  summarised  in  Figure  2,  for  a modern  combat 
aircraft.  Observe  that  the  associated  flight  conditions  are  predominantly 
subsonic;  the  airbrake  is  exceptional  in  this  respect. 

Since  the  prime  concern  is  for  the  fatigue  life  of  components  there  is  no  immediate 
safety  problem,  the  accuracy  of  predictions  required  is  not  high  and  reliance  upon 
available  data  is  considered  acceptable. 

Three  main  data  sources  have  been  used  to  derive  unsteady  loading  data.  These  are:- 

i)  Flight  measurements  from  earlier  BAC(MAD)  aircraft. 

ii)  Wind  tunnel  measurements  from  models  of  the  new  design. 

iii)  Published  literature. 

Existing  wind  tunnel  models,  particularly  of  the  component  loads  type,  have  proved 
to  be  adequate  for  main  surfaces,  but  problems  of  representation  at  model  scale  have 
cast  doubt  on  their  value  for  secondary  surfaces  and  flight  data  has  been  used  in 
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these  cases.  Throughout,  the  accuracy  of  predicted  magnitudes  of  unsteady  loads  is 
not  thought  to  be  better  than  a factor  of  about  2,  bearing  in  mind  the  dependence 
upon  structural  damping. 

C.  EFFECTS  OF  WING  BUFFET 

C.l  On  Slats  and  Spoilers 

A substantial  amount  of  flight  data  is  available  from  an  earlier  BAG (MAD) 
aircraft  on  the  response  of  slat  and  spoiler  attachments  due  to  unsteady 
aerodynamic  loading  during  wing  buffet.  The  dominant  feature  of  these 
responses  is  the  progressive  increase  in  the  intensity  and  extent  of  wing 
flow  separation  as  incidence  increases  at  all  subsonic  Mach  numbers. 

The  available  data  are  in  the  form  of  time-histories  and  power  spectra  of 
strain-gauge  responses  (Figure  3).  By  suitable  scaling,  these  can  be 
translated  to  a new  aircraft,  and  in  our  application  this  adjustment  is 
relatively  straightforward.  Since  the  wing  flow  breakdown  characteristics  for 
the  earlier  aircraft  and  the  new  prototype  were  similar,  including  buffet  onset 
incidence,  it  is  possible  to  scale  the  aerodynamic  excitations,  at  the  same 
wing  incidence,  by  the  ratio  of  slat  or  spoiler  area  for  the  two  aircraft.  The 
dominant  fatigue  loading  occurs  virtually  in  single  degrees  of  freedom, 
featuring  substantial  distortion  of  the  slat  attachments  and  of  the  spoiler 
operating  mechanism,  (Figure  4) . Since  the  natural  frequencies  and  shapes  of 
the  associated  vibration  modes  were  known  from  ground  resonance  tests  to  be 
broadly  similar,  a further  scaling  on  response  loads  to  account  for  slat  and 
for  spoiler  inertia  ratios  between  the  two  aircraft  surfaces  completes  the 
transformation.  Resultant  load  predictions  are  presented  in  Figures  5 and  6. 

Figure  5 shows  contours  of  constant  percentage  unsteady  load  in  the  slat 
attachments  for  the  cases  of  slat  retracted  and  manoeuvre  slat  setting.  The 
substantial  reduction  in  unsteady  loading  when  the  slat  is  extended  is  a 
manifestation  of  slat  effectiveness. 

Figure  6(a)  gives  contours  of  constant  percentage  unsteady  load  in  the  spoiler 
attachments  for  the  fully  open  spoiler.  The  variation  of  unsteady  load  with 
spoiler  angle  is  linear  for  incidences  up  to  that  at  which  the  maximum  load 
occurs  for  each  Mach  number  (e.g.  11°  at  M = 0.9)  as  the  region  of  separation 
produced  by  the  spoiler  increases  in  size  and  intensity. 

Above  this  incidence  the  unsteady  load  is  independent  of  spoiler  angle 
(Figure  6(b))  as  the  separation  produced  by  ihe  wing  spreads  over  the  entire 
wing  and  encompasses  the  spoiler. 

C. 2 On  Wing 

Although  no  wing  fatigue  problems  have  been  experienced,  the  discovery  of  an 
unexpectedly  high  unsteady  response  condition  on  an  earlier  BAC(MAD)  aircraft 
during  high  incidence  load  measurements  led  to  a specific  review.  This  loading 
condition  featured  substantial  response  in  the  wing  torsion  mode  under  moderate 
buffet  conditions  in  addition  to  the  expected  wing  bending  mode  response,  and 
Fig.  7 shows  some  typical  strain-gauge  responses.  No  fatigue  problem  was 
associated  with  this  phenomenon,  but  its  mechanism  is  not  well  understood.  It 
might  be  associated  with  a single  degree  of  freedom  flutter  condition,  although 

based  on  Reference  1,  the  frequency  parameter  ^ is  hich  enough  to  preclude 

this  and  there  was  no  tendency  for  divergent  instabill  in  the  flight  data. 

The  mechanism  seems  to  be  associated  with  a transition  between  alternative  but 
equally  possible  steady  flow  states  (Fig.  8)  so  that  any  "instability"  would  be 
expected  to  have  a limited  amplitude. 

Flight  data  from  tests  on  the  new  prototype  confirm  the  extence  of  similar 
torsion  mode  responses  at  moderate  incidences  (Fig.  9),;  The  accelerometer 
responses  show  that  the  lower  wing  sweep  angles  are  most  critical  in  this 
respect,  and  that  torsion  and  bending  mode  responses  increase  with  incidence  in 
about  the  same  proportions  for  the  lower  sweep  angles  (Figure  10) . Specific 
instrumentation  has  been  introduced  on  prototypes  to  provide  data  for  fatigue 
assessments,  and  to  monitor  modal  stability.  There  is  no  indication  of  ?ny 
instability  to  date,  but  careful  control  of  Mach  number,  equivalent  airspeed 
and  incidence  effects  is  being  maintained  as  the  flight  envelope  is  expanded. 

C . 3 On  Taileron 


A more  compact  layout  and  variable  wing  sweep  prompted  an  assessment  of  wing- 
buffet-induced  taileron  response  for  the  new  design.  Since  no  appropriate 
flight  measurements  were  available  from  earlier  aircraft  at  the  extremes  of 
wing  sweep  required,  recourse  had  to  be  made  to  wind  tunnel  models  of  the  new 
design . 

It  is  standard  practice  to  use  unsteady  wing  root  bending  moments  from  nominally 
rigid  component  load  wind  tunnel  models  to  provide  information  on  buffet  onset 
and  on  wing  attachments  loads  during  buffet.  The  relatively  successful 
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application  of  this  data  to  full  scale  has  stemmed  from  the  fact  that  wing 
fundamental  mode  shapes,  and  excitation,  have  been  broadly  similar  on  nominally 
rigid  models  and  aircraft.  The  successful  application  of  similar  techniques  to 
buffet  load  predictions  for  taileron  attachments  is  probably  much  less  likely, 
since  even  fundamental  modes  of  vibration  for  a taileron,  being  relatively  high 
in  frequency,  usually  include  substantial  contributions  from  fuselage  and  wing 
and  fin  distortions,  and  these  are  not  all  likely  to  be  reproduced  on  nominally 
rigid  models.  In  addition,  pre-buffet  excitation  sources  may  be  different  on 
model  and  aircraft  (e.g.  importance  of  engine  noise  on  aircraft).  Nevertheless 
it  is  tempting  to  assess  the  available  model  data,  if  only  to  indicate  how 
unsteady  loads  might  vary  with  manoeuvring  flight  condition  and  configuration, 
as  a basis  for  prototype  flight  test  planning. 

A typical  variation  of  model  taileron  attachment  load  coefficient  with  incidence 
is  shown  in  Figure  11,  and  this  includes  only  the  root-mean- square  contribution 
from  the  fundamental  taileron  mode  (identified  from  model  resonance  tests).  The 
taileron  response  variation  with  incidence  is  characterised  by  a fairly  constant, 
but  non-zero  level  up  to  buffet  onset.  At  the  lower  subsonic  Mach  numbers  and 
lower  wing  sweep  angles,  this  buffet  onset  is  dictated  by  the  wing,  and  the 
taileron  is  responding  to  wing  excitation.  At  the  higher  subsonic  Mach  numbers 
and  higher  wing  sweep  angles,  although  the  buffet  onset  is  dictated  by  the  wing, 
the  taileron  buffeting  response  is  due  to  a combination  of  taileron  and  (very 
mild)  wing  buffet.  These  features  are  entirely  consistent  with  the  taileron 
design  concept  of  operation  at  relatively  low,  essentially  buffet  free  lift 
coefficient. 

Associated  taileron  attachment  unsteady  loads  variations  with  manoeuvring  flight 
condition  and  configuration  are  presented  in  Figure  12.  Observe  the 
insensitivity  to  wing  sweep  below  about  M = 0.6  - 0.7  and  the  increasing 
importance  of  taileron  buffet  as  wing  sweep  angle  increases,  particularly  above 
M = 0.7  - 0.8. 

Figure  13  shows  the  effect  on  taileron  loads  of  selecting  the  manoeuvring  wing 
slat  setting.  The  dramatic  reduction  quantifies  and  mirrors  the  improvement 
in  wing  buffet  characteristics  (cf  Figure  12 (b))  . 

Available  flight  measurements  from  the  new  prototype  are  compared  in 
Figures  12(a)  and  (c) . As  yet  there  is  not  enough  data  available  under 
buffeting  conditions  to  judge  the  accuracy  of  predictions. 

In  order  to  predict  actual  unsteady  load  magnitudes  from  this  model  data,  it 
would  be  necessary  to  infer  wing  and  taileron  excitation  distributions  from 
measurements  of  wing  and  taileron  response,  and  scale  these  via  knowledge  of 
the  model  and  aircraft  transfer  function  properties.  This  approach  is 
practicable  if  the  buffet  excitation  can  be  represented  by  a combination  of  a 
few  pressure  distribution  shapes.  This  offers  a more  economic,  but  probably 
less  accurate  alternative  to  either  direct  measurement  of  pressure  distributions 
or  dynamically-scaled  wind  tunnel  models. 

Estimates  which  have  been  made  can  have  significant  fatigue  implications,  and 
appropriate  instrumentation  is  being  monitored  on  the  new  prototype. 

D.  EFFECTS  OF  STORE  BUFFET 
D.l  On  Store  Attachments 


Flight  data  is  available  from  an  earlier  BAC(MAD)  aircraft  on  unsteady 
attachment  responses  due  to  store  buffet  for  underfuselage  and  underwing 
installations.  The  important  feature  of  these  responses  is  the  relatively 
small  Mach  number  range  (typically  0. < M < 0.95,  Fig.  14)  within  which 
significant  unsteady  loading  occurs  in  nominally  straight  and  level  flight. 

This  loading  is  associated  with  shock-induced  flow  separation.  Associated 
loads  can  be  alleviated  by  the  introduction  of  vortex  generators  mounted 
around  the  store  afterbody  just  upstream  of  the  separated  region,  but  will  be 
amplified  by  backlash  in  pylon/store  attachments. 

By  suitable  scaling,  these  loading  data  could  be  translated  to  a new  aircraft, 
given  similar  fuselage/wing-pylon-store  geometries.  The  attachment  fatigue 
loading  is  dominated  by  the  fundamental  bending  modes  of  the  flexible  store 
and  in  this  respect  fuel  tanks  are  especially  critical.  Since  the  natural 
frequencies  and  shapes  of  these  modes  can  be  determined  from  resonance  tests 
the  transformation  to  account  for  structural  dynamics  would  be  straightforward. 

D . 2 On  Taileron 


Underwing  store  configurations  introduce  a potential  taileron  fatigue  problem 
associated  with  store  wake  excitation.  Some  typical  effects  are  shown  in 
Figure  15,  from  flight  tests  on  an  earlier  aircraft.  From  this,  the  dominant 
store  increment  occurs  at  frequencies  which  are  appropriate  to  local  surface 
modal  deformations,  at  least  for  the  airspeeds  where  magnitudes  of  incremental 
loads  are  significant. 

Component  load  wind  tunnel  model  tests,  on  the  new  design,  confirm  this  and 


Figure  16  shows  the  virtually  identical  contributions  from  the  taileron 
fundamental  mode  to  the  root-mean-square  attachment  load,  as  incidence 
increases,  for  a variety  of  store  installations  on  inboard  and/or  outboard 
pylons. 

EFFECTS  OF  EXCRESCENCES  AND  CAVITIES 


Excrescences  and  cavities  associated  with  avionic  equipment,  for  example,  can  provide 
a significant  source  of  unsteady  loading  for  internal  structure  and  downstream 
panels,  even  when  careful  consideration  is  devoted  to  achieving  an  aerodynamically 
clean  installation.  Two  important  flow  characteristics  which  can  exist  in  isolation 
or  in  combination  are  a random  component  associated  with  any  separated  flow  regions 
and  a periodic  component  associated  with  vortex  shedding  or  cavity  resonance. 

The  frequency  content  of  the  former  is,  apparently,  sensibly  independent  of  how  the 
separation  occurs  (from  Reference  2)  and  a ubiquitous  spectrum  can  be  defined  which 
can  reasonably  be  applied  in  most  cases  for  design  purposes  (Fig.  17) . It  remains 
to  judge  the  appropriate  scale  of  the  separation  region  and  to  estimate  appropriate 
amplitudes  of  unsteady  pressure  for  each  application.  Some  typical  examples  are 
illustrated  in  Figure  17.  These  essentially  random  excitation  sources  are  dominant 
for  shallow  excrescences  and  cavities,  and  for  most  applications  the  associated 
energy  content  is  concentrated  in  the  local  panel  frequency  range. 

Possible  exceptions  to  this  general  rule  are  airbralces  and  deep  bomb  bays,  where 
periodic  flow  effects  can  dominate  and  where  the  important  frequencies  can  be  in 
the  range  of  lifting  surface  fundamental  modes.. 

E.l  Airbrake 


Contours  of  constant  total  R.M.S.  pressure  coefficient  in  the  wake  of  a 50° 
airbrake  in  a subsonic  free  strecim  are  summarised  in  Figure  18  (Ref.  3).  From 
this,  the  airbrake  cavity  is  especially  vulnerable.  Also  shown  are  the 
predicted  variations  with  airspeed  of  the  frequency  and  unsteady  pressure 
levels  associated  with  the  vortex  shedding  contribution  for  the  new  design. 

These  results  indicate  that  problems  are  extremely  unlikely  so  far  as  the 
lifting  surfaces  are  concerned,  but  that  the  airbrake  itself  will  be  influenced. 

COMMENT 


This  paper  has  described  the  prediction  of  some  dynamic  loadings  associated  with 
inevitable  separated  flows  on  a modern  combat  aircraft.  It  is  considered  that  the 
accuracy  of  these  predictions  is  not  high  but  that  it  is  probably  adequate  for  all 
components,  with  the  possible  exception  of  the  tailerons.  Design  modifications  which 
have  been  introduced  to  aosorb  the  dyneimic  loadings  described,  even  with  substantial 
factors,  are  relatively  trivial,  except  for  the  taileron.  In  this  case  modifications 
would  be  relatively  extensive  but  the  available  predictions  are  least  accurate.  No 
modifications  will  therefore  be  introduced  unless  flight  measurements  show  that  they 
are  necessary. 

A genuine  need  is  clearly  emerging  for  much  more  accurate  methods  of  predicting 
taileron  fatigue  loadings  due  to  separated  flows  on  compact  military  combat  aircraft, 
and  there  is  obvious  appeal  in  combining  flutter  and  buffet  testing  on  a single  wind 
tunnel  model  - given  suitable  tunnel  facilities  - to  achieve  this.  A more  economic 
procedure  might  be  to  study  pressure  distributions  under  buffeting  conditions  as  a 
means  of  better  utilising  data  from  nominally  rigid  component  load  wind  tunnel 
models . 


In  addition,  the  torsional  response  of  wings  at  incidence  needs  to  be  better 
understood.  Once  more  a combined  flutter  and  buffet  modelling  approach  seems  more 
appropriate,  although  a study  of  pressure  distributions  during  buffet  could  offer 
more  insight. 
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AIRFRrtME  RESPONSE  TO  SEPARATED  FLOW  ON  THE  SHORT  HAUL  AIRCRAFT  VFW  614 

by 

Helmut  Zimmermann,  Giinter  Krenz 
Vereinigte  Flugteohnische  Werke  - Fokker  GmbH,  D-2800  Bremen 

Germany 


SUMMARY 

The  growth  of  installed  engine  thrust  for  combat  aircraft,  and  the  rise  in  by-pass 
ratio  for  transport  aircraft  aggravate  the  problem  of  integrating  power  plant  and  airframe. 
The  result  of  this  is  a growing  influence  of  the  engine  exhaust  flow  on  the  aircraft  flight 
characteristics  and  structure.  Conventional  computation  and  measurement  methods  are  in  many 
ca-es  insufficient  to  determine  jet  boundaries  and  to  predict  jet-induced  structural  loads. 
Using  the  VFW  614  aircraft  as  an  example  the  influence  of  an  intermittent  ^et  flow  on  sub- 
structures outside  known  jet  boundaries  is  illustrated  in  this  paper.  Effects  comparable 
to  those  due  to  the  engine  jet  are  caused  also  by  the  wake  of  movable  wing  parts  such  as 
spoilers  and  airbrakes.  The  VFW  614  is  used  again  as  an  example  to  illustrate  the  occur- 
rence of  horizontal  tail  buffet  due  to  flow  disturbances  for  outside  the  spoiler  wake  re- 
gion, and  to  describe  the  steps  taken  to  eliminate  this  type  of  buffet.  The  last  part  of 
the  paper  lists  several  examples  of  flow  separation  with  ensuing  buffeting  which,  typically 
occur  in  the  course  of  flight  trials,  and  measures  to  combat  these  disturbances  are  dis- 
cussed. 


LIST  OF  SYMBOLS 


B.O. 

D 

H 

^^Hor.Tail 

N 

M 

RMS 


Re 

SL 

U 

U 

W/T 


n 


Buffet  Onset 
Nozzle  diameter 
Altitude 

Asymmetrical  horizontal 
tall  moment 

Engine  r.p.m. 

Mach  number 

Root  mean  square  of  In- 
stationary  flow  function 

Reynolds  number 
Sea  level 

Flow  velocity  in  x-axis 
Mean  value  of  U 
Wind  tunnel 
Lift  coefficient 
Pressure  coefficient 
Critical  pressure  coefficient 
Total  pressure  coefficient 
Frequency 


n.  Acceleration  in  z-axis 

z 

n^wing  Acceleration  on  wing 
P Static  pressure 

Pq  Static  pressure  in  still  air 

P^  Total  pressure 

P^g  Total  pressure  at  jet  exit 

t Time 

Vp  Propagation  speed 

V Flight  speed 
V(IAS)  Indicated  airspeed 

V Disturbance  velocity 

Vj  Jet  exit  velocity 

y Cartesian  coordinates 

It  Angle  of  attack 

5x  Distance  of  anemometer 

6y 

f Intermlttency  factor 

V Spanwlse  wing  section 


1.0  INTRODUCTION 


The  paper  discusses  some  structural  aspects  due  to  flow  separation  and  engine  influ- 
ence of  the  shorthaul  aircraft  VFW  614  [l) .The  aircraft  - shown  in  Fig.  1 - is  a 44  pas- 
senger let  airliner  with  engines  mounted  on  the  upper  winq  side.  Some  structural  aspects 
are  directly  connected  with  this  engine  position.  During  flight  trials  a number  of  buffet- 
ing phenomena  were  detected  on  the  V?ri  614  which  were  caused  by  turbulent  flows  produced 
somewhere  on  the  aircraft  for  certain  configurations  and  operating  conditions.  Among  these 
is  the  excitation  of  the  horizontal  tall  by 


- Engine  exhaust  jet  on  the  ground 


- Wake  of  the  wing  spoilers 


- Winq  flow  separation  during  stall 

The  excitation  of  the  horizontal  tail  are  caused  by  turbulent  flow  distortions  of  spoiler 
wake  and  engine  exit  flow  respectively.  Except  for  wing  wake  which  always  affects  the  hor- 
izontal tail  depending  on  its  vertical  position  for  certain  angles  of  attack,  the  horizon- 
tal tall  is  usually  designed  to  stay  clear  of  the  engine  exhaust  jet  and  the  spoiler  wake. 


FIS  1 DURINO  TAKE  OFF 


The  boundaries  of  turbulent  flow  distortions  are  however,  not  fixed.  Intermittent  flows 
alternating  between  laminar  and  turbulent  flows  arise  in  the  jet  boundary  region,  the  jet- 
or  wake-boundaries  are  not  stationary,  but  fluctuate  in  a random  fashion  according  to  a 
Gaussian  distribution.  In  this  paper  we  attempt  to  describe  these  phenomena  with  the  aid 
of  modern  statistical  methods.  Cut-outs  in  the  leading  edge  of  the  flaps  are  used  as  an 
example  to  illustrate  that  structurally  necessary  features  can  lead  to  flow  separations 
causing  unacceptable  aircraft  flight  behaviour.  Furthermore  the  pattern  of  wing  buffet  may 
be  changed  considerably  by  reshapement  of  the  wing  nose,  as  shown  by  tests  on  the  VFW  614. 

2.0  FLOW  DISTORTION  at  the  BOUNDARIES  of  JETS  and  WAKES 

2.1  Theoretical  Basis  and  Experiments 

Free  turbulence  occurs  in  the  absence  of  fixed  boundaries,  although  originating  at  a 
fixed  boundary,  such  as  an  obstacle  placed  in  a free  stream.  For  the  flow  around  an  air- 
craft two  main  sources  of  turbulent  flow  distortion  exist; 

- movable  parts  such  as  airbrakes,  spoilers,  lift-dumpers 

- engine  jet 

The  various  theories  that  have  been  put  forward  to  describe  free  turbulence  which  have 
gradually  come  to  be  considered  classical,  are  purely  phenomenological  in  character. 
Measurements  confirmed  the  assumption  of  similarity,  or  rather,  of  self-preservation,  of 
these  flows,  l.e.  that  the  turoulence  maintains  its  structure  during  its  downstream  devel- 
opment. Because  of  this  similarity  it  is  sufficient  to  consider  a single  cross-section  of 
the  flow  with  the  aid  of  nondimensional  velocities  and  lateral  distances,  as  follows  Ul  [3] 
In  the  core  of  the  wake  and  on  the  jet  exit,  respectively,  the  flow  is  fully  turbulent,  but 
becomes  increasing  intermittent  toward  the  jet  boundaries. 
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FIO  2 SIGNALS  OF  TURBULENCE  IN  INTERMITTENT  FLOW 


FIG  3 INTFRMITTENCY  FACTOR  AND 
VELOCITY  PROFIL 
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Fig.  2 shows  in  the  upper  part  the  velocity  fluctuation  as  a function  of  time  for  a 
point  in  the  boundary  region  of  a free  jet,  as  measured  by  a hot-wire  anemometer.  It  shows 
the  boundary  region  flow  is  intermittent,  i.e.  alternating  between  laminar  and  turbulent. 

For  better  illustrating  the  turbulent  signals  are  converted  in  the  lower  part  of  this  fig- 
ure into  impulses  of  constant  unit  height,  thus  the  laminar  flow  can  be  described  by  a 
horizontal  line  whereas  the  turbulence  is  marked  by  rectangular  fields  of  unit  height. 

The  distribution  of  the  velocity  fluctuations  shown  is  typical  for  the  flow  pattern  in 
the  boundary  region.  Although  it  was  measured  in  a free  jet,  it  may  be  also  used  to  de- 
scribe the  turbulence  in  a wake  by  phencsnenological  methods.  From  the  rectangular  curve 
of  the  lower  part  of  the  figure  you  can  determine  the  so-called  intermittency  factor  that 
is  the  ratio  of  the  summation  of  turbulent  flow  occurrence  to  total  time. 

Fig.  3 shows  the  intermittency  factor  and  the  velocity  profile  plotted  against  radial 
distance  in  the  free  jet.  The  jet  boundary  R(X)  nas  been  determined  here  by  the  usual  defi- 
nition. While  the  mean  velocity  decreases  sharply  from  the  jet  axis  toward  the  ^et  boundary, 
the  intermittency  factor  is  non-zero  beyond  the  boundary,  indicating  that  the  intermittent 
turbulence  contributes  hardly  anything  to  the  mean  velocity.  Thus  the  magnitude  of  the  mean 
velocity  is  not  necessarily  a good  indicator  of  the  aerodyneimic  loads  to  which  an  elastic 
structure,  such  as  an  empennage,  is  subjected  when  immersed  in  a free-turbulance  flow, 
especially  as  the  velocity  fluctuations  of  the  turbulent  events  in  the  boundary  region  are 
of  the  seme  order  of  magnitude  as  those  in  the  core  of  the  jet. 


FIG  ( SIGNALS  V AT  THE  JET  BOUNDARY 


FIG  S POSITION  OF  HOT  WIRE  INSTRUMENTS 
AND  SIMULTANEOUS  MEASUREMENTS 


Fig.  4 shows  the  velocity  fluctuation  for  three  distances  Y/D  at  the  edge  of  a model 
jet.  The  flow  disturbances  have  a duration  of  2 to  8 msec.  The  disturbance  velocities  v’, 
occuring  in  turbulen^'e  packets,  attain  magnitudes  of  about  onehalf  of  the  jet  exit  speed. 

The  number  of  high-i.''tensity  events  decreases  with  increasing  distance  from  the  jet  axis. 

By  interpreting  the  disturbances  occurring  at  the  edge  of  the  jet  as  events  in  the  sta- 
tistical meaning  of  the  word,  we  are  merely  describing  test  result  in  a phenomenological 
sense.  These  disturbances  can  be  however  interpreted,  with  some  justification  from  other 
tests,  as  turbulence  packets  swept  downstream,  having  a size  of  up  to  one  tenth  of  the 
normal  jet  radius. 

Fig.  5 shows  the  arrangement  of  two  hot-wire  anemometers  in  the  jet  and  the  distur- 
bance signals  measured  by  them  simultaneously.  Although  the  signal  measured  by  the  down- 
stream anemometer  is  flatter  than  that  of  the  upstream  one,  the  two  signals  may  be 
recognized  as  being  similar.  Obviously  the  disturbance  registered  here  has  travelled  in 
time  At  from  probe  1 to  probe  2.  The  propagation  speed  Vq  of  the  disturbance  may  be  cal- 
culated from  At  and  the  probe  spacing.  The  disturbance  speed  V of  the  turbulent  event 
can  be  read  directly  from  the  amplitude  of  the  signal.  Fig.  6 shows  the  probability  den- 
sity distribution  of  the  measured  propagation  speed  of  the  events,  represented  as  a first 
approximation  by  a Maxwell  distribution  with  a slightly  shifted  maximum.  The  diagramm  was 
produced  by  analysing  about  40  to  50  single  photos,  shows  that  propagation  speed  scatters 
around  an  average  value  which  in  this  case  is  about  20  % of  jet  exit  speed.  The  propaga- 
tion speeds  of  the  meas  .red  disturbance  signals  were  also  determined  by  means  of  the  time 
shift  of  the  peak  of  the  cross  correlation  function. 

A further  time-saving  method  to  find  the  propagation  speed  is  the  "stored  beam"  method. 
Wherein  100  signals  of  each  probe  were  displayed  simultaneously  on  a storage  oscilloscope. 
The  superposed  signals  outlined  an  envelope,  and  the  time  shift  of  the  two  envelopes  to- 
gether with  the  probe  spacing  yielded  a mean  propagation  speed.  The  results  of  the  methods 
compare  wall.  Fig.  7 shows  the  mean  propagation  joeed  Vq,  the  mean  jet  velocity  U,  and  the 
RMS  value  of  the  disturbance  velocity  in  the  edge  region  of  the  jet,  8 ]et  diameters  behind 
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FIG  6 PROPAGATION  SPEED  OF  TURBULENT  EVENTS 
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FIG  7 VELOCITY  FLUCTUATIONS  IN  A CIRCULAR  JET 


the  jet  exit.  The  mean  propagation  speed  is  4 to  5 times  larger  than  the  RMS  velocity,  and 
2.5  to  4 times  larger  than  the  mean  jet  velocity.  This  means  that  there  are  individual  dis- 
turbances in  the  edge  region  of  a ]et  that  move  at  speeds  far  above  the  values  measured  by 
ordinary  methods  (e.g.  pitot-tube). 

The  arguments  of  the  foregoing  section  therefore  indicate  that  significant  disturb- 
ances of  the  air  flow  exist  outside  the  jet  as  defined  by  pitot  static  surveys,  and  that 
therefore  any  obstacle  such  as  an  horizontal  tail  placed  outside  the  stationary  jet  could 
very  well  experience  unstationary  forces. 

2.2  Jet  Influence  on  the  Horizontal  Tail 

In  general  engine  jets  may  interfere  with  the  empennage  owing  to  their  location.  In 
particular,  the  effect  of  the  engine  jets  on  the  VFW  614  empennage  will  be  considered  here, 
by  applying  the  preceding  arguments  concerning  jet  spread.  The  conclusions  drawn  from  tests 
on  a model  jet  may  not  be  applied  directly  to  the  spreading  of  the  engine  jet  of  the  VFW 
614  for  the  following  reasons: 

- R.R.  power  plant  M 45  H-01  is  a turbo-fan  engine,  with  an  interior  high-speed  hot 
jet  embedded  in  a low-speed  cold  jet. 

- Crosswind  leads  to  lnta)<e  distortions  causing  a deformation  of  the  jet  profile  at 
the  exit  and  further  downstream. 

- The  neighborhood  of  the  fuselage  affects  the  spreading  of  the  engine  jet,  and 
hence  its  symmetry. 

During  the  development  of  the  aircraft  many  tests  were  done  to  clarify  the  interference 
between  the  engine  jets  and  the  horizontal  tailplane.  Fig.  8 shows  results  from  W/T-tests 
where  the  static  pressure  fluctuations  were  measured  at  the  horizontal  tall  lower  side  at 
changing  crosswinds.  It  can  be  taken  from  this  figure  that  pressure  fluctuations  increase 
with  increasing  crosswind.  P is  an  average  peak  to  peak  value  taken  when  5 or  more  peaks 
arise  during  one  second.  Fig.  9 shows  the  relative  locations  of  wing,  engine,  empennage  and 
the  extention  of  the  stationary  jet  as  measured  on  the  aircraft.  The  pressure  distribution 
was  measured  in  the  engine  jet  exhaust  in  front  of  the  horizontal  tail  by  means  of  a pitot 
rake,  vertical  measuring  plane  being  in  the  spanwise  engine  position.  Jet  boundary  distance 
from  horizontal  tail  is  about  3/4  engine  exit  diameter.  On  the  first  reviewal  of  these 
measurements,  it  is  Improbable  to  expect  aerodynamic  loads  due  to  jet  influence  on  the 
horizontal  tail.  However,  buffeting  occurred  at  the  horizontal  tail  and  the  fuselage  with 
engines  running  at  full  power  and  the  aircraft  stationary  on  the  ground.  The  buffeting  dis- 
appeared at  a lowered  idle  position  or  when  the  aircraft  started  to  taxi. 

Therefore  vibration  measurements  were  made  by  means  of  accelerometers  on  the  wing, 
horizontal  tail,  and  fuselage  (flight  deck,  center  of  gravity) , and  by  pressure  pick-ups 
in  the  cold  circuit  of  the  engine,  and  the  under  side  of  the  horizontal  tail  in  the  neigh- 
borhood of  the  jet.  The  nozzle  exit  speed  increases  with  engine  r.p.m.  as  illustrated  in 
Fig.  10  for  the  M 45  H-01  engine.  Fig.  11  shows  typical  signals  of  a pressure  transducer 
at  the  horizontal  tail,  asymmetrical  horizontal  tail  moment  and  outer  wing  acceleration 
at  about  89  % engine  r.p.m.  with  the  aircraft  grounded. 
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FIG  e STATIC  PRESSURE  AT  THE  HORIZONTAL  TAIL 
W/T  TESTS 


FIG  10  JET  EXIT  SPEED 


FIG  11  JET  influence  on  TAIL  AND  WING 


The  Investigations  were  performed  for  different  engine  intake  and  exit  conditions  and 
geometries,  as  well  as  at  different  directions  of  the  jet  axis  towards  the  tail  and  the 
fuselage.  The  main  results  show: 

- tail  vibrations  at  high  engine  speeds  were  caused  by  the  jets  and  decreased  with 
decreasing  engine  r.p.m. 

- vibrations  Increased  when  the  engine  was  tilted  to  bring  the  jets  closer  to  the 
horizontal  tail  or  the  fuselage,  on  the  other  hand  decreased  when  the  jets  were 
moved  away  from  the  tai  nnd  the  fuselage 

- neither  did  the  improved  itake  shapes  - used  to  prevent  intake  flow  separation  in 
heavy  crosswinds  - nor  t s use  of  different  exhaust  nozzles  alter  the  vibrations 

On  the  other  hand  vibrations  increased  with  increasing  crosswinds.  A crosswind  is  likely 
to  change  the  flow  spreading  in  a free  jet,  and  it  may  by  expected  to  shift  the  axis  or 
the  shape  of  che  ^et  and  thus  raise  the  intensity  of  the  disturbances. 

The  results  of  all  investigations  may  be  summarized  as  follows:  The  vibrations  of  the 
horizontal  tail  is  influenced  by  ^et  deflections  as  well  as  by  magnitude  and  direction  of 
the  surrounding  flow.  These  results  are  in  agreement  with  the  phenomenological  description 
of  the  flow  in  the  edge  region  of  a free  jet  developed  in  the  previous  section.  Buffeting 
dissappeared  at  a lowered  idle  position  or  when  the  aircraft  started  to  taxi.  The  vib- 
rations occurring  at  100  % engine  speed  led  to  minor  dynamic  loads  which  affected  neither 
the  fatigue  life  of  the  substructures  concerned,  nor  their  structural  dimensions.  Passen- 
ger comfort,  however,  was  impaired  at  high  engine  speeds.  This  adverse  effect  was  elimi- 
nated by  lowering  the  engine  idling  speed. 
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2,3  Horizontal  Tail  Loads  Caused  by  Spoiler  Wakes 

The  VFW  614  is  equipped  with  two  flight  spoilers  on  each  wing.  Fig.  12  shows  the  geo- 
metrical lateral  arrangement  of  the  spoilers  on  th?  wing  respect  to  the  horizontal  tail. 

It  IS  obvious  that  the  wake  of  the  outer  flight  spoiler  n is  outboard  of  the  horizontal 
tail,  while  the  wake  of  the  inner  flight  spoiler  I passes  beneath  the  horizontal  tail. 

This  was  confirmed  by  pressure  measurements  in  front  oZ  and  underneath  the  horizontal  tail 
in  a vertical  measuring  plane  of  the  flight  spoiler  i inboard  edge.  Fig.  13  shows  the 
flight  spoilers  are  at  a large  vertical  distance  away  from  the  tail;  here  the  tall  section 
is  marked  by  cross-hatching,  which  lies  in  the  plane  of  the  inboard  edge  of  flight  spoiler 
I.  The  pressure  losses  of  the  spoiler  wake  in  the  plane  of  this  section  were  measured  for 
several  incidences  with  a pitot  rake  in  the  wind  tunnel.  On  the  basis  of  these  measurements 
one  would  not  expect  the  wake  to  cause  any  disturbances  at  the  horizontal  tail,  because  the 
distance  between  tail  and  wake  edge  at  an  incidence  of  <n=  0,  for  example,  amounts  to  more 
than  a meter,  being  about  equal  to  the  appropriate  horizontal  tail  section. 


PIG  12  FLIGHT  SPOILER  POSITION  WITH 
REFERENCE  TO  HORIZONTAL  TAIL 


FIG  D FLIGHT  SPOILER  WAKE  AT  HORIZONTAL  TAIL 


In  fact,  however,  noticeable  disturbances  occurred  at  the  horizontal  tail,  as  Fig.  14 
shows.  The  pilot  affirmed  that  the  vibrations  in  the  passenger  compartment  were  not  accept- 
able. The  display  of  Fig.  14  shows  the  growth  of  the  asymmetrical  horizontal  tail  moment, 
when  both  flight  spoilers  I and  II  have  been  extended.  The  following  diagramm.  Fig.  15, 
shows  the  asymmetrical  horizontal-tail  moment  vs.  flight  soeed  for  various  spoiler  actua- 
tions and  deflections.  The  influence  of  the  spoiler  angle  is  interesting.  A 10°  decrease, 
from  50°  to  40®  reduces  the  tail  moment  due  to  both  spoiler  by  half.  Furthermore,  the 
effect  of  the  outboard  spoiler  is  less  than  the  inner  one,  and  by  superposing  both  indi- 
vidual effects  one  obtains  approximately  the  resultant  effect  of  both  spoilers.  This 
resultant  effect  is  surprisingly  large,  compared  to  the  wake  boundary  of  total-pressure 
deficit  shown  in  Fig,  13.  The  vertical  distribution  of  the  pressure  loss  below  the  tail 
shows  that  the  intermittent  flow  in  the  spoiler  wake  has  a larger  vertical  extent  than 
measured  by  stationary  methods.  On  the  basis  of  these  results  the  inner  flight  spoilers 
are  no  longer  extended  in  flight  and  used  only  as  ground  spoilers;  the  outer  spoilers  cause 
no  aircraft  vibration. 


♦ ; f . ♦ 

1 too  t 


[«kpi  • ''  ' • I 

«0.0  A . A • . A . 


’V  iU  ,'S(  KlC  ^ is^ 


FIG  15  HORIZONTAL  TAIL  LOAD  AT  SPOILER  OPERATION 


FIGU  HORIZONTAL  TAIL  MOMENT  DUE  TO 

EXTENTION  OF  FLIGHT  SPOILER  lANOI 
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3.0  AIRCRAFT  BUFFET  due  to  FLOW  SEPARATION 

3.1  Static  and  Dyncunic  Antlsynunetric  Loads  on  the  Horizontal  Tail 

When  applying  civilian  airworthiness  regulations,  difficulties  often  arise  in  deci- 
ding the  strength  of  the  horizontal  tail  connection  to  cope  with  asyuunetric  loads. Accor- 
ding to  FAR  Part  25,  maximum  antisymmetric  loads  are  calculated  by  multiplying  the  maximum 
horizontal  tail  load  on  one  side  with  1,  and  on  the  other  with  0,8.  The  resulting  moment 
is  supposed  to  take  care  of  the  moments  caused  by  the  following  conditions; 

- Rolling  moments  due  to  vertical-tail  in  sideslip 

- Rolling  moments  due  to  horizontal  tail  dihedral  during  sideslip 

- Asymmetric  downwash  due  to  wings,  flaps  and  ailerons 

- Unsteady  rolling-moments  due  to  the  wing  wake  during  the  stall 

The  rolling  moment  calculated  by  airworthiness  regulations  amounted  to  1480  mkp.  Final 
flight  tests  show  a maximum  rolling  moment  of  5325  mkp,  which  was  more  or  less  due  to 
aircraft  sideslip  for  high  dynamic  head.  The  moments  due  to  a combination  of  stall  and 
sideslip  did  not  exceed  5325  mkp  either.  The  structural  dimensions  of  the  horizontal  tail 
were  sufficient  to  absorb  this  moment. 

During  stall  the  wing  wake  passes  below  the  horizontal  tail  up  to  an  angle  of  attack, 
where  flow  separations  occur  at  the  wing.  This  was  confirmed  by  W/T-measurements  of  pres- 
sure losses  underneath  the  horizontal  tail.  The  display  on  Fig.  16  is  taken  from  stall 
tests:  For  decreasing  flight  speed  and  increasing  incidence  a g-break  occurs  at  about 
« = 15°,  which  has  been  marked  by  the  pilot  at  the  vertical  dotted  line.  This  g-break  is 
t' e consequence  of  a noticeable  flow  separation  at  the  inboard  wing,  causing  simultaneously 
large  accelerations  and  buffeting  at  the  wing  as  well  as  larger  instationary  asymmetrical 
horizontal  tail  moments.  The  sudden  appearance  of  disturbances  at  the  horizontal  .—11,  end 
their  order  of  magnitude  Indicate  that  the  large  difference  moments  at  the  tail  are  caused 
by  the  wing  wake,  and  not  by  vibration  excitation  at  the  wing.  Fig.  17  shows  the  insta- 
tionary asymmetric  horizontal  tail  moments  expanded  further  in  time.  They  show  that  the 
disturbance  at  the  horizontal  tail  occur  stochastically  having  a frequency  of  about  6 Hz. 
This  frequency  corresponds  to  the  lowest  antisymmetric  horizontal  tail  bending  mode. 


FIG  16  STAU  CHARACTERISTIC^ 


FIG  IT  HORIZONTAL  TAIL  MOMENTS 
DURING  A STALL 


3.2  Change  of  Buffet  Boundary  by  Modification  of  the  Wing  Leading  Edge 

During  flight  testing  a change  of  the  wing  nose  had  become  necessary  to  improve  stall 
characteristics.  The  wing  lay-out  had  to  take  account  of  the  engine  location,  but  the 
actual  response  of  the  engines  to  the  separated  wing  flow  was  unknown  until  well  into  the 
flight  trials  [4]  . Because  of  these  uncertainties  the  wing  flow  was  imputed  to  start 
separating  between  fuselage  and  engine,  and  outboard  of  the  engine  during  the  stall,  as 
shown  in  Pig.  18.  This  lay-out  was  not  successful.  During  stall  trials  the  outboard  flow 
separation  spread  rapidly  giving  rise  to  pitch-up  and  large  unacceptable  rolling  moments 
for  certification,  especially  at  large  aircraft  incidences.  The  engine  was  completely 
insensitive  to  separated  wing  flow  even  for  extreme  flight  conditions,  during  this  trial 
phase.  Advantage  was  taken  of  this  result  to  improve  stall  characteristics  by  modifying 
the  wing  leading  edge  [s]  .A  low  cost  nose  modification  for  the  outboard  wing  was  done 
by  increasing  the  nose  radius  and  camber. 
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FIG  18  STALL  PROPAGATION  DESI6N/MOOELL  TEST 


FIG  19  STALL  PROPAGATION  AFTER  L E MODIFICATION 


Fig.  19  shows  the  progression  of  flow  breakdown  after  the  modification  taken  from 
tuft  studies  during  the  stall  tests.  Flow  separation  is  conventional  resulting  in  favor- 
able stall  characteristics.  Care  had  to  be  taken,  however,  by  the  leading  edge  modifi- 
cation that  the  buffet  boundaries  were  not  lowered  too  much  by  shock  separation  on  the 
wing  pressure  side.  Fig.  20  shows  the  geometry  before  and  after  the  change  at  an  outer 
wing  section  with  the  pressure  distributions  corresponding  to  a flight  Mach  number  M = 0,71, 
and  level  flight  at  an  altitude  of  H = 20  000  ft.  Pressure  distribution-calculated  by 
means  of  a subsonic  panel  method  - is  completely  changed  at  the  forward  wing  part  resulting 
in  decreased  aircraft  buffet  boundary.  Fig.  21  shows  the  onset  of  buffet  at  the  wing  as  a 
function  of  Mach  number  before  and  after  the  leading  edge  modification.  It  may  be  seen 
that  the  boundary  for  buffet  onset  - here  defined  by  E-accelerations  at  the  outboard  wing 
njFii  1 g,  which  agreed  with  pilot  judgement  - has  shifted  by  about  M = 0,015  toward 
smaller  Mach  numbers.  This  shift  did  not  signify  a limitation  of  the  specified  flight 
regime  [6)  . 
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FIG  20  CALCULATED  PRESSURE  OISTRI0UTION  AT  THE 
WING  LOWER  SUREFACE 
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FIG  21  CHANGE  OF  BO  BOUNDARY  DUE 
TO  WING  L E MODIFICATION 


3.3  Heavy  Buffet  Produced  by  Small  Cut-Outs  at  the  Flap  Leading  Edge 

The  design  of  the  trailing-edge  flap  tracks  of  the  VFW  614  required  small  cut-outs 
of  about  1 5 cm  width  in  the  flap  nose.  A design  with  a movable  mechatiism  to  cover  up  the 
three  holes  at  each  wing  was  too  elaborate  and  subject  to  malfunction  so  ‘■hat  flight 
testing  was  commenced  at  first  with  the  open  cut-outs,  as  sketched  in  Fig.  22,  During  the 
first-time  extension  of  the  flaps  into  landing  position  of  tff  = 40°,  severe  buffeting 
occurred  that  the  pilot  had  to  retract  the  flaps  immediately.  In  order  to  reduce  the  buf- 
feting without  having  to  install  any  complicated  covering  mechanism,  the  cut-outs  were 
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reduced  in  size,  as  shown  in  the  lower  part  of  Fig.  22,  by  a cover  plate  in  the  upper  flap 
iitse  contour.  With  fully  extended  flaps  the  plate  leading  edge  was  now  situated  below  the 
wing  trailing  edge,  forming  a well-defined  slot,  as  illustrated  in  Fig.  22.  The  cut-outs 
in  the  flap  nose  were  only  partly  covered  by  a thin  plate  with  a sharp,  i rodynamically 
poor  leading  edge,  resulting  in  a completely  buffet-freo  wing  flap.  This  concluding  case 
demonstrated  how  small  sources  of  disturbances  can  have  large  effects  on  the  aircraft 
characteristics . 


COVERING  PLATE 


FIG  22  FLOW  improvement  AT  THE  FLAP  LEADING  EDGE 


4.0  CONCLUDING  REMARKS 

Experience  with  the  VFW  614  has  shown,  that  conventional  measurement  methods,  such 
as  pitot  static  systems  are  insufficient  to  detect  the  boundary  region  of  the  flow  field 
of  jets  and  wakes.  The  intermittent  region  of  the  flow  field  extends  considerably  beyond 
the  classical  boundaries  of  jets  and  wakes.  This  intermittent  flow  field  can  cause  heavier 
buffeting  and  higher  dynamic  loads  on  substructures  immersed  in  this  flow  field  than  the 
high-frequency  turbulent  flow  field  itself,  because  the  intermittency  frequencies  lie  in 
the  same  range  as  the  frequencies  of  the  structural  modes  of  these  parts.  For  future 
transport  aircraft  especially  the  interference  of  the  engine  jet  with  the  empennage  be- 
cause of  increasing  thrust  and  by  pass  ratio  will  become  larger.  Similar  problems  exist 
for  the  wakes  of  spoilers,  dumps  and  airbrakes  which  can  influence  the  empennage.  Here 
new  methods  have  to  be  found  to  describe  the  combined  airframe  propulsion  system.  It  is 
also  important  to  get  a better  insight  into  the  physics  of  the  intermittent  flow  field 
with  the  aim  to  control  the  extent  and  the  statistical  properties  of  this  flow  pattern. 
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TAIL  RESPONSE  TO  PROPELIER  FLOW  ON  A TRANSPORT  AIRPLANE 
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INTRODUCTION 

Propeller  powered  Airplanes  are,  more  than  jet  Airplanes,  subject  to  very  strong  vibrations. 

The  reason  is  that  in  addition  to  the  usual  vibrations  induced  by  buffet  or  separated  flows  another  vibra- 
tion source,  the  propeller  (and  its  gearboxes  and  accessories)  with  the  associated  flow  field  distortions 
induced  by  the  rotating  blades  is  acting  on  the  Airplane. 

But  unlike  the  buffet  that  has  broadly  a random  character  the  excitation  forces  associated  to  the  propel- 
ler are  of  deterministic  type  and  practically  all  the  power  involved  is  concentrated  at  certain  frequen- 
cies, those  related  to  the  propeller  and  gearbox  unbalance  and  those  due  to  the  blades  number  of  passes 
over  the  airframe,  with  their  harmonics. 

Smce  vibration  modes  of  the  Aircraft  (mainly  the  higher  wing  modes  and  fuselage  and  tail  modes)  are  u- 
sually  in  the  same  range,  a dynamic  amplification  of  these  forced  vibrations  may  therefore  occur. 

The  problem  is  well  known  but  still  present  in  modern  turboprop  Airplanes  and  Helicopters  where,  if  not 
completely  solved,  can  yeld  to  limitations  of  the  A/C  performance  or  fatigue  life  problems. 

In  the  present  paper  the  main  results  of  a flight  investigation  on  tail  vibrations  carried  on  at  AERITA- 
LIA - TURIN  on  a medium  transport  aircraft  and  the  most  important  measures  taken  to  overcome  the  pro_ 
blems  arisen  are  described. 

The  Airplane  (see  fig.  1)  is  powered  by  two  turboprop  engines  each  driving  a three  blades  propeller. 

The  engines  are  mounted  on  underwing  nacelles  and  the  tailplane  lies  on  a plane  slightly  above  the  wing 
plane. 

The  elevator  is  connected  to  the  mam  surface  through  four  hinges  and  has  two  tabs  (balance  and  trim)  at 
the  inboard  side. 

The  power  plant  has  a two  stage  turbine  configuration;:  the  first  stage  drives  the  compressor  and  the  se- 
cond stage  drives  the  propeller  through  a gear  box, 

VIBRATIONS  MEASURED  IN  FLIGHT 

Durmg  the  initial  flights  on  the  Airplanes  very  large  accelerations  were  monitored  on  the  tailplane  that 
could  lead  to  fatigue  problems  for  the  surfaces. 

This  required  an  mvestigation  in  three  directions:, 

1)  Identification  of  the  source  of  vibrations 

2)  Identification  of  the  flight  conditions  m which  they  occur 

3)  Identification  of  the  time  spent  by  the  airplane  in  these  conditions,  during  normal  operational  flights. 
The  purpose  of  the  first  investigation  was  to  identify  the  possibilities,  if  any,  to  cure  the  vibrations  ac- 
ting on  the  source. 

The  second  investigation  had  the  purpose  to  evaluate  how  necessary  are  the  flight  conditions  of  occurren 
cc  of  vibrations  in  the  normal  A/C  mission  profiles. 

The  third  investigation  is  needed  in  order  to  know  the  actual  impact  of  the  vibration  level  on  the  A / C fa- 
tigue life. 

The  data  needed  were  provided  recording  during  the  whole  normally  scheduled  test  flights  some  signifi- 
cant vibration  and  flight  parameters:-  (fig.  3) 

a)  Force  at  the  balance  tab  control  rod 

b)  bending  moment  on  the  trim  tab  between  the  two  hinges 

c)  accelerations  at  the  tailplane  and  f..  ,ips  (TE  and  l.E) 

d)  speed,  altitude,  flap  settmg,  propeller  R PM  (Np),  high  pressure  turbine  shaft  R PM  (Ng). 

The  time  histories  of  the  recorded  vibration  signals  showed  always  a very  clean  oscillation  at  a frequcn_ 
cy  equal  to  three  times  the  propeller  speed  (3  Np),  cx.ictly  the  number  of  passes  of  the  blades  wake  over 
the  tailplane  structure. 

On  fig.  3 a plot  of  the  amplitudes  of  the  vibrations  monitored  by  each  pick-up  on  a smgle  flight  versus 
the  propeller  speed  is  shown. 

Each  diagram  clearly  shows  three  peaks  at  aliout  75.  ?/,  UKA-  of  the  max  Np  with  different  relative  am- 
plitudes. 

The  trim  tab,  bal.mce  tab  and  fin  show  a peculiar  sensitivity  to  one  of  the  three  frequencies  ranges  iden 
tified  (respectively  UHA-,  37'.- .iml  74''V  Np), 

The  tailplane  shows  aliout  the  same  sensitivity  to  the  three  ranges.  This  is  in  good  agreement  with  the 
Ground  Resoiuuice  Pest  results  which  showed  three  tailplane  modes  m die  same  ranges. 

The  conclusion  is  that  the  three  blades  propellers  and  the  associated  airscrews  are  the  excitation  sour- 
ce of  the  vibrations  monitored  on  the  tail. 

In  the  following  an.dysis  the  balance  tab  has  been  taken  as  a reference  being  the  most  critic.il  item  for 
latigue  life. 

ITg.  4 shows  ui  more  details  the  forces  measured  duruig  m.inv  flights  on  the  balance  tab  control  roil  .it 
a speed  of  110-l3t>  Kts  and  flap  angle  of  30“vcrsus  the  propeller  frequeiicv.  The  envelope  of  the  measu- 
red points  shows  U'O  relevant  peaks  at  37''.-  and  UKtV  Np  .irising  from  negligible  amplitude  level  but  it  is 
possible  to  note  inside  the  peaks  .i  considerable  scatter  of  the  forces  me.isured.  This  lea<ts  to  the  conclu 
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Sion  that  at  least  another  parameter  should  affect  the  problem. 

This  IS  shown  by  fig.  5 m which  the  points  of  the  peak  at  Np  are  plotted  versus  the  high 

pressure  turbine  speed  (Ng)  which  is  related  to  the  power.  The  envelope  of  the  points  shows  a conti- 
nuous increase  of  the  vibration  level  with  power. 

For  different  speeds  (e.g.  100  Kts)  the  envelope  luie  shows  a maximum  (see  fig.;  6). 

Therefore  the  effect  of  speed  was  examined  m more  details  for  the  case  of  the  clean  wing  (zero  flap  se^ 
ting)  since  a larger  scatter  of  speeds  was  available  for  that  configuration. 

The  results  appear  on  fig.  7 which  shows  that:- 

1)  the  vibration  level  for  each  speed  increases  rapidly  with  Ng  up  to  a maximarn  and  than  there  is  a slow 
decrease . 

2)  the  absolute  maximum  has  been  found  at  a speed  between  150  and  170  Kts. 

3)  increasing  the  speed  the  maxima  of  the  curve  shift  towards  higher  Ng. 

The  explanation  of  this  behaviour  may  be  found  correlating  the  A/C  attitude  with  the  flow  downwash  at 
the  tail  for  different  A/C  speeds  and  flap  settings. 

Fig.  8 shows  this  correlation  as  found  during  WT  tests  for  different  thrust  coefficients  (C.^,). 

The  crossing  of  the  two  curves,  occurring  at  different  speeds  according  to  flap  setting,  means  that  the 
flow  around  the  tail  is  parallel  to  the  tail  itself.  In  these  conditions,  due  to  the  peculiar  geometry  of  the 
A/C,  the  propeller  slipstream,  being  not  uniform,  but  of  annular  form,  gives  the  maximum  interference 
with  the  horizontal  tail. 

Therefore  the  percentage  of  the  energy  generated  by  the  propeller  which  is  transmitted  to  the  tail  is  max 
imum  whilst  the  total  amount  of  energy  transmitted  is  affected  also  by  the  A/C  speed  directly  correlated 
*fith  the  total  generated  energy. 

Figs.  9 and  10  show  these  two  effects. 

On  fig.  10  the  maximum  of  the  balance  tab  response  found  at  a certain  speed  occurs  at  the  flap  setting 
corresponding  to  an  effective  incidence  0(  HT  of  the  tail  nearly  zero  which,  as  previously  discussed,  in 
this  A/C  IS  the  incidence  putting  the  tail  in  the  most  effective  area  of  the  propeller  airscrew  annular  re- 
gion. 

The  fig.  9 shows  the  same  behaviour  for  the  case  m which  the  flap  setting  is  fixed  and  the  speed  variable. 
The  figures  1 1 and  12  summarize  the  test  results  for  the  balance  tab  response  at  of  Np  correlating 
respectively  the  power  (Ng)  with  flap  positions  and  with  speed. 

The  crosses  and  the  unshaded  points  represent  low  vibration  levels,  the  shaded  points  are  correspond- 
ing to  high  vibration  levels  but  still  acceptable.  The  x crossed  points  represent  unacceptable  vibration 
levels  unless  for  short  periods  and  the  diamonds  are  the  worst  conditions,  absolutely  unacceptable. 

As  It  possible  to  see  the  high  vibration  level  points  are  spread  out  over  a very  large  area  particularly 
for  the  intermediate  flap  condition. 

In  order  to  ascertain  the  possibility  of  the  A/C  to  withstand  this  environment  during  its  life  it  is  necessa 
ry  to  analyze  in  details  how  connected  are  the  operating  conditions  of  the  A/C  with  these  critical  areas. 
The  shaded  areas  and  the  climb  and  take  off  points  represent  the  combinations  of  propeller  torque  and 
rotational  speed  used  normally  on  the  A/C  for  each  specific  flight  condition  (fig.  13). 

On  the  same  figure  it  is  possible  to  see  that  the  lines  representing  the  Np  corresponding  to  the  tail  plane 
frequencies  are  very  close  to  the  flight  conditions  where  the  full  power  is  required. 

The  two  modes  at  84  and  89’o  Np  are  very  close  to  the  climb  and  high  speed  cruise  conditions,  the  mode 
at  UKTo  Np  IS  just  on  the  high  speed  climb  and  at  the  border  of  the  air  dropping  and  approach  conditions 
with  intermediate  and  max  flaps. 

As  the  propeller  rotational  speed  cannot  be  changed  easily  this  leads  to  the  following  considerations:' 

1)  the  close  proximity  of  the  propeller  frequencies  and  modes  causes  oscillations  dynamically  amplified 

2)  the  amplitude  of  the  vibration  is  necessarily  very  strong  due  to  the  high  power  involved  in  the  propel- 
ler excitation 

3)  the  flight  conditions  involved  last  long  time  in  normal  operation. 

The  need  of  an  accurate  fatigue  life  analysis  for  the  tailplane  and  the  associated  movable  surfaces  there 
fore  arises.  Starting  from  the  shapes  of  the  vibration  modes  measured  during  the  Ground  Resonance 
Tests  and  from  the  mass  distribution  of  the  structure  a theoretical  evaluation  of  the  fatigue  life  of  each 
single  part  of  the  structure  was  performed. 

PROTOTYPE  VIBRATION  MODES 

The  vibration  modes  of  tho  tail  for  the  prototype  A/C  are  shown  on  fig.  14. 

The  mode  at  67.2‘’j  Np  is  the  torsion  mode  of  the  tail  involving  a large  motion  of  the  fin.  This  mode  is  not 
critical  since  this  propeller  Np  is  used  only  with  the  gas  generator  in  idle. 

The  mode  at  99.  Np  is  a bending  of  the  trim  tab  and  the  two  modes  at  85%  and  89°3  are  respectively  a 

bending  of  the  elevator  with  torsion  and  the  torsion  of  the  elevator  with  some  bending  and  rotation  of  the 
balance  tab. 

From  the  theoretical  fatigue  predictions  the  most  critical  items  appear  to  be  the  two  tabs,  respectively 
the  trim  tab  for  tho  mode  at  99°j  Np  and  the  balance  tab  for  the  mode  at  89'j  Np. 

A fatigue  test  was  therefore  set  up  using  a balance  tab  mounted  on  a rigid  rig  and  excited  through  the 

control  rod  by  an  electromagnetic  shaker  at  5Dllz  with  a force  on  the  rod  nearly  corresponding  to  the 
maximum  found  ui  flight. 

After  a few  hours  the  first  crack  appeared  on  the  skin  of  the  tab  leadmg  edge. 

One  of  the  tuo  hmges  was  also  found  cracked  at  an  inspection  with  nondisruptive  controls. 

Meanwhile  an  analysis  of  tho  time  spent  by  the  tab  at  each  vibration  level  during  the  whole  flight  testing 


was  earned  out,  noticing  that  the  test  flight  profiles  were  statistically  equivalent  or  even  slightly  more 
stressing  than  the  operative  flight. 

The  comparison  between  these  analysis  and  the  fatigue  test  results  showed  that  the  balance  tab  could  not 
withstand  these  environmental  conditions  for  the  expected  A/C  life. 

A similar  situation  has  been  found  for  the  trim  tab. 

CHANGES  ON  THE  PRODUCTION  AIRPLANES 

The  investigation  performed  evidenced  the  following  points:; 

1)  the  source  of  vibration  has  been  identified  as  due  to  power  plant  configuration  which  cannot  be  chan- 
ged unless  after  a major  redesiging  work 

2)  the  flight  conditions  in  which  vibrations  occur  are  the  most  common  in  the  operative  flight  and  there- 
fore cannot  be  crossed  out 

3)  the  unavoidable  stresses  are  on  the  other  hand  unacceptable  for  fatigue  life 

The  only  practicable  way  to  solve  the  problem  is  to  change  frequencies  or  shapes  of  the  tail  modes  of  vi- 
bration and  all  the  following  efforts  were  devoted  to  found  a solution  without  involving  major  design 
changes  or  significant  weight  and  cost  penalties.  These  requirements  lead  to  reject  solutions  likes 
elevator  fractioning  or  stiffening,  shifting  spanwise  of  the  balance  tab  control  rod  position,  tab  stiffe- 
ning with  consequent  rebalancing  of  the  elevator,  surface  redesign  with  advanced  composite  materials. 
On  tlie  contrary  the  following  measures  were  easy  to  take:; 

1)  addition  of  a third  hinge  on  the  tabs 

2)  reinforcement  of  the  tabs  leading  edge  skin 

The  first  solution  was  sufficient  to  solve  the  problem  for  the  trim  tab. 

For  the  balance  tab  both  measures  were  taken  leading  to  acceptable  stresses  on  the  tab  itself  but,  due 
to  the  peculiar  mode  shape,  the  control  rod  became  the  critical  item. 

This  could  be  explained  because  the  mode  shape  of  the  tab  turned  to  an  essentialy  rotational  mode  and  a 
large  tab  mertia  was  involved.  On  the  other  hand  the  frequency  was  always  the  same  because  the  actual 
mode  IS  the  elevator  torsion  and  the  motion  of  the  tab  is  just  a consequence  of  the  gear  type  connection. 
This  leads  straight  to  understand  the  proper  cure  of  the  problem:;  to  increase  the  frequency  of  the  elcva_ 
tor  torsional  mode.  This  could  be  accomplished  in  a very  simple  and  easy  way  just  with  a change  of  the 
elevator  mass  balance  distribution, 

PRODUCTION  A/C  VIBRATION  MODE.S 

The  GRT  performed  on  the  first  series  airplane,  embodying  the  above  mentioned  c'l,  nges,  confirmed 
what  expected. 

Fig,  17  shows  the  new  mode  shapes.  The  frequency  of  the  mode  at  89'«  shifted  to  92,5°»  Np  the  one  at  85°o 
to  104'o  and  the  frequency  at  99,  was  shifted  out  of  the  range  of  excitation. 

On  fig,  16  the  new  modal  situation  is  compared  with  the  propeller  excitation  range  as  previously  done  on 
fig.  13. 

The  frequencies  now  he  between  the  main  operating  aircraft  conditions  and  therefore  the  effect  of  the  dy_ 
namic  amplification  of  the  vibrations  should  be  minimized. 

Figs.  18  and  19  (to  be  compared  with  figs.  11  and  12)  show  that  the  vibration  level  has  been  considera- 
bly reduced  as  expected  to  values  fully  acceptable  for  confort  and  fatigue  life  of  the  whole  tail. 

CONCLUDING  REMARKS 

The  analysis  performed  and  the  solutions  adopted  show  that  an  accurate  evaluation  of  the  flight  tests  data 
and  a proper  use  of  the  informations  available  from  Ground  Resonance  and  Fatigue  Tests  may  reduce  the 
redesign  work  during  the  serialisation  of  the  A/C  pointing  out  very  simple  and  unexpensive  solutions. 
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FLUTTER  CALCULATION  FOR  THE  VIGGEN  AIRCRAFT  WITH  ALLOWANCE 
FOR  LEADING  EDGE  VORTEX  EFFECT 
by 

Valter  J.  E.  Stark 
Research  Scientist 
Saab-Scania  AB,  Aerospace  Division 
Linkoping 
Sweden 


SUMMARY 

An  application  in  a flutter  calculation  for  the  Viggen  aircraft  of  a new  program  system  for  aero- 
elastic  calculations  is  briefly  described.  The  result  which  is  checked  against  an  independent 
calculation  shows  that  a large  flutter  margin  exists.  For  increasing  angle  of  incidence,  however, 
the  margin  may  decrease  due  to  the  effect  of  the  leading  edge  vortices.  An  estimate  of  the  decrease 
was  obtained  by  applying  a correction  factor  based  on  measured  pressure  distributions  for  steady 
flow  to  the  calculated  lift  distribution.  This  estimate  may  be  only  slightly  erroneous,  for  it 
appears  that  the  flutter  speed  is  essentially  determined  by  the  stiffness  terms  of  the  equations  of 
motion  in  this  case. 


SYMBOLS 


a 

a 

Ac 


PO 


u 

V 

^f 

x',y 

/A 

r 

UJ' 

U)i 


PO 


over  the  lifting  surfaces 


Aeroaynamic  matrix;  a = ^(p)  = fa  | 

t i» 

Dimensionless  aerodynamic  coefficient;  integral  of  AC 
divided  by  the  reference  area  S 

Dimensionless  pressure  ;]ump;  Ac  corresponds  to  an  oscillation  with  the  amplitude  LK 
and  is  referred  to  the  free-streSm  dynamic  pressure  ^ 

Dimensionless  shape  function  representing  the  deflection  in  the  normal  direction  of  the 
surface  in  the  deflection  mode 

Reference  length  to  be  specified  in  the  particular  application 
Pree-stream  Mach  number 
Mass  ratio;  m =_pSL/M^  ^ 

Normalized  mass  matrix;  m = f m,  1 


Dimensionless  complex  frequency;  p = i60  and  is  referred  to  U/L. 

Reference  area  to  be  specified  in  the  particular  application 


M = true  generalized  maes., 
i » j 


Normalized  stiffness  matrix; 
element. 


i.3 


true  stiffness  matrix 


Flight  speed 

Velocity  ratio;  v = U/(uj'l) 

Flutter  critical  value  of  v or  dimensionless  flutter  speed 
Rectangular  coordinates  with  the  x'-axis  in  the  free-stream  direction 
Dimensionless  damping  coefficient;  the  logarithmic  decrement  A = 2V'jU/CU- 
Pree-stream  density 
Circular  frequency;  U)  = 

Natural  circular  frequency  for  the  i***  mode 


1 . INTRODUCTION 

The  powerful  computers  now  available  permit  efficient  aeroelastic  calculations,  but  efficient 
computer  programs  are  also  needed.  A new  program  system  written  in  Fortran  and  running  on  the 
CDC  6600  and  the  UNIVAC  1106  computers  has  therefore  been  developed.  Some  of  the  numerical  methods 
which  are  used  in  this  system  and  an  application  of  the  system  in  a flutter  calculation  for  the 
Viggen  aircraft  are  simultaneously  reviewed  in  this  paper. 

It  is  important  to  check  the  system  carefully.  We  therefore  show  results  of  the  application 
together  with  corresponding  results  of  another  independent  calculation.  This  was  conducted  by  D. 
Cooley  of  the  USAP  Flight  Dynamics  Laboratory  by  courtesy  of  the  U.  S.  Air  Force.  He  employed  the 
same  basic  data  as  we  did,  but  his  calculation  was  made  by  means  of  computer  programs  available  to 
the  Plight  Dynamics  Laboratory. 

It  is  well-known  that  the  lift  distribution  on  a wing  with  highly  swept  leading  edge  exhibits 
a change  when  the  angle  of  incidence  increases.  This  change  is  due  to  the  appearing  leading  edge 
vortices.  Due  to  this,  the  local  lift  curve  slope  increases  which  is  particularly  pronounced  on 
the  outboard  part  of  the  wing.  Consequently,  there  is  reason  to  suspect  that  the  unsteady  local 
aerodynamic  derivatives  likewise  increase,  and  that  the  flutter  speed  therefore  decreases. 

Such  a decrease  actually  exists,  for  it  has  been  observed  in  an  experimental  investigation  by 
D.  A.  Brown  (1963).  This  Investigation,  in  which  a rigid  spring-suspended  semispan  model  was  used. 
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has  been  reviewed  by  Cooley  and  Cook  (1964). 

The  leading  edge  vortex  effect  could  be  investigated  by  measuring  unsteady  pressure  distribu- 
tions on  an  oscillating  model,  but  this  is  expensive.  As  a substitute,  we  have  therefore  utilized 
steady  pressure  distributions  measured  on  a rigid  model..  By  means  of  these  data  and  local  lift 
curve  slopes  evaluated  on  the  basis  of  them  for  some  angles  of  incidence,  a correction  factor 
varying  along  the  span  was  formed  and  applied  to  the  calculated  lift  distribution  before  evaluating 
the  generalized  aerodynamic  force  integrals. 

The  resulting  reduction  of  the  flutter  speed  represents  eventually  rather  accurately  the  effect 
of  the  leading  edge  vortices,  for  it  has  been  found,  although  only  for  zero  angle  of  incidence, 
that  it  is  the  stiffness  terms  which  are  the  important  terms  in  the  equations  of  motion.  The 
damping  terms  can  be  deleted,  namely,  without  affecting  the  flutter  speed  appreciably  in  the  Viggen 
case.  This  simplification  was  proposed  by  Pines  (l958)  and  Pines  and  Newman  (1973),  and  Perman  (1967) 
found  in  many  examples  for  primary  surfaces  that  it  yielded  a quite  accurate  approximation  to  the 
flutter  speed.  It  is  therefore  possible  that  the  reduction  obtained  is  significant. 


2.  THE  MAIN  PROGRAM 

The  program  system  consists  of  a number  of  subroutines  which  are  grouped  in  so  called  subprograms. 
These  are  called  from  a simple  main  program  which  essentially  consists  of  tne  subprogram  calls.  The 
subprograms  can  be  executed  independently  of  each  other  ard  each  of  them  can  read  input  data  from 
a file  generated  by  another  subprogram.  The  subprograms  used  in  the  application  are  called  EIGMOD, 
HCOEPP,  POP,  and  STAB.  EIGMOD  is  a simple  program  v,nich  is  mainly  used  for  reading  ground  vibration 
test  data.  The  basic  input  data  in  the  Viggen  application  consist  of  data  of  this  kind. 


3.  PROGRAM  FOR  ANALYTIC  DEFLECTION  FUNCTION  CALCULATION 

It  Is  assumed  that  the  aircraft  can  be  modeled  as  a configuration  of  thin  trapezoidal  panels. 

The  model  employed  in  the  Viggen  application  is  shown  in  Fig.  1 and  consists  of  four  pairs  of  panels. 
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Fig.  1 Idealized  Viggen  model 


HCOEPP  defines  analytic  deflection  functions.  These  are  obtained  by  determining  coefficients  in 
linear  combinations  of  given  functions  by  the  method  of  least  squares.  The  given  functions  are 
functions  of  two  variables  and  consist  mainly  of  products  of  chordwise  and  spanwise  factors  as 
defined  by  Stark  ( 1973).  The  factors  are  orthogonal  polynomials  which  are  such  that  the  and  3^*^ 


Fig.  2 Analytic  representation  of  the  body  bending  mode 
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order  derivatives  at  free  panel  edges  can  be  made  to  vanish.  This  yields  a favourable  behaviour. 

Control-surface  deflections  can  be  treated  by  including  special  control-surface  deflection 
functions  in  the  combination  and  eventually  by  dividing  the  control-surface  into  parts.  Such  a 
division  is  shown  in  Pig.  1.  The  special  deflection  function  for  a control-surfaco  part  is  zero 
outside  the  part  and  a order  polynomial  inside  the  part.  A typical  example  was  shown  by  Stark 

(1973,  p.  32). 

One  of  the  deflection  functions  determined  in  the  Viggen  case  is  shown  in  Pig.  2.  Since  only 
low-order  modes  are  considered,  control-surface  deflections  are  not  significant  in  this  application. 

By  dividing  the  panels  into  small  trapezoidal  elements  and  by  assigning  appropriate  elementary 
masses  to  the  elements,  the  subprogram  HCOEPP  can  also  generate  generalized  mass  matrices.  In  the 
Viggen  application,  however,  the  generalized  masses  were  obtained  from  data  measured  in  the  ground 
vibration  test.  The  stiffness  matrix  elements  were  obtained  by  multiplying  the  generalized  masses 
by  the  squares  of  the  measured  natural  freouencies. 


4.  PROGRAM  POR  AERODYNAMIC  MATRIX  CALCULATION 

PCP  is  a program  for  calculation  of  the  aerodynamic  matrix.  It  Is  based  on  the  Polar  Coordinate 
Method  described  by  Stark  (1970,1972,1973,1974)  and  is  applicable  for  subsonic  Mach  numbers.  In  the 
Polar  Coordinate  Method,  the  Jump  in  the  advanced  velocity  potential  (which  was  defined  by  Stark 
(1968))  is  approximated  by  a linear  combination  of  given  potential  Jumps.  Like  the  functions  employed 
in  the  combination  for  the  deflection,  these  Jumps  are  partly  products  of  simple  chordwise  ana 
spanwlse  factors  (integrals  of  Blrnbaum-Glauert  functions)  and  partly  special  Jumps.  The  latter 
correspond  to  the  special  control-surface  deflection  functions  and  were  defined  by  Stark(l972).  The 
coefficients  of  the  special  Jumps  are  known  and  equal  to  those  of  the  special  control-surface 
deflection  functions,  while  the  coefficients  of  the  simple  potential  jumps  are  to  be  solved  from  a 
set  of  linear  equations.  The  matrix  of  this  set  is  obtained  by  considering  the  velocity  field  that 
corresponds  to  each  given  potential  Jump  and  by  calculating  the  normal  component  of  this  field  at 
appropriate  control  points.  This  calculation  is  performed  by  subtracting  the  kernel  function 
singularity  in  a suitable  way  and  by  employing  polar  integration  variables  for  evaluating  the 
resulting  double  integrals.  This  formulation  Implies  that  the  normal  velocity  component  does  not 
ordinarily  appear  as  a d .fference  between  large  numbers  and  that  those  integrals,  which  must  be 
evaluated  numerically,  receive  well-behaved  integrands. 

The  function  that  is  used  for  subtraction  of  the  kernel  function  singularity  is  a first  order 
polynomial  in  the  two  surface  variables  and  can  at  least  in  the  steady  ease  be  said  to  be  a tangent 
plane  (See  Stark  (1970))  to  the  potential  jump  at  the  control  point.  The  procedure  can  be  employed 
whan  the  singularity  is  confined  to  a single  point.  It  is  therefore  applicable  to  the  relation  between 
the  normal  velocity  and  the  potential  Jump,  but  not  to  the  more  often  employed  relation  between  the 
normal  velocity  and  the  pressure  Jump,  It  is  believed  that  the  tangent  plane  and  polar  coordinate 
formulation  permits  accurate  calculation  of  the  normal  velocity  component. 

The  velocity  field,  that  corresponds  to  a given  potential  Jump,  is  independent  of  the  deflection 
modes.  The  matrix  of  the  linear  equations  can  therefore  be  stored  on  a file  for  later  use  in  combina- 
tion with  arbitrary  modes. 

The  pressure  Jump  can  easily  be  calculated  when  the  advanced  velocity  potential  jump  has  been 
determined.  Pig.  3 shows  a dimensionless  pressure  jump  that  corresponds  to  outboard  control-surface 
oscillation  with  unit  angular  amplitude. 


Pig.  3 Loading  due  to  outboard  control-surface  rotation 


5.  PROGRAM  POR  FLUTTER  CALCULATION 

STAB  is  a program  for  determination  of  the  flutter  speed  and  the  divergence  speed  and  may  be  used 
for  calculation  of  frequency  euid  damping  of  aeroelastic  natural  modes  as  functions  of  the  flight 
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speed.  It  can  operate  in  accordance  with  the  p nethod,  the  p-k  method  (See  Haasig  (l97l)),  the  V-g 
method,  or  the  simplified  method  of  Fines  (l958).  In  case  of  the  p method  or  the  p-k  method,  the 
eigenvalue  problem  is  solved  by  iteration.  In  each  iteration  step,  an  approximate  aerodynamic 
matrix  is  first  calculated  by  using  the  eigenvalue  obtained  in  the  preceding  step.  The  resulting 
linecir  eigenvalue  problem  is  then  solved  by  application  of  a program  for  solution  of  eigenvalues 
of  a general  complex  matrix.  The  program  developed  by  Pair  (1971)  i»  used  for  this  purpose.  Only 
a few  iteration  steps  (3  or  4)  are  required  which  depends  on  the  use  of  suitable  initial  values. 
The  eigenvalues  are  calculated  as  functions  of  the  flight  speed  and  those  determined  for  one  speed 
are  used  as  initial  values  for  the  next  speed. 


A simple  approximate  formula 


a(p) 


3 


)pr-1 


+ ^ p ln(p) 


r=1 


(1) 


is  used  for  the  dimensionless  aerodynamic  matrix  a(p).  The  quantities  a ^ and  ^ are  real  matricee 
and  p is  the  generalized  complex  reduced  frequency,  p = ^.  + i<U.  This  is  referred  to  U/L  where  U 
is  the  free-stream  velocity  and  L a reference  length  (See  Fig.  l).  The  logarithmic  term  seems  to  be 
important  only  if  strip  theory  is  used  or  if  the  aspect  ratio  is  large.  In  the  present  application, 
t^)”>atrix  a(p)  was  calculated  for  a few  imaginary  values  of  p (by  the  POP  program)  and  the  matrices 
a''^'  were  then  determined  by  the  method  of  least  squares.  The  result  obtained  for  the  aerodynamic 
matrix  element  a^  2(p),  which  corresponds  to  the  mode  illustrated  in  Pig.  2,  is  shown  in  Pig.  4. 

The  correspondiug’reference  area  S = 0.84  L^. 


6.  COMPARATIVE  CALCUUTION 

As  mentioned  in  the  introduction,  the  Viggen  example  has  also  been  treated  oy  U.  Cooley  of  the 
USAP  Plight  Eynamics  Laboratory'  (fdl).  In  his  treatment,  the  aerodynamic  matrix  was  calculated  by 
the  refined  Doublet  Lattice  algorithm  of  Giesing,  Kalman,  and  Rodden  (1972)  which  is  based  on  the 
Lifting  Line  Element  tpproach  that  was  independently  proposed  for  the  unsteady  case  by  Stark  (See 
Landahl  and  Stark  ,('1968))  and  Albano  and  Rodden  ,(1969)  at  the  AIAA  6''’^  Aerospace  Sentences  Meeting 
in  1968.  This  approach  also  forms  the  basis  of  computer  programs  early  employed  in  flutter  calcula- 
tions for  the  Viggen  aircraft  as  mentioned  by  Stark  and  Landahl  (1968)  and  Wittmeyer  (l968j. 


Fig.;  3 Lattice  employed  by  D.  Cooley 
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The  lifting  line  elements  employed  In  the  Doublet  Lattice  algorithm  are  defined  by  dividing  the 
wing  panels  Into  relatively  small  boxes;  each  box  carries  a lifting  line  and  a control  point.  The 
boxes  employed  by  D.  Cooley  are  shown  In  Pig.  5 and  amount  in  number  to  158  on  one  half  of  the 
configuration.  If  control-surface  deflections  had  been  significant  in  the  application,  a refined 
lattice  would  have  been  required. 

Results  from  Cooley's  calculation  are  included  in  Pig.  4 and  are  seen  to  be  in  close  agreement 
with  those  obtained  by  the  FCP  program. 


7,  RESULTS  FROM  THE  FLUTTER  CALCULATION 

The  matrices  m and  ^ in  the  characteristic  equation 

= 0 (2) 

represent  normalized  mass  and  stiffness  matrices.  Tnese  are  defined  such  that  the  elements  m^  ^ 
and  s^  , are  equal  to  unity.  The  parameter  m is  a dimensionless  mass  ratio  whiv.n  is  defined  b}- 

* f ' 

m=_pSL/lI^^,  (3) 

and  V a dimensionless  velocity  ratio  defined  by 


m(vp)^  + a.  + 7 mv^a(p) 


V = U/(CU,'L) 


(4) 


^ and  U}'  are  the  true  generalized  mass  and  the  natural  frequency  (in  vacuum)  that  correspond 
to’  ^ and  s^  The  matrix  a(p)  is  the  dimensionless  aerodynamic  matrix  (See  SYMBOLS). 

The  rigid  translation  and  pitch  modes  plus  five  natural  modes  from  the  vibration  test  were 
included  in  the  linear  combination  for  the  deflection  in  the  Viggen  case.  The  modes  are  symmetric 
and  the  elastic  modes  are  characterized  as  follows: 


1 

Wing  bending 

with  frequency 

Oi\ 

2 

Body  bending 

tt 

1.40  0),' 

3 

Engine  mode 

ft 

1.86  (i)' 

4 

Wing  torsion 

ft 

2.48  6o; 

5 

Motion  in  the  wing  plane 

II 

2.59  0),' 

The  roots  of  the  characteristic  equation  (2)  were  solved  by  the  p method.  When  v increases  from 
zero,  the  roots  move  from  starting  points  on  the  imaginary  axis  and  form  loci  in  the  complex  vp- 
plane.  The  reason  for  considering  vp  instead  of  p is  that  vp  for  m = 0 is  equal  to  the  ratios  between 
the  natural  frequencies  and  the  first  natural  frequency;  vp  = (u/tU {) (p 'L/U ) = If  m is  small, 

the  starting  points  are  approximately  given  by  these  ratios.  The  loci  obtained  are  shown  in  the  left 
hand  part  of  Fig.  6 for  M = 0,7  and  standard  day  sea-level  density.  For  increasing  v,  the  roots 
first  move  into  the  stable  left  hand  half  of  the  vp-plane,  but  for  a sufficiently  large  value  of  v 
one  of  them  turns  back  and  crosses  the  imaginary  axle.  The  axis  is  reached  for  ‘ which  is  the 
flutter  critical  value  of  the  velocity  ratio. 

The  dimensionless  flutter  speed  v^  has  been  determined  for  various  Mach  numbe  -s  and  standard-day 
sea  level  density.  It  has  been  plotted  in  Pig.  7 where  it  is  represented  by  the  upper  solid  curve. 


Fig.  6 Root  locus  plot  for  M * 0.7  and  sea  level  density 
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POSSIBLE  REDUCTION  DUE  TO  LEADING 


The  comparative  calculation  of  D.  Cooley  included  of  course  solution  of  the  eigenvalue  problem. 
He  employed  the  p~k  method  for  this  purpose.  It  is  seen  from  fig.  7 where  nis  results  are  plotted 
that  the  flutter  speeds  obtained  in  the  two  calculations  are  in  good  agreement. 

8.  TEST  OP  PINES'  APPROXIMATE  METHOD 

Fines  (1958)  and  Landahl  ^964)  emphasized  long  ago  that  flutter  is  o-rten  associated  with  a 
loss  of  resultant  stiffness  and  that  eui  approxisiate  flutter  speed  can  therefore  be  calculated  by 
neglecting  aerodynamic  damping  terms.  This  simplification  which  Pines  and  Kewman  (1973)  consider 
useful  for  primary  surfaces  is  interesting  in  the  Viggen  case  for  a particular  reason. 

The  simplification  has  been  tested  by  repeating  the  flutter  calculation  and  thereby  using  a, 
modified  aerodynamic  matrix.  The  modified  matrix  consisted  of  the  zero  order  matrix  a(o)  * a( ^ ) 
instead  of  the  varying  matrix  a(p).  The  result  is  shown  in  the  right  hand  part  of  Pig.  6. 

For  small  values  of  v,  all  the  roots  obtained  by  the  approximate  method  lie  on  the  imaginary 
axis,  and  three  of  them  sure  seen  to  move  when  v increases.  The  roots  for  the  wing  bending  mode  and 
the  body  bending  mode  which  essentially  form  the  aeroelastic  mode  that  goes  unstable  move  in 
directions  toward  each  other  until  they  meet.  This  occurs  at  a speed  which,  according  to  Pines, 
may  be  considered  an  approximation  to  the  flutter  speed.  For  still  higher  speeds,  the  two  roots 
leave  the  imaginary  axis  in  opposite  directions  and  one  root  thus  goes  unstable. 

From  the  left  hand  part  and  the  right  hand  part  of  the  figure  we  may  read  the  values  1.2U  and 
1.15  respectively  for  the  flutter  speed.  As  the  latter  is  only  4 % lower  than  the  former,  we 
conclude  that  Pines'  simplification  is  useful  also  in  the  Viggen  case. 


9.  LtADING  EDGE  VORTEX  EFFECT  ON  THE  FLUTTER  SPEED 

The  aerodynamic  matrices  employed  in  the  calculations  described  above  apply  only  to  zero  angle 
of  incidence.  For  increasing  angle  of  incidence,  leading  edge  vortices  appear  and  the  lift  distj-ibu- 
tion  will  therefore  change.  The  local  lift  curve  slope  will  also  change  and  this  incicates  trat 
the  unsteady  local  aerodynamic  coefficients  will  change.  Their  magnituae  may  increase  in  particular 
on  the  outboard  part  of  the  wing  v/hich  implies  that  the  flutter  speed  is  likely  to  decrease  when 
the  angle  of  incidence  increases.  That  such  a decrease  in  the  flutter  speed  for  wings  with  a highly 
swept  leading  edge  actually  exists  has  been  shown  by  Brown  (1963). 

We  have  tried  to  estimate  the  possible  flutter  speed  reduction  due  to  the  vortices  by  using 
measured  steady  pressure  distributions  for  determining  a correction  factor  and  by  applying  this  to 
the  calculated  lift  distribution.  This  seems  to  be  a rather  satisfactory  procedure,  for  the  outcome 
of  the  above-mentioned  test  of  Pines'  approximate  method  indicates  that  it  is  the  stiffness  terms 
which  are  the  important  terms  in  the  equations  of  motion. 

The  correction  factor  is  defined  as  the  ratio  between  the  local  lift  curve  slope  at  the  angle  of 
incidence  considered  and  the  slope  at  zero  angle  of  incidence.  It  is  thus  a function  of  the  span- 
wise  coordinate.  For  an  angle  of  incidence  of  about  3 degrees,  it  has  been  found  to  increase  from 
a value  close  to  unity  on  the  inboard  half  of  the  wing  toward  a value  slightly  greater  than  2 at 
the  wing  tip.  It  was  applied  to  the  calculated  unsteady  lift  distribution  through  modification  of 
a subroutine  in  the  POP  program. 

The  result  of  applying  the  correction  factor  appears  from  Fig.  7.  The  dashed  curve  represents 
the  flutter  speed  that  was  obtained  when  using  the  factor  described  above.  This  corresponds  roughly 
to  the  angle  of  incidence  requirec  for  a 4 g pull  out  at  M = 0.8  and  sea  level  and  seems  to  yield 


a decrease  in  the  flutter  speed  of  about  17  per  cent. 

It  should  be  mentio  led  that  this  factor  is  very  approximate  since  the  data  available  were  not 
sufficient  for  an  accurate  determination.  But  it  is  not  unreal.  It  probably  has  a different  shape 
for  a higher  angle  of  incidence.  A complex  factor  with  unit  modulus  for  simulating  phase  shifts 
was  also  applied  and  varied,  but  the  effect  of  this  was  very  small. 

The  straight  line  in  Pig.  7 represents  the  flight  speed  for  standard-day  sea  level  temperature. 
By  compeiring  the  dashed  curve  to  this,  we  see  that  a large  flutter  margin  remains  in  spite  of  the 
reduction  that  may  appear  due  to  the  leading  edge  vortex  effect.  The  minimum  value  of  the  margin 
predicted  for  3 degrees  angle  of  incidence  is  about  50  per  cent  of  the  flight  speed. 


10.  CONCLUSIONS 

Results  for  aerodynamic  coefficients  eind  flutter  speeds  from  two  independent  calculations  for 
the  Vig^'-n  aircraft  for  zero  angle  of  incidence  have  been  compared  and  found  to  be  in  close  agree- 
ment. Due  to  the  leading  ^dge  vortices  which  apperr  for  increasing  angle  of  incidence  the  flutter 
speed  may  decrease,  however.  This  decrease  has  been  estimated  in  a crude  way.  For  an  angle  of 
incidence  of  about  3 degrees,  which  corresponds  to  a 4 g pull  out  at  M = 0.8  and  sea  level,  the 
estimated  reduction  amounts  to  17  per  cent.  In  spite  of  this,  a satisfactory  flutter  margin  seems 
to  remain.  It  is  emphasized  that  the  estimated  reduction  is  approximate  and  that  more  detailed 
investigations  are  desirable. 
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A BRIEF  OVERVIEW  OF  TRANSONIC  FLUTTER  PROBLEMS 


This  introduction  to  the  Specialists'  Meeting  on  Unsteady  Aerodynamics  in  Transonic 
Flow  will  provide  a fr'mework  of  industrial  flutter  problems  with  particular  emphasis 
on  the  impact  for  this.  ^ •'eed  region. 

I will  touch  briefly  on  history  and  present  many  flutter  stability  boundaries, 
re-emphasizing  that  the  transonic  flight  region  presents  critical  design  conditions. 

This  re-emphasis  will  be  accomplished  using  results  from  research  flutter  model  tests, 
aircraft  design  and  development  model  *-ests,  and  aircraft  flight  damping  measurements. 


Table  One  (Ref.  1)  shows  that,  previous  to  1952,  tab  and  control  surface  flutter 
prevention  dominated.  These  problems  were  quickly  cured  by  mass  balance  or  small  local 
stiffness  changes.  One  case  of  autopilot  flutter  is,  perhaps,  an  early  indication 
of  the  increased  attention  that  would  be  later  given  to  aeroservoelastic  problems  of 
high-gain  feedback  systems.  Control  surface  and  tab  problems  were  later  decreased 
by  use  of  powered  controls.  In  the  1952-1956  period,  high  subsonic  and  transonic 
speeds  and  more  efficient  and  flexible  aircraft  caused  wing-store,  transonic  buzz, 
T-Tail,  all  movable  surface,  and  fixed  lifting  surface  flutter.  These  problems  still 
exist  today. 

Methods  to  predict  transonic  oscillatory  loads  did  not  exist,  so  flutter  models 
were  extensively  used  to  provide  information.  These  next  data  (Refs.  2,  3,  4)  were 
obtained  by  Cornell  Aeronautical  Laboratory  in  1956-1958  for  the  U.  S.  Air  Force. 

The  flutter  models  were  relatively  large  and  well  defined  mechanically.  Wall  effects 
and  tunnel  Reynolds  number  effects  versus  conditions  in  flight  are  open  for  discussions, 
but  these  models  could  be  used  to  evaluate  analysis  methods,  --d  vice  versa.  The 
models  used  different  levels  of  mess  and  stiffness  distributions  to  obtain  flutter  at 
similar  wing-air  mass  ratios.  Figure  One  (Ref.  2)  shows  that  the  critical  free  stream 
Mach  number,  defined  by  a constant-altitude  tangenoy  (diagonal)  line,  is  near  Mach  1.2 
for  the  low  aspect  ratio  straight  wing.  The  higher  aspect  ratio  wings  also  approach 
critical  Mach  numbers  near  0.95.  The  effect  of  wing-air  mass  ratio  was  not  very 
pronounced. 

Figure  Two  (Ref.  3)  shows  results  for  the  swept  wings.  There  is  a pronounced 
detrimental  effect  of  mass  ratio.  The  critical  Mach  number  is  near  1.05.  Other  and 
more  recent  model  tests  show  a significant  increase  in  flutter  dynamic  pressure  as 
mass  ratio  is  further  decreased  from  low  values.  This  makes  flutter  model  testing 
difficult. 

Farmer  and  Hanson  (Ref.  5 (Figure  Three))  have  shown  the  significant  decrease 
in  model  flutter  speed  of  a swept  wing  having  a supercritical  airfoil  compared  to 
conventional  airfoil.  The  drop  is  about  equal  to  the  safety  margin  required.  Overall 
lift  curve  slope  and  center  of  pressure  differences  are  suspected.  Reasons  for  these 
differences  have  not  been  substantiated  since  additional  Ptudies  have  not  yet  been 
completed. 

While  we  are  discussing  swept  wings,  we  might  mention  that  Ruhlin  and  Gregory  of 
NASA  and  Destuynder  of  ONERA  have  investigated  tunnel  wall  effects  (Ref.  6)  on 
transonic  model  tests  of  an  American  version  of  the  SST.  They  show  (Figure  Four)  that 
inadequate  porosity  leads  to  lower  flutter  speeds.  They  also  discuss  tunnel  resonance 
effects  at  M = 0.75  and  wall  reflected  shock  waves  near  m = n.9  on  a simplified  model. 

Returning  to  the  Cornell  Aeronautical  Laboratory  tests.  Figure  Five  presents  data 
for  a delta  wing  flutter  model  (Ref.  4).  The  free  stream  Mach  region  near  1.0  is 
critical . 

Trends  with  Mach  number,  as  discussed  above,  are  configuration  sensitive  and 
depend  on  modes,  frequencies  and  separations,  and  mechanical  and  aerodynamic  couplings. 

Flutter  models  are  costly,  ranging  in  price  from  S5000-$7500  (U.S.)  for  a small 
component  model,  to  $200,000  and  above  for  large  transonic  models.  S"'~e  dynamic 
characteristics  cannot  be  completely  simulated,  so  pre-  and  post-test  analyses  are 
essential  for  both  model  and  aircraft  to  identify  important  parameters  and  their 
effects.  Mode  Is  are  not  readily  suited  for  design  trade-off  studies  involving 
configuration  changes  and  in  preliminary  design 

In  Europe,  excellent  and  wise  use  of  unsteady  aerodynamic  pressure  measurements 
is  made  for  both  research  and  aircraft  development.  Perhaps  the  U.  S.  state  of  the  art 
will  soon  catch  up.  But  this  approach,  while  excellent,  also  suffers  from  , 
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Accurate  prediction  methods  would  reduce  these  flutter  and  pressure  model  costs, 
as  well  as  flight  flutter  test  costs. 

One  exasperating  situation  the  flutter  engineer  faces  is  prediction  and  prevention 
of  external  store  flutter.  He  analyzes  thousands  of  w;ng-store  combinations.  In 
many  cases,  flutter  speed  restrictions  near  M = 0.8  or  lower  are  required.  These  limit 
mission  performance.  On  large  aircraft,  engine-nacelle  locations  are  influenced  by 
flutter  prevention.  Also,  sometimes  fuel  usage  sequences  must  be  employed  to  avoid 
flutter.  Flutter  suppression  using  active  controls  is  being  vigorously  pursued  now 
in  Europe  and  the  U.  S.,  particularly  for  the  wing-store  flutter  problem. 

ONERA  is  conducting  flutter  suppression  studies  on  a wing  equipped  with  a large 
tank.  Figure  Six  shows  results  obtained  by  Destuynder  (Ref.  7)  which  indicate  the 
higher  velocity  local  flow  induced  by  the  tank  on  the  lower  wing  surface  at  M = 0.8. 

A large  portion  (1/2)  of  the  lower  wing  surface  is  enveloped  in  Mach  0.9  to  1.05 
local  flow.  ONERA  is  also  making  significant  progress  in  development  of  pure  torque 
miniature  actuators  for  flutter  model  suppression  studies. 


Space  Shuttle  studies  investigated  interference  effects  (Ref.  8)  on  flutter. 

They  were  found  to  be  slightly  beneficial.  Wade  (Ref.  9) , at  a recent  AIAA  meeting, 
gave  an  excellent  resume  of  the  impact  of  structural  dynamics  on  Space  Shuttle  design. 
Other  authors  discussed  the  impact  on  various  types  of  aircraft  and  turbomachinery. 

NASA's  Langley  Research  Center  Transonic  Dynamics  Wind  Tunnel  has  been  used 
extensively  for  many  aircraft  flutter  safety  evaluations,  including  T-Tail  tests 
reported  by  Ruhlin  and  Sandford  (Ref.  10).  Figure  Seven  shows  a sudden  drop  of  35% 
in  flutter  velocity  ratio  just  below  Mach  1.  A bulbous  intersection  fairing  reduced 
thc;  drop  by  about  50%,  supposedly  by  adjusting  area  distribution.  Another  T-Tail 
model  shows  a 22%  drop  in  flutter  velocity  ratio  at  a lower  Mach  number  of  0.7. 

The  following  figures  show  use  of  the  flutter  model  (and  flutter  analyses)  for 
other  industrial  applications..  Perisho  and  Zimmerman  (Ref.  11)  - see  also  Shelton 
and  Tucker  (Ref.  12)  and  Katz-Poppe-Grossman  (Ref.  13)  - present  data  for  several 
critical  modes  of  a fighter.  About  six  modes  (Ref.  13)  were  adjusted  by  mass  balance 
or  configuration  changes  to  eliminate  possible  difficulties  and  to  meet  the  required 
15%  velocity  margin.  The  high  reliance  on  model  tests  is  very  noticeable.  Figure  Eight 
shows  that  the  margin  for  fin  bending-fuselage  lateral  bending  flutter  is  not  quite 
adequate.  Fin  tip  balance  weights  were  added.  Figure  Nine  shows  the  frequent  all 
movable  surface  flutter  problem.  In  this  case,  the  inboard  leading  edge  was  removed 
to  provide  a snag  to  save  weight,  and  to  help  prevent  flutter  in  another  mode. 

Figure  Ten  demonstrates  the  wing-external  store  problem,  (The  agreements  of  the 
g = 0.02  analyses  - from  strip,  doublet  and  Mach  box  methods  - with  experiments  are 
probably  fortuitous.  Transonic  analytical  results  are  faired  to  follow  model  trends.) 

Hr.  C.  Lodge  (Ref.  14)  and  the  Briti-oh  Aircraft  Corporation  have  kindly  offered 
flight  test  data  showing  transonic  effects  on  modal  damning  levels.  The  benefits 
of  modifications  and  the  critical  effects  of  transonic  flows  are  clearly  evident. 

Figure  Eleven  shows  the  transonic  loss  in  damping  of  a trailing  edge  control,  and  also 
the  possible  all  movable  control  flutter  problem.  Figure  Twelve  shows  the  drop  in 
wing-store  damping  at  M = 0.92  and  also  the  need  to  hold  all  movable  surface  rotational 
backlash  to  very  low  values  to  avoid  oscillations  at  M = 0.99. 

In  Summary; 

• The  transonic  flutter  problem  has  existed  for  20  years. 

• Lacking  methods  to  predict  transonic  loadings,  we  cannot  optimize  the 
structural  design  early. 

• Methods  are  needed  for  a wide  range  of  configurations  and  initial 
conditions,  a quite  difficult  and  lengthy  task.  These  configurations 
include: 

• Control  surfaces  for; 

• Servoaeroelasticity 

• Flutter  suppression 

• Actuator  power  requirements 

• Interfering  and  interacting  surface:,  and  bodies: 

• Wings  with  stores 

• Wing-horizontal  tails 

• T-Tails 

• All  movable  surfaces-fuselages 

• Fins  - fuselages 

• The  critical  rar  je  extends  from  M = 0.8  to  1.2  or  higher. 

! Mar..,  mnr-a  j ornrivnami  r;  nrgggiire  and  meagnremont-g  aro 
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• Standard  configurations  are  needed  to  evaluate  methods. 

• Selected  flutter  model  tests  and  limited  unsteady  pressure  measurements 
in  flight  should  be  included  in  the  evaluation  process  as  roon  as 
appropriate  since  the  engineer  has  urgent  application  needs. 


REFERENCES 

(1) 

(2)  Brady,  W.G.,  King,  S.R.,  and 
Maier,  H.G. 

(3)  Maier,  H.G.-  and  King,  S.R. 

(4)  Balcerak,  J.C.  and 
Ostaszewski,  N.H. 

(5)  Farmer,  M.G.  and  Hanson,  P.W. 

(6)  Ruhlin,  C.,  Destuvnder,  R., 
and  Gregory,  R. 

(7)  Oestuynder,  R. 

(8)  Chipman,  R.C.  and  Rauch,  F.J. 

(9)  Wade,  D.C. 

(10)  Ruhlin,  C.L.  and  Sandford,  M.C. 

(11)  Perisho,  C.H.  and 
Zimmerman,  N.H. 

(12)  Shelton,  J.D.  and  Tucker,  P.B. 

(13)  Katz,  H. , Foppe,  F.G., 
and  Grossman,  D.T. 

(14)  Lodge,  C.G., 


NACA  Subcommittee  on  Vibration  and  Flutter, 

"A  Survey  and  Evaluation  of  Flutter 
Research  and  Engineering,"  NACA  RM  56112, 

Oct  5,  1956 

"Transonic  Flutter  Model  Tests.  Part  II 
Straight  Wings,"  WADC  Technical  Report 
56-214;Part  II.  Jan  1958 

"Transonic  Flutter  Model  Tests.  Part  I: 

45  Degree  Swept  Wings,"  WADC  Technical 
Report  56-214 :Part  I.  Sep  1957 

"Transonic  Flutter  Model  Tests.  Part  III: 

Delta  Wings , " WADC  Technical  Report 
56-214:Part  III.  Jan  1958 

"Comparison  of  Supercritical  and  Conventional 
Wing  Flutter  Characteristics,"  AIAA/ASME/SAE 
17th  Structures , Structural  Dynamics  and 
Materials  Conference,  King  of  '’russia,  Penn. 

5-7  May  1976 

"Some  Tunnel  Wall  Effects  on  Transonic 
Flutter,"  AIAA  Paper  No.  74-406,  ,MAA/ASME/SAE 
15th  Structures,  Structural  Dynamics  and 
Materials  Conference,  Las  Vegas,  Nevada, 

April  1974 

"Unsteady  Pressure  Measurements  in  Wing- 
With-Store  Configurations,"  AGARD  Report 
636,  Comments  on  Transonic  and  Wing-Store 
Unsteady  Aerodynamics,  January  1976 

"Analytical  and  Experimental  Study  of 
the  Effects  of  Wing  Body  Interaction  On 
Space  Shuttle  Subsonic  Flutter,"  NASA  CR  2488, 
January  1975 

"Influence  of  Structural  Dynamics  on  Space 
Shuttle  Design,"  AIAA/ASME  18th  Structures, 
Structural  Dynamics  and  Materials  Conference, 

San  Diego,  California,  21-23  March  1977 
(See  also  Volume  B,  "A  Collection  of 
Technical  Papers  on  Dynamics  and  Structural 
Dynamics,"  AIAA  Dynamics  Specialist 
Conference,  San  Diego,  California,  24-25  Mar  77) 

"Experimental  Studies  of  Transonic  T-Tail 
Flutter,"  NASA  TN  D-8066,  December  1975 

"Transonic  Flutter  Clearance",  McDonnell 
Aircraft  Company  letter  dated  16  December  1976 

"Minimum  Weight  Design  of  the  F-15 
Empennage  for  Flutter,"  AIAA/ASME  16th 
Structures,  Structural  Dynamics  and  Materials 
Conference,  May  1975 

"F-15  Flight  Flutter  Test  Program,"  NASA 
Symposium  on  Flutter  Testing  Techniques, 

Dryden  Flight  Research  Center,  October  1975 

"Transonic  Ff*^ects  on  Modal  Damping  Levels," 
British  Aircrait  Corporation  Ltd  letter 
dated  2 November  1976 


TABLE  1 

Some  Past  Flutter  Incidents 


1947  - 1951 

1952  - 1956 

TABS;  CONTROL  SURFACES* 

11 

8 

WING  WITH  EXTERNAL  STORES 

1 

6 

AUTOPILOT  COUPLING 

1 

TRANSONIC  BUZZ  RELATED 

21 

T-TAIL 

1 

ALL  MOVABLE  SURFACE 

4 

FIXED  SURFACE-  BENDING-TORSION 

1 

BALANCED  AND  UNBALANCED  SURFACES 
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REF:,  WADC  TR  56-21411 

Fig  1 Straight  cantilevered  wings  transonic'  llutter  nioJel  tests 
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Fig.  3.  Supercritical  flutter  model  tests 
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Fig.  8:  Model  flutter  speed  fin  bending  - fuselage  lateral  bending  no  fin  tip  balance  weight 
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Fig.  9.  Model  flutter  speed-stabilator 
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Fig.  10:  Flutter  speed  - wing  with  external  tank  model  tests  and  analyses 
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UNSTEADY  AIRLOADS  ON  AH  OSCILLATING  SUPERCRITICAL  AIRFOIL 

by 

H.  Tijdeman,  P.  Schippers  and  A.J.;  Persoor 
National  Aerospace  Laboratory  NLR 
Anthony  Fokkerweg  2,  Amsterdam, 

The  Netherlands 


SUMMARY 

Results  are  presented  of  unsteady  pressure  measurements  on  a tvo-dimensional  model  of  the  super- 
critical NLR  7301  airfoil  performing  pitching  oscillations  about  an  axis  at  UO  per  cent  of  the  chord. 
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velocity  of  sound 
chord 

lift  coefficient 

steady  pressure  coefficient 
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unsteady  pressure  coefficient 
frequency  of  oscillation  (Hz), 

component  of  unsteady  pressure  in  quadrature  with  the  airfoil  motion 

reduced  frequency 

unsteady  normal  force  derivative 

unsteady  moment  derivative  about  the  l/l*-chord  point 

Mach  number 
pressure 

variation  in  pressure  due  to  variation  in  incidence 
dynamic  pressure 

Reynolds  number  based  on  the  chord 

component  of  unsteady  pressure  in  phase  with  the  airfoil  motion 
time 

thickness  of  airfoil 
flow  velocity 


a 


o 


a 


c 

Aa 


9 

fll 


geometric  incidence 

effective  incidence  (including  tunnel  vail  correction) 

amplitude  of  the  airfoil  motion  or  change  in  incidence  (quasi-steady  conditions) 
phase  angle 

freauenev  of  oscillation  - 
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1.  IKTRODUCTION 

Nowadays  there  is  a considerably  interest  in  methods  to  predict  the  unsteady  airloads  on  air- 
foils and  wings  oscillating  in  transonic  flow,  especially  in  connection  with  the  current  interest  in 
the  so-callcd  supercritical  wing  concept..  However,  in  contrast  with  th“  steady  flow  case,  exr  rimental 
data,  that  are  sufficiently  detailed  to  verify  fundamental  theoretical  assumpti or  to  confirm  the 
validity  of  calculated  results  aie  very  scarce  and  thus  a definite  need  exists. 

For  this  reason  recently  at  HLR  an  exploratory  wind  tunnel  investigation  has  been  performed  on 
a -model  of  an  oscillating  supercritical  airfoil,  of  which  the  geometry  has  been  generated  with  the 
hodograph  method  of  Boerstoel  (rtefs.,  1,  2).  While  the  airfoil  was  oscillating  in  pitch  about  an  axis 
at  per  cent  of  the  chord  detailed  pressure  distributions  were  determined.;  In  addition  time  his- 
tories of  shock  wave  motions  were  recorded. 

The  aim  of  the  present  paper  is  to  illustrate  some  typical  high  subsonic  and  transonic  effects  as 
observed  in  the  experiments.  After  a brief  description  of  the  test  set  up,  an  analysis  is  given  of  the 
pressure  distributions  and  the  resulting  unsteady  airloads  as  measured  ’or  some  characteristic  flow 
conditions.  Further  attention  is  paid  to  the  periodical  motions  of  the  shock  wave  and  finally  it  is 
tried  to  assess  what  can  be  expected  from  the  new  generation  of  calculation  methods  for  unsteady 
transonic  flow  (For  details  about  the  various  theoretical  methods  reference  is  made  to  the  other 
papers  presented  during  this  meeting).- 

2.  MODEL  AND  TES  . 3ET  UP 

2.1  Model  and  excitation  system 

The  airfoil  under  consideration,  the  NLR  7301,  was  designed  for  "shock-i’ree"  flow  under  pres- 
cribed conditions  (Fig.,  1)  and  was  tested  extensively  in  steady  flow  by  Rohne  and  Zwaaneveld  (Refs.,  3, 
!().,  For  the  purpose  of  the  present  unsteady  experiments  a new  model  has  been  built,  which  could  per- 
form pitching  oscillations  about  an  axis  at  liO  per  cent  of  the  chord.  This  model,  made  of  Dtiral,  has 
a chord  length  of  18  cm  and  spans  horizontally  the  test  section  of  the  NLR  Pilot  tunnel.  The  pitching 
motion  is  generate!  by  means  of  a hydraulic  actuator  (For  a detailed  description  of  the  hydraulic 
system  and  the  model  suspension  reference  is  made  to  Poestkoke  (Ref.  5)).,  To  keep  the  suspension  as 
simple  as  possible  the  model  is  excited  at  one  side,  while  the  opoosite  side  is  supported  by  a bearing 
just  outside  the  tunnel  wall  (Fig.  2).  To  avoid  acosj  ..eatea  sealing  between  model  and  window,  the 
window  closest  to  the  actuator  is  attached  to  the  model  and  follows  its  motion.  In  addition  it  results 
in  a clear  view  on  the  model  surface  for  the  optical  flow  studies. 

Both  the  upper  and  lower  surface  of  the  model  are  provided  with  20  pressure  orifices  (Fig.  3), 
connected  with  two  scanning  valves  outside  the  wind  tunnel  via  pressure  tubes..  In  suldition  13  minia- 
ture Kulite  transducers  are  juilt  in.  This  number,  which  is  larger  than  necessary  for  the  dynamic 
calibration  of  the  pressure  tubes,  was  chosen  to  create  the  possibility  to  arrest  the  actual  tiir’ 
histories  (including  the  higher  harmonics)  of  the  chordwisa  pressure  distribution  along  the  upper 
surface. 

To  determine  the  motion  of  the  model  use  is  made  of  6 accelerometers,  located  in  three  spanwise 
sections..  The  mean  incidence  is  controlled  by  the  hydraulic  system. 

2.2  Optical  flow  studies 

The  periodical  shock  wave  motions  on  the  oscillating  model  were  determined  from  a series  of  sub- 
sequent shadowgraph  pictures.:  These  pictures  were  taken  using  a stroboscopic  light  source,  triggered 
by  an  electrical  signal  from  a displacement  pick  up.-  By  means  of  an  adjustable  phase  shift  in  the 
electric  circuit  between  the  accelerometer  and  the  light  source  the  oscillating  model  with  its 
instantaneous  shook  pattern  could  be  photographed  in  every  position  desired.- 

2.3  Wind  tunnel 

The  experiments  were  performed  in  the  Pilot  tunnel  of  NLR,  which  ..s  an  atmospheric  closed  circuit 
tunnel  for  Mach  numbers  up  to  1.-  Upper  and  lower  surface  of  the  test  section  (heights  55  cm;  width:- 
1*2  cm)  are  fitted  with  longitudinal  slotted  walls.-  The  open  area  ratio  of  the  walls  is  0.1  and  the 
plenum  chambers  of  floor  and  bottom  are  not  connected..  Further  details  of  thr  Pilot  tunnel  can  be 
found  in  reference  6.; 


3.  ANALYSIS  OF  RESULTS 


3.1  Introductory  remarks 

The  main  unsteady  aerodynamic  characteristics  of  the  NLR  7301  airfoil  will  be  discussed  using 
experimental  data  for  three  different  flow  conditions,  which  can  be  characterized  as  follows  (see 
figure  It);- 

A:;  fully  subsonic  flow 

B:-  transonic  flow  with  a well  developed  shock  wave 
C;t  "shock-free"  flow 

To  emphasize  the  importance  of  the  dynaa.ic  effects  on  the  unsteady  airloads,  fo'  each  case  the  corres- 
ponding quasi-steady  airloads  will  be  considered  first.  These  quasi-steady  airlosds  can  be  interpreted 
as  the  airloads  when  the  oscillations-  were  taking  place  infinitely  slow.  For  reference  purposes  the 
experimental  results  will  be  compared  also  with  results  of  the  thin  airfoil  theory. 

The  unsteady  pressures  are  given  in  t('i-ms  of  the  dimensionless  coefficients  JC  , defined  as 


JC 

P 


q .3a 


where  3a  is  the  amplitude  of  tre  pitching  oscillation  in  radian;  , p the  pressure  variation  and  -q  the 
dynamic  pr'^ssure.  The  corresponding  quasi  steady  coefficient  can  be  derived  from  steady  tests  at  two 
different  incidence  as  follows:- 


C (a  -t-3a)-  C (a  -3a) 

JC  = P ° 

p 2.3a 


where  C = ILEi  denotes  the  steady  pressure  coefficient. 

p q 
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3.2  Unsteady  pressure  distributions 

3.2.1  Full;  subsonic  flow  (condition  aJ 

The  steady  pressure  distributions  measured  in  subsonic  flow  (condition  A)  for  two  values  of  the 
angle  of  attack  and  the  quasi-steady  results  derived  from  that  are  shown  in  figure  5.;  In  order  to 
facilitate  the  comparison  between  upper  and  lower  surface  the  quasi-steady  pressures  at  the  upper 
surface  are  plotted  with  a reversed  sign  (Fig.  5.H).  The  agreement  between  the  measured  quasi-steaay 
pressures  and  the  prediction  of  thin  airfoil  theory  is  reasonable.  The  largest  deviations  show  up 
over  the  rear  part  of  the  airfoil,  where  the  measured  data  are  below  the  calculated  curve.; 

Near  the  leading  edge  the  measured  pressures  on  the  upper  surface  are  larger  than  predicted  by  the 
theory  and  also  larger  than  the  values  measured  on  the  lower  surface.  As  will  be  discussed  later 
(chapter  1»)  the  differences  observed  have  to  be  attributed  to  the  combined  effect  of  airfoil  thickness 
(plus  incidence)  and  the  boundary  layer.  The  first  effect  dominates  on  the  front  part  of  the  airfoil, 
while  the  boundary  layer  effect  is  more  pronounced  on  the  rear  part. 

A comparison  between  the  unsteady  pressures  measured  on  the  upper  surface  of  the  oscillating 
airfoil  and  the  corresponding  results  of  thin  airfoil  theory  (Fig.  6)  shows  similar  differences  as 
observed  in  quasi-steady  flow.  In  general  the  agreement  between  theory  and  experiment  is  reasonable.; 

Fu'  ther  it  can  be  noted  that  there  is  a very  satisfactory  agreement  between  the  unsteady  pressures 
measured  directly  with  the  in  situ  transducers  and  the  pressures  obtained  via  the  pressure  tubes.- 

3.2.2  Transonic  flow  with  shock  (condition  B) 

The  next  example  concerns  oscillations  of  the  airfoil  about  the  off-design  condition  B (Fig.  1*).- 
In  this  condition,  being  typical  for  "classical"  transonic  flow,  the  upper  surface  carries  a super- 
sonic region  extending  to  about  50  per  cent  of  the  chord,  which  is  terminated  by  a relatively  strong 
shook  wave.-  As  shown  in  figure  7.1  a change  in  incidence  of  1 degree  results  in  a shift  of  the  steady 
shock  position  of  about  10  per  cent  of  the  chord.  The  flow  along  the  lower  surface  remains  subcri- 
tical. 

From  the  corresponding  quasi-steady  pressure  distributions  (Fig.  7. II)  it  can  be  deduced  that  along 
the  upper  surface  the  pressure  is  dominated  by  the  effect  of  the  shock  displacement,  generating  a 
high  pressure  peak,  which  of  course  cannot  be  predicted  by  thin  airfoil  theory.  The  quasi-steady 
pressure  distribution  on  the  subsonic  lower  surface  is  predicted  reasonably  well.. 

Unsteady  pressure  distributions  on  the  upper  surface  are  presented  in  figure  8 for  three  different 
frequencies.-  These  results  also  show  the  dominant  effect  of  the  pressure  peak  due  to  the  moving  shook 
wave.  It  is  noted  that  this  pressure  peak  shifts  from  the  real  part  of  the  pressure  distribution  to 
the  imaginary  part  with  increasing  frequency..  This  is  the  result  of  the  increased  phase  lag  of  the 
periodical  shook  motion  relative  to  the  motion  of  the  airfoil,  a phenomenon  to  be  discussed  in  more 
detail  in  chapter  3.1t.l. 

By  representing  the  unsteady  pressure  distributions  in  terms  of  magnitude  and  phase  angle 
(Fig.  9)  it  further  can  be  shown  that  the  width  and  the  height  of  the  pressure  peak  associated  with 
the  periodical  motion  of  the  shook  wave  decreases  as  the  frequency  is  increased.  This  is  caused  by 

the  decrease  of  the  amplitude  of  the  shock  motion  with  increasing  frequency  (see  also  chapter  3.1*.l). 

Concerning  the  phase  curves  in  figure  9 it  should  be  noted  that  the  measurements  show  a jump  of  about 

l80  degrees  jhst  downstream  of  the  mean  position  of  the  shock  wave.  This  jump  is  present  already  in 

quasi-steady  flow  and  thus  is  not  a dynamic  effect. 

From  the  comparison  of  the  measured  pressure  distributions  with  the  distributions  calculated  with 
thin  airfoil  theory  (Figs.  8 and  9)  it  is  evident  that,  as  far  as  the  upper  surface  is  concerned,  this 
theory  is  not  applicable. 

3.2.3  The  "shock-free"  design  condition  (condition  C) 

Of  special  interest  is  the  unsteady  behaviour  of  the  airfoil  near  its  "shock-free"  design  con- 
dition (condition  C in  figure  1*).-  As  shown  in  figure  10. 1 a variation  in  incidence  of  0.5  degree 
about  the  design  point  leads  to  a considerable  change  of  the  steady  pressure  distribution  along  the 
upper  surface.  In  particular  in  the  supersonic  region,  ranging  from  about  3 per  cent  to  about  65 
per  cent  of  the  chord  the  shape  of  the  pressure  distribution  changes  considerably.  Further  away  from 
the  design  condition  a (weak)  shock  wave  shows  up.  At  the  lower  surface  the  steady  pressure  distri- 
bution changes  less  drastically.  Noteworthy  is  that  along  the  lower  surface  the  velocity  becomes 
slightly  supercritical,  but  still  without  shock  formation. 

The  changes  in  steady  distribution  result  in  a quasi-steady  distribution  as  given  in  figure  10. II., 
On  the  upper  surface  a wide  bulge  occurs , which  is  caused  by  the  drastic  change  of  the  pressure  dis- 
tribution in  the  supersonic  region.-  Most  probably  this  wide  bulge  is  a featur-.,  tyiical  of  th.;.’  type  of 
"shock-free"  airfoil,  characterized  by  a relative  blunt  nose  and  an  extensive  region  of  supersonic 
flow.-  A comparison  between  the  measured  quesi-steady  distribution  and  the  curve  determined  with  thin 
airfoil  theory  shows  that  the  prediction  for  the  upper  surface  is  quite  useless.  For  the  lower  side, 
where  t.ie  flow  remains  almost  subcritical,  the  differences  between  theory  and  experiment  is  consider- 
ably smaller. 

A series  of  fully  unsteady  pressure  distributions  along  the  upper  surface  in  terms  of  magnitude 
and  phase  angle  is  given  in  figure  11.  One  easily  recognizes  in  the  magnitude  curves  the  large  con- 
tributions associated  with  the  changes  in  the  shape  of  the  pressure  distribution  in  the  supersonic 
region  on  the  front  part  of  the  airfoil..  In  addition  a small  peak  occurs  at  about  65  per  cent  of  the 
chord,  caused  by  the  periodical  formation  of  a weak  shock  in  this  region  (see  figure  12).  This  peak 
grows  larger  with  increasing  frequency  as  a result  of  the  increased  strength  of  the  shock  wave.  At 
the  same  time  the  bulge  on  the  front  part  decreases  with  frequency  and  the  unsteady  pressure  distri- 
bution shows  a tendency  to  change  in  a direction  towards  the  pressure  distributions  found  for  flow 
condition  B. 

The  phase  curves  shown  in  figure  11  behave  very  regular  up  to  about  60  per  cent  of  the  chord.;  Then  a 
jump  in  phase  angle  of  about  180  degrees  occurs,  which  can  be  attributed  to  the  presence  of  the  shock 
wave  .- 

Finally  a comparison  of  the  measured  unsteady  pressure  distributions  with  thin  airfoil  theory  confirms 
what  could  be  concluded  already  on  the  basis  of  the  quasi-steady  data:'  for  these  types  of  mixed  flow 
one  has  to  rely  on  other  prediction  methods.- 
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3.3  Unsteady  aerodynamic  derivatives 

Of  prime  concern  to  the  aeroelastician  of  course  are  the  overall  unsteady  aerodynamic  airloads.; 
For  this  reason  the  unsteady  aerodynamic  coefficients,  obtained  by  chordwise  integration  of  the 
leasured  unsteady  pressure  distributions,  have  been  collected  in  figures  13-15,  for  the  characteris- 
tic flow  conditions  A,  B and  C,  respectively.;  For  reference  purposes  the  results  according  to  thin 
airfoil  theory  are  given  as  well.- 

The  agreement  between  the  theoretical  and  experimental  pressure  distributions  for  the  subsonic 
flow  condition  A (see  chapter  3.2,1)  is  reflected  also  in  the  curves  of  figure  13,  representing  the 
unsteady  aerodynamic  derivatives  as  a function  of  reduced  frequency.  The  largest  deviations,  occuring 
in  the  real  part  of  both  the  normal  force  and  the  moment  derivative,  can  be  attributed  to  the  differ- 
ences in  the  pressure  distributions,  which  do  exist  already  in  quasi-steeuiy  flow  (Fig.  5). 

For  the  transonic  flow  condition  B (see  figure  ll»)  the  differences  between  theory  and  experiment 
are  considerably  larger  than  in  the  preceding  fully  subsonic  example.  This  is  true  also  for  the  un- 
steady derivatives  in  the  "shock-free"  design  condition  C (Fig.  15).;  A comparison  between  figures 
ll*  and  15  learns  that  for  the  design  condition  the  deviations  from  thin  airfoil  theory  ase  of  the 
same  order  of  magnitude  as  for  the  "classical"  transonic  flow  condition  B. 

The  behaviour  of  the  aerodynamic  coefficients  in  a transonic  flow  with  shock  wave  can  be  corre- 
lated qualitatively  with  the  presence  of  the  dominant  pressure  peak  generated  by  the  oscillation  of 
the  shock.  As  indicated  schematically  in  figure  l6  (representing  for  instance  the  results  of  flow 
condition  B),  the  pressure  peak  associated  with  the  shock  wave  is  responsible  for  a shift  in  unsteady 
lift  and  moment  indicated  by  a 1.  At  small  reduced  frequencies  the  real  part  of  the  normal  force 
derivative,  ka,  is  larger  than  predicted  by  theory.  As  the  frequency  increases,  the  real  part  de- 
creases faster  than  the  curve  for  thin  airfoil  theory,  while  the  imaginary  part  becomes  much  more 
negative  than  predicted..  This  behaviour  is  correlated  with  the  shift  of  the  pressure  peak  due  to  the 
shook  from  the  real  part  to  the  imaginary  part  of  the  unsteady  pressure  distribution,  as  has  been 
shown  in  figure  8 (see  also  section  3.2.2). 

The  same  phenomenon  is  responsible  for  the  change  indicated  by  1,  in  the  moment  derivative,  m,,.  The 
remaining  part  of  the  deviation  in  the  moment  derivative  is  caused  by  the  circunstance  that  tne 
mentioned  pressure  peak  is  located  downstream  of  the  quarter  chord  point,  thus  giving  rise  to  a rear- 
ward shift  of  the  aerodynamic  centre.  For  the  present  example  this  shift,  expressed  as 

. , dm 

dx  ^ 1 o 

c ” 2 k 

a 

can  be  estimated  roughly  at  5 per  cent  of  the  chord. 

In  the  figures  13-15  results  are  given  for  the  airfoil  with  and  without  transition  strip.  For 
flow  conditions  A and  B no  significant  difference  is  observed.  However,  in  the  delicate  "shf ck-free" 
design  condition  C the  flow  is  more  susceptible  to  disturbances  over  the  front  part  of  the  airfoil 
and  thus  more  sensitive  to  the  presence  of  the  strip.  For  a more  detailed  account  on  this  sensivity 
reference  is  made  to  reference  7., 

Further  it  should  be  remarked  here  that  the  measured  data  are  given  without  tunnel  wall  correct- 
ion, since  reliable  methods  to  determine  this  effect  in  unsteady  wind  tunnel  tests  are  not  yet 
available.  An  estimate  of  the  amount  of  wall  interference  involved  in  the  present  tests  will  oe  given 
in  chapter  U on  the  basis  of  some  quasi-steady  flow  calculations. 

3.U  Remarks  on  the  unsteady  shock  wave  motion 
3.**.1  Effect  of  frequency 

With  the  help  of  optical  flow  studies  additional  information  is  obtained  about  the  periodical 
motion  of  the  shock  waves  in  flow  condition  B.  From  figure  17,  giving  the  time  histories  of  the  shock 
displacement  for  different  frequencies,  it  follows  that  the  shook  wave  performs  nearly  sii.usoidal 
motions  (similar  to  the  type  A motion  described  in  reference  6).-  Further  the  phase  lag  of  the  shock 
motion  relative  to  the  airfoil  motion  increases  with  frequency,  while  the  amplitude  of  the  shock 
motion  decreases.  The  latter  corresponds  very  well  with  the  observations  mentioned  earlier  concerning 
the  contribution  of  the  moving  shock  wave  to  the  unsteady  pressure  distributions  (see  Pigs.;  8 und  9). 

A closer  examination  of  the  phase  lag  of  the  shock  motion  with  respect  to  the  airfoil  motion 
(Fig.  18)  learns  that  an  almost  linear  relationship  exists  between  frequency  and  phase  lag.  This  im- 
plies that  there  is  a constant  time  lag  between  the  motion  of  the  airfoil  and  the  shock  wave  motion. 
In  relation  to  this  it  is  of  interest  to  recall  the  investigation  of  Erickson  and  Stephenson  (Ref.  9) 
who  have  found  that  a fixed  relation  seems  to  exist  between  the  phase  lag  of  the  shock  motion  and  the 
time  required  for  a pressure  impulse  to  travel  from  the  trailing  edge  to  the  shock  wave..  Indeed  this 
travelling  time  seems  to  be  a logical  parameter  for  an  airfoil  with  a leurge  supersonic  region  ter- 
minated by  a shock  wave,  because  this  is  the  time  period  after  which  major  changes  in  flow  condition, 
namely  changes  in  flow  direction  at  the  trailing  edge  (Kutta  condition)  can  be  felt  by  the  shock  wave 
(Fig.  19). 

The  time  required  to  forward  information  from  the  trailing  edge  to  the  shock  wave  amounts 
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with  being  the  local  Mach  number  and  aio<.  the  local  velocity  of  sound.  Due  to  the  gradient  in 
Mach  number  normal  to  the  airfoil  surface  the  acoustic  waves  propagate  along  paths  away  from  the 
airfoil.  Therefore  the  propagation  speed  in  upstream  direction  will  be  some  average  between  the  value 
of  (1-Mj^oj)  a^Qj.  near  the  airfoil  surface  and  the  free  stream  value.  To  account  for  this  effect  the 
following  value  of  the  local  Mach  number  has  been  introduced: 

*^loc”  l^loc^®*  surface)-  Mj.|+  Mj^, 
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with  R being  a relaxation  factor,  which  has  a value  between  0 and  1.0.- 

For  RwO.7  an  excellent  agreement  is  obtained  between  the  travel  time  of  the  "Kutta  waves"  and  the 
corresponding  phase  lag  of  the  shock  motion,  as  is  demonstrated  in  figure  18.  This  value  of  R agrees 
very  well  with  the  relaxation  factor  applied  in  the  modified  Doublet  lattice  method  of  NLR  (see 
Roos,  Ref.  10),  in  which  in  a semi-empirical  way  a local  Mach  number  correction  is  introduced.  In 
this  method  also  the  factor  R is  used  to  account  for  the  gradients  in  Mach  number  normal  to  the  air- 
foil surface. 


3.h.2  Linearity  of  the  unsteady  loads 

The  local  pressures  in  points  of  the  airfoil  located  within  the  trajectory  of  the  oscillating 
shock  wave  show  a strong  nonlinear  behaviour,  caused  by  the  periodical  passage  of  the  shock  and 
the  accompanying  pressure  jump.:  From  the  time  registrations  of  the  unsteady  pressures  suid  the  re- 
sulting overall  loetds  (see  example  of  figure  20)  it  can  be  noted,  however,  that  in  spite  of  these 
local  non  lineeirities  the  resulting  unsteady  lift  varies  almost  sinusoidal.-  The  overall  moment  shows 
irregularities,  but  its  amplitude  is  very  small  and  strongly  amplified.  These  findings  correlate 
very  well  with  the  experiences  of  Magnus  and  Yoshihara  (Ref.,  11),  Laval  (Ref.-  12)  and  Krupp  and 
Murman  (Ref.  13),  who  in  their  calculated  examples  also  observed  an  almost  linear  behaviour  of  the 
overall  aerodynamic  derivatives,  inspite  of  the  presence  of  an  oscillating  shock  wave. 

This  phenomenon  can  be  made  plausible  as  follows.;  It  flow  patterns  with  a well  developed  shock 
wave  it  has  been  observed  that  the  shock  motion  takes  place  almost  sinusoidal  and  that  the  amplitude 
of  the  shock  motion  is  almost  proportional  to  the  amplitude  of  the  sinusoidal  motion  of  the  airfoil 
(see  for  instance  figure  21).  This  makes  it  possible  to  introduce  the  schematized  model  of  figure  22, 
in  which  the  change  in  pressure  in  a fixed  point  A is  considered,  while  the  shock  wave  performs  a 
sinusoidal  motion  of  amplitude 

As  derived  in  reference  8 the  local  shock  strength  in  point  A,  located  within  the  shcck  trajectory, 
can  be  written  as:' 


,(P2-Pi)x  = (Pp-Pl^x  • 
a s 


Here  ^(xJ^-XQe^“^),  denotes  the  unit  step  function  and  Ap  the  variation  in  shock  strenght  during  the 
shock  wave  motion.  For  strong  shock  waves  and  small  amplitude  motions  the  last,  term  in  the  above 
expression  can  be  discarded  relative  to  (P2-Pi)x  •:  Wien  (P2~Pi)xg  described  as  a function  of  time 

a block  type  signal  occurs  (see  figure  22)’,  of  which  the  Fourier  decomposition  yields: 
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The  corresponding  distribution  of  the  first  four  Fourier  components  along  the  trajectory  of  the  shock 
motion  are  shown  in  figure  23.-  From  the  distribution  of  the  mean  steady  value  it  follows  that,  due  to 
the  oscillatory  motion  of  the  shock  wave,  the  jump  in  the  steady  pressure  distribution  is  spread  out 
over  the  shook  trajectory.  The  distribution  of  the  component  with  the  same  frequen''j  as  the  airfoil 
motion  shows  a maximum  of  2/7  times  the  steady  pressure  jump  (pg-Pi)  •; 

’'s 

Integration  of  the  various  components  over  the  shock  trajectory  to  obtain  the  concribution  to  the 
overall  unsteady  lift  and  moment  learns  that  the  lift  contains  only  a contribution  of  the  fundamental 
frequency.  The  resulting  unsteady  moment  also  contains  a term  (pg-Px)^  2cut.;  So  it  can  be 

expected  that  the  second  harmonic  shows  up  first  in  the  unsteady  moment. 

From  the  considerations  given  above  it  follows  also  that  measuring  the  first  Fourier  component 
of  the  pressure  signals,  as  is  done  in  the  present  tests  via  the  tubing  system,  gives  by  chordwise 
integration  a correct  value  of  the  unsteady  lift.  As  far  as  the  moment  is  concerned  the  second  har- 
monic of  order  x^  can  not  be  distinguished. 

k EXPECTED  CAPABILITY  OF  THE  NEW  CALCULATION  METHODS 

In  the  preceding  analysis  of  the  experimental  data  the  results  of  thin  airfoil  theory  have  been 
added  as  a reference  for  lwu  rcmons.  Firstly  these  results  serve  as  a simple  basis  for  the  distinction 
of  the  typical  transonic  phenomena  and  secondly,  linear  lifting  surface  theory  is  widely  used  in  aero- 
elastic  applications.  As  long  as  the  flow  is  moderately  subsonic  thin  airfoil  theory  has  proven  to 
be  a rather  adequate  tool  indeed.  However,  from  the  preceding  discussions  it  is  apparent,  that  cal- 
culation methods  for  transonic  flow  should  include  the  effect  of  airfoil  thickness,  incidence  and  - 
if  ohock  waves  are  present  - also  the  effects  of  the  periodical  shock  wave  motion. 

In  recent  years  considerable  progress  has  been  achieved  in  solving  the  non  linear  equations  for 
unsteady  transonic  flow  (reviews  on  the  current  status  are  g ven  in  references  lt-20). 

With  one  exception  (Ref.  2i)  all  new  calculation  methods  eu'e  dealing  with  inviscid  flow.-  In  order  to 
get  an  impression  about  the  improvements  one  might  expect  from  these  methods  some  comparisons  will  be 
presented  between  theory  and  experiment  for  the  NLR  7301  airfoil.-  At  this  moment  the  comparison  is 
limited  to  quasi-steady  flow,  but  in  the  near  future  comparative  studies  will  be  performed  also  for 
fully  unsteady  flow. 

Considering  first  the  quasi-steady  case  has  the  advantage  that  a reasonable  estimate  can  be 
given  of  the  effect  of  the  boundai’y  layer,  by  using  an  existing  method  for  steady  transonic  flow, 
which  includes  the  displacement  effect  of  the  boundary  layer  (Bauer,  Korn,  Gsu-abedian  and  Jameson 
(Ref.  22)).  Further  for  quasi-steady  flow  a rather  accurate  estimate  can  be  given  of  tne  severity 
of  interference  from  the  slotted  tunnel  walls,  a situation  which  is  not  yet  reached  for  unsteady 
measurements. 

The  calculations  for  the  16.5  per  cent  thick  NLR  7301  airfoil  have  been  performed  at  the  same 
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Mach  number  as  in  the  experiments,  but  for  an  incidence  a^,  which  includes  the  correction  for  wall 
interference.  For  the  NLR  Pilot  tunnel  this  correction  has  beer  established  to  be  (Ref.  23):: 

S (i—  c . 

where  C„  is  steady  lift  coefficient  and  C a coefficient,  depending  on  the  free  stream  Mach  number 
(Fig.  2l*).; 

I*.l  Fully  subsonic  flow  (condition  A) 

Calculated  and  measured  results  for  the  airfoil  in  the  subsonic  flow  condition  A are  shown  in 
figure  25.  Figure  25.1  reveals  a significant  effect  of  the  boundeiry  layer  in  the  steady  mean  posi- 
tion of  the  airfoil.  The  corresponding  quasi-steady  results  (Fig.-  25. II)  demonstrate  that  the  devia- 
tions of  the  test  results  from  thin  airfoil  theory,  as  discussed  in  chapter  3.2.1,  are  due  to  the 
combined  effects  of  thickness,  incidence  and  viscosity.-  The  effect  of  thickness  and  incidence 
dominates  on  the  front  part  of  the  airfoil  and  the  effect  of  viscosity  towards  the  rear. 

For  the  quasi-steady  results  the  wall  correction  has  been  applied  on  the  measured  data,  since 

this  effect  can  be  translated  simply  in  an  additional  change  of  effective  incidence  due  to  the 
change  in  lift.:  This  additional  change  has  to  be  substracted  from  the  geometrical  change  in  incidence.; 
From  the  results  in  figure  25. II  it  car.be  noted  that  the  tunnel  walls  have  a considerable  effect .- 

k.2  Transonic  flow  with  shock  wave  (condition  B) 

The  second  example  deals  with  the  transonic  flow  condition  B (Fig.;  M.-  In  steady  flow  (Fig.  26.1) 
viscosity  again  has  a large  effect,  in  particular  on  the  location  of  the  shock  wave.-  The  importance 
of  inserting  boundary  layer  effects  is  reflected  also  in  the  quasi-steady  results  Pig.  26.11).  On 
the  upper  surface  a considerably  improved  prediction  is  obtained,  when  thickness  ,nd  boundary  layer 
effects  are  considered  simultaneously.  Especially  the  location  of  the  high  pressure  peak  resulting 
from  the  shift  in  shock  position  is  predicted  much  better. 

The  improvements  achieved  can  be  observed  also  in  the  quasi-steady  aerodynamic  coefficients, 
collected  in  table  1.  For  instance  t.iese  data  show  that  a Moo=  0.7  thickness  and  incidence  are  res- 
ponsible for  an  increase  of  the  thin  airfoil  value  of  the  normal  force  coefficient,  k^,  of  more  than 

50  per  cent.  The  inclusion  of  the  boundary-layer  leads  to  a decrease  of  the  order  of  35  per  cent, 
as  can  be  observed  by  comparing  the  results  with  and  without  boundary  layer,  both  obtained  with  the 
non-conservative  calculation  scheme  (the  conservative  scheme,  which  giarantees  the  best  numerical 
solution  of  the  transonic  flow  equations  did  not  converge  for  inviscid  flow  so  this  value  could  not 
be  added).  From  the  last  two  columns  it  follows  that  the  tunnel  wall  effect  in  the  present  tests  is 
considerable  and  accounts  to  about  25  per  cent.;  At  Mcc*  0.5  the  effects  mentioned  are  less  than  at 
transonic  speed,  but  still  significant. 


TABLE  1 


Quasi-steady  aerodynamic  derivatives  (NLR  7301  airfoil) 


Thin 

airfoil 

theory 

Inviscid  theory 
+ thickness 

Inviscid  theory 
+ thickness 
•*■  boundary  layer 

Inviscid  theory 
+ thickness 
+ boundary  layer 
+ wall  interference 

Experiment 

Non- 
conservative 
F-D  scheme 

Non- 
conservative 
F-D  scheme 

Conservative 
F-D  scheme 

Conservative 
F-D  scheme 

a 

k 

m 

k 

m 

k 

m 

k 

m 

k 

m 

k 

m 

00 

0 

Q 

a 

a 

a 

a 

a 

0 

a 

a 

0 

a 

a 

0.5 

0 

CD 

0 

2.31 

0 

2.73 

0.01*3 

2.53 

-0.036 

2.53 

-0.036 

2.22 

-0.032 

2.18 

-0.090 

0.7 

8 

0 

2.80 

0 

l».2lt 

0.11 

3.21 

0.00 

3.92 

-0.22 

3.23 

-0.18 

3.20 

-0.3** 

F-D«  Finite  difference 


From  the  examples  discussed  so  far  a good  impression  is  obtained  about  the  improvements  which 
can  be  expected  at  most  from  the  inclusion  of  thickness  and  incidence  theories.  Clearly  the  inclu- 
sion of  these  effects  is  an  important  step  forward,  which  on  itself,  however,  does  not  lead  to  im- 
proved predictions.  A genuine  improvement  in  this  respect  can  be  achieved  only  if  the  second  step  is 
made  also,  i.e.  the  inclusion  of  boundary  layer  effects. 

A weak  point  in  the  considerations  given  above  is  seemingly  that  the  examples  deal  with  a rela- 
tively low  Reynolds  number  { '2.10”).  However,  similar  calculations  for  higher  values  of  this  param- 
eter (up  to  30. 10^,  with  fixed  transition  point)  do  not  exhibit  a significant  sensivity  to  Reynolds 
number  changes.  This  seems  to  indicate  that  under  full  scale  conditions  the  effect  of  viscosity  re- 
mains of  the  same  order  of  magnitude  as  shown  here. 

I*. 3 The  "shock-free"  design  condition  (condition  C) 

To  conclude  the  evaluation  of  the  capability  of  advanced  theories  on  the  basis  of  quasi-steady 
flow  the  "shock-free  flow  condition  C will  be  considered.  For  this  purpose  a comparison  is  made  be- 
tween results  calculated  for  the  theoretical  "shock-free"  design  condition  and  results  measured  for 
condition  at  which  "shock-free"  flow  is  obtained  in  the  wind  tunnel. 

In  this  way  the  circumstance  that  the  experimental  design  condition  (i.e.  Mach  number  and  incidence) 
differs  from  the  inviscid  theoretical  design  condition  can  be  discarded,  assuring  that  both  theory 
and  experiment  deal  with  the  carefully  balanced  condition  of  "shock-free"  flow. 

The  steady  pressure  distributions  computed  for  incidences  at  and  around  the  design  condition 
(Fig.  27.1)  exhibit  in  the  supersonic  region  at  the  upper  surface  the  same  marked  changes  in  the 
shape  of  the  pressure  distribution  as  observed  in  the  measurements  (Fig.,  10).;  The  lower  surface  be- 
haves very  regularly.  From  a comparison  between  the  corresponding  quasi-steady  pressure  distributions, 

in  r>7_TT_  if.  Kxsji’jnmrtc  ftnrifir»>nt_  f_Kn.f_  is  A 1 •-rit.f.  -t_*' 
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thin  airfoil  theory.  The  typical  bu3gy  character  of  the  distribution  on  the  upper  surface  is  pre- 
dicted reasonably  well  and  also  the  prediction  for  the  lower  surface  is  improved.  This  justifies  the 
expectation  that  methods  based  on  inviscid  theory  are  able  to  predict  at  least  qualitatively  the  mai‘ 
characteristics  of  the  unsteady  flow  for  oscillations  around  the  "shock-free"  design  condition. 

5.,  CONCLUDING  REMARKS 

From  the  preceding  evaluation  it  is  apparent  that  the  inclusicn  of  airfoil  thickness,  incidence 
and  transonic  shock  motions  in  inviscid  flow  calculations  leads  to  an  improvement  of  the  theoretical 
predictions  in  an  at  least  qualitative  sense.-  In  quimtitative  sense  a large  discrepancy  with  the  real 
flow  will  remain  as  a result  of  the  boundary  layer,  which  to  a large  extent  detemdnes  the  final  lo- 
cation of  the  shock  and  by  that  the  overall  unsteady  airloads.-  However,  as  the  modelling  of  unsteady 
boundary  layers  is  only  in  its  first  phase  {for  a review  of  the  present  status  reference  is  made  to 
Ref.  20)  it  IS  unlikely  that  in  the  near  fujture  sophisticated  calculation  methods  will  become 
available  for  this  purpose.  Therefore  in  the  coming  period  an  engineering  type  of  approach  has  to  be 
followed.  In  this  respect  the  ideas  developed  by  Magnus  and  Yoshihara  {Ref.,  21)  deserve  attention, 
since  their  relatively  simple  "viscous  ramp"  model  lends  itself  for  easy  implementation  in  inviscid 
calculation  methods.. 

From  a computational  point  of  view  small  perturbation  methods  are  very  attractive.  It  should 
be  investigated,  therefore,  what  the  limits  of  such  methods  are,  in  particular  when  applied  to  thick 
supercritical  airfoils  of  the  type  as  the  one  considered  in  this  paper.:  In  this  respect  it  should  be 
noted  that  the  impressions  given  in  the  preceding  chapter  about  the  impi  ivements  attainable  with  the 
new  calculation  methods  are  based  on  solutions  of  the  full  potential  equation,  without  assuming  small 
perturbations  .- 

Further  from  the  considerations  of  the  quasi-steady  results  of  the  NLR  7301  airfoil  it  has  be- 
come clear  that  in  order  to  improve  the  reliability  of  comparisons  between  theory  and  wind  tuniiCl 
data  there  is  an  urgent  need  for  methods  to  assess  the  amount  of  wall  interference  in  unsteady  ex- 
periments in  transonic  test  sections  with  slotted  or  poreus  walls.-  Finally  the  insight  with  respect 
to  the  effect  of  Reynolds  number,  being  already  a crucial  parameter  in  steady  transonic  flow,  should 
be  increased  by  performing  tests  in  a high  Reynolds  number  test  facility. 
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Fig.  5 Sfeody  ond  quasi steady  pressure  distributions  on 
NLR  7301  airfoil  at  subsonic  speed  (Condition  A) 
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(Condition  B) 


Fig.  8 Development  of  unsteady  pressure  distributions  with 
frequency  in  transonic  flow  with  shock  wave 
(Condition  B1 


Fig,  9 Effect  of  a shock  wave  on  the  unsteady  pressure 
distributions  (Condition  B) 
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Fig  12  Time  history  of  the  periodical  shock  wove  mof»on  (Condition  C), 


>»I  lUWOlL  j o transition  strip  AT  • c -J 

Ik.  use  <1.  0L*i'  Jo-oVj  a natural  TRANSITION 

U— ^ — — - - 0_  _ 1 lAft 


THIN  airfoil 

thfory 


.1  .3 

^ k 


^ THEORY 

e 


O .2  .3 

— . h 


.1  ,2  .3 

k 


Fig.  13  UflSt^ody  notmal  forc«  and  moment  coeffictenis  as  a 
hnetton  of  fftquoncy  in  subsonic  flow  (Condition  A) 


- THIN  airfoil  theory 

EXitlBiiENT 

EXPERIMCNT  MTHOUT  (ESTIMATED)  EFFECT  OF 
SHOCK  SAVE 


f I EFFECT  OF  PRESSURE  PEAK  DUE 
TO  MOVINC  SHC  J(  WAVE 
f 7 Shift  m aerodynamic  centre 


NLR  7301  AIRFOIL  0 TRANSITION  STRIP  AT  */c  -.3 

M,-.70  REPEATED  TESTS 

I ■ ‘ o natural  transition 


THIN  AIRFOIL 
THEORY 

O'  0 


^ THEORY 


Fig,  16  Quo/iTofive  explanation  of  the  effect  of  th^  •‘^ctllating 
shock  wave  on  the  unsfeoify  aerodynamic  coef^crents 


,1  .2  * , 


NLR  7301  AIRFOIL 

ii^  • 0 7 fip  • 3°  A^»I4P 


AIRFOIL  motion 


Fig.  14  Unsteady  normal  force  and  moment  coefficients  os  a 
function  of  frequency  (Condition  B) 
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Fig.  17  Periodical  shock  wove  motion  m dependence  of 
frequency  (Condition  B) 


Fig.  IS  Unsteady  normal  force  and  moment  coefficients  as  a 
function  of  frequency  f Condition  C) 
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Fig.  24  Wall  intarhrence  correction  lor  the  NLR  Pilot  tunnel 
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THE  TRANSONIC  OSCILLATING  FLAP 
A Comparison  of  Calculations  With  Experiments* 

R.  Magnus  and  H.  Yoshihara  ** 

General  Dynamics  Convair  Division 
P.  O.  Box  80847 
San  Diego,  California  92138  USA 


SUMMARY 

Finite  difference  calculations  based  on  the  exact  inviscid  equations  for  an  oscillating  flap  on  the  NACA  64A-006 
airfoil  at  M = 0. 875  are  compared  to  the  Tljdeman-Schippers  experimental  results.  Viscous  effects  were  incorporated 
in  a phenomenological  manner  using  viscous  displacement  ramps.  Reasonably  good  agreement  was  obtained,  but  with 
a significant  discrepancy  in  the  shock  motions  attributable  to  a mismatch  in  the  surface  pressures  upstream  of  the 
shock.  Recalculation  at  M = 0. 854  yielded  results  in  good  overall  agreement  with  the  experiments  at  M = 0.  875  for 
both  the  steady  and  the  unsteady  cases.  Tentative  conjectures  as  to  the  cause  of  the  above  discrepancy  then  conclude 
the  paper. 

1.  INTRODUCTION 

In  Reference  1 an  unsteady  finite  difference  procedure  based  on  the  exact  inviscid  flow  equations  was  used  to 
calculate  the  flow  over  the  NACA  64A-006  airfoil  at  M = 0.875  and  a = 0°  where  a quarter-chord  flap  oscillated 
sinusoidally.  The  oscillation  amplitude  was  1“  about  5=0°,  and  the  frequency  was  120  hertz  corresponding  to  a 
reduced  frequency  based  on  the  airfoil  chord  of  0.468. 


In  the  above  calculations  the  important  viscous  effects  were  incorporated  using  a phenomenological  procedure. 
Here  airfoil  shape  modifications,  simulating  the  viscous  displacement,  were  first  determined  in  a steady  inviscid 
calculation  in  which  the  measured  pressures  were  prescribed  as  boundary  conditions  in  lieu  of  the  surface  slopes 
where  the  viscous  displacement  effects  were  significant.  The  resulting  viscous  ramps  suitably  modeled  v,  .re  then 
Inserted  into  the  unsteady  problem  tying  the  ramps  at  the  shocks  in  a quasi-steady  fashion  to  the  instantaneous  shock 
strengths,  and  those  on  the  flap  to  the  instantaneous  flap  angle. 

Thus,  in  this  manner  the  unsteady  viscous  effects,  modeled  from  the  more  readily  available  steady  experl- 
menUl  data,  were  Incorporated  as  tliue-varylng  changes  to  the  airfoil  shape  which  could  then  be  treated  by  the  exist- 
ing inviscid  finite  difference  procedure. 

The  above  example  was  chosen  because  of  the  existence  of  the  experimental  results  of  Tljdeman  and 
Schippers  (Reference  2),  which  not  only  furnished  the  steady  pressure  distributions  to  model  the  viscous  ramps,  but 
the  unsteady  results  to  assess  the  final  calculations. 

A comparison  of  the  calculated  and  measured  unsteady  results  in  Reference  1 showed  a reasonably  good 
overall  agreement,  but  there  was  a significant  diflerence  in  the  behavior  of  the  shocks  as  seen  in  Figure  1.  Here 


Figure  1.  Comparison  of  the  Calculated  and  Measured  Shock  Position  at  M = 0. 875 


*Sponsored  by  the  Air  Force  Pynamics  Laboratory  of  the  Wright  Aeronautical  Laboratories. 

••Presently.  Engineering  Manager.  Boeing  Company  (BMAD),  Seattle  Washington 


f 


iiWyHliH»-JPJ)WawwWBP 


)3-2 


the  mean  positioning  of  the  shock  in  the  experiments  was  not  only  significantly  further  upstream  of  the  calculated 
value,  but  the  shock  excursion  was  considerably  larger.  Moreover  in  the  experiments  in  contrast  to  the  calculations 
the  shock  disappeared  during  a brief  interval  in  its  retreating  phase  as  the  shock  velocity  became  sufficient  to  render 
the  flow  upstream  of  the  shock  subcritical. 


The  cause  of  the  above  discrepancy  in  the  shock  histories  can  be  traced  to  a mismatch  of  the  pressures 
upstream  of  the  shock.  Ihe  lower  Mach  numbers  prevailing  here  in  the  experiments  led  to  a weaker  shock  at  a 
further  upstream  positioning  which  then  resulted  in  a more  pronounced  role  of  the  shock  velocity  in  determining  the 
shock  strength.  This  chain  of  effects  then  caused  the  observed  difference  in  the  shock  behavior. 

Both  the  calculated  and  experimental  unsteady  pressures  upstream  of  the  shock  and  hence  their  difference 
remained  essentially  Invariant  during  the  oscillation  of  the  flap  at  the  respective  steady  values  for  the  mean  flap  angle 
of  0* . We  can  accordingly  turn  to  this  steady  case  to  study  the  cause  of  the  discrepancy  in  the  pressures  upstream  of 
the  shock. 


In  Figure  2 we  show  the  steady  inviscid  pressure  distribution  at  M = 0. 875  and  5=0°  compared  to  the 
measured  distribution.  Also  shown  here  is  the  pressure  distribution  calculated  with  the  measured  pressures  pre- 
scribed aft  of  the  shocks.  In  the  latter  result,  assuming  the  viscous  displacements  to  be  properly  inputed,  the 
pressures  over  the  entire  airfoil  should  then  agree  with  the  experiments.  We  see  in  Figure  2 that  this  is  not  the 
case.  A mismatch  of  the  calculated  and  measured  pressures  upstream  of  the  shock  still  persists,  the  addition  of 
the  viscous  ramps  having  no  effect  on  the  calculated  pressures  upstream  of  the  shock.  We  can  thus  conclude  that 
the  modeling  of  the  viscous  ramps  caimot  be  blamed  for  the  above  pre-shock  mismatch. 


Figure  2.  Comparison  of  the  Steady  Pressure 
Distributions  for  Zero  Flap 
Deflection  at  M = 0.875 


In  the  above  calculations  we  have  ignored  the  viscous  displacement  occurring  upstream  of  the  shock  because 
of  the  significant  prevailing  favorable  pressure  gradients.  This  omission  cannot  be  the  cause  of  the  mismatch  since 
these  displacement  effects  even  when  included  result  in  a thickening  of  the  airfoil,  leading  to  a lessening  rather  than  a 
needed  enhancement  of  the  pressures  upstream  of  the  shock  to  match  the  experiments. 

The  mismatch  of  the  pre-shock  pressures  must  therefore  be  due  either  to  the  inaccuracy  of  the  inviscid 
calculational  procedure  itself  or  to  an  inaderi'iate  flow  simulation  in  the  wind  tunnel.  Past  extensive  and  successful 
use  of  the  inviscid  procedure  woc'd  suggest  tentatively  the  cause  to  lx‘  the  latter,  possibly  due  to  an  inadi-quate  test 
section  length  or  to  wall  interference. 

The  latter  |>ossibility  is  reinforced  by  the  excellent  agreement  for  6 ‘ 0°  Ix'tween  the  slead\  calculations  at 
M ^ 0.85-1  and  the  experimental  results  at  M ^ 0.875  shown  in  Figure  3 with  ami  without  the  viscous  ramps,  lleiv 
again  prescribing  the  aft  measured  pressures  or  equivalently  adding  the  viscous  ramps  has  nut  changed  the  pressures 
upstream  of  the  shock. 

Further  evidence  of  the  above  corres|X)ndencc  is  given  in  Figure  I where  a comparablv  good  agreement  is 
shown  for  5 = 1*.  Finally  in  Figure  5 we  show  the  excellent  mutch  of  the  pressures  upstream  ol  the  shock  between 
the  mviscid  case  for  M 0.90  and  the  measuivnients  from  Uef.  2 at  M ^ 0,87... 
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Figure  3.  Comparison  of  the  Calculations 

at  M = 0. 854  with  the  Experiments 
at  M = 0. 875  - Zero  Flap 
Deflection 

Figure  t)  shows  a comparison  of  the  pressure  distributions  for  6 = 1“  between  the  inviscid  case  at  M = 0.  P54 
and  the  calculations  at  the  same  Mach  number  with  the  M = 0,875  aft  pressures  prescribed.  In  contrast  to  the  upper 
surface  here  and  to  the  fi  = 0*  case  of  Figure  2,  the  addition  v,r  the  viscous  ramp  on  the  lower  surface  has  a signifi- 
cant effect  on  the  pressures  upstream  of  the  shock. 


Figure  4.  Comparison  of  the  Calculations 

at  M ••  0, 854  with  the  Experiments 
at  M = 0.875  - 1*  Flap  Deflection 


Figure  5.  Comparison  of  the  Calculations  at 
M - 0.875  and  tl.'e  Measurements 
at  M = 0.900  - Zero  Flap 
Deflection 


Figure  ti.  Comparison  of  the  Calculated 
Pressure  Distributions  at 
M = 0.854  and  1*  Flap  Deflection 
With  and  Without  the  Viscous  Itamps 


To  explain  this  difference  ot  the  upstream  influence,  we  must  recall  that  perturbations  originating  downstream 
ot  the  tei'miiiating  shocks  must  detour  over  the  intervening  embedded  supersonic  region  to  arrive  at  the  airfoil  surface 
upstream  of  the  shocks.  Durmg  this  tra\el  the  perturbation  wave  fronts  spread  geometrically  with  the  bulk  of  the 
perturbation  energ>’  being  swept  downstream  with  the  ambient  flow.  Thus  for  a given  perturbation,  its  subseiiuent 
geometric  attenuation  and  hence  its  upstream  influence  arriiing  at  the  airfoil  surface  upstream  of  the  shock  will 
depend  on  the  height  of  the  supersonic  barricade,  in  the  case  of  Figure  2 for  6 - 0- , the  supersonic  barricade  is 
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sufficiently  high  to  block  essentially  the  perturbations  due  to  the  viscous  ramps,  whereas  in  the  case  of  the  lower 
surface  of  Figure  6 for  6 = 1° , the  stronger  upstream  influence  results  from  the  lowering  of  the  barricade. 

In  the  case  of  the  oscillating  flap  it  was  found  earlier  that  there  was  no  effect  of  the  moving  flap  on  the 
pressures  upstream  of  the  shock,  these  pressures  assuming  the  steady  pressures  corresponding  closely  to  the  mean 
deflection  of  the  flap.  On  the  other  hand  a sustained  flap  deflection  will  clearly  change  the  surface  pressures  forward 
of  the  shock  on  both  the  upper  and  lower  surfaces.  The  difference  of  the  upstream  influences  here  must  be  clearly 
due  to  the  temporal  difference  of  the  perturbations  originating  at  the  flap,  as  well  as  on  the  subsequent  phase  lags 
between  the  "cause  and  effect"  due  to  the  propagation  time  of  the  signals  between  the  flap  and  points  on  the  airfoil 
surface  upstream  of  the  shock. 

In  summary,  the  above  comparisons  in  the  steady  case  showed  that  the  calculated  cases  at  M = 0.854 
correspond  close)',  with  the  measurements  at  M = 0. 875.  It  would  therefore  be  of  interest  to  calculate  the  unsteady 
case  at  M = 0.854,  modeling  the  viscous  ramps  using  the  measured  steady  pressures  at  M = 0.875  to  see  whether 
the  measured  shock  history  can  be  reproduced  by  such  a calculation.  An  affirmative  check  here,  though  not 
necessarily  increasing  the  creditability  of  the  present  phenomenological  approach  to  the  viscous  interactions,  would 
reinforce  the  necessity  to  reexamine  the  viability  of  the  experiments. 

2.  OSCILLATING  FLAP  RESULTS 

We  shall  omit  details  of  the  numerical  procedure  which  are  covered  for  example  in  Reference  1. 

The  example  which  we  consider  here  Is  the  tnvtscid  case  at  M = 0. 854  with  pitching  frequency  of  90  hertz. 
Though  this  case  is  not  specifically  of  primary  relevance,  it  nevertheless  exhibits  features  of  the  shock  behavior 
observed  by  Tijdeman  at  M = 0.875. 

In  Figure  7 we  show  the  resulting  pressure  distributions  at  various  phases  of  the  oscillation  cycle.  We  see 
that  the  shock  has  degenerated  into  a weak  Isentropic  compression  wave  during  a portion  of  the  cycle  (starting  at 
kt  ~ 30*)  as  in  the  experiments.  We  see  further  that  the  cause  is  due  to  the  decrease  of  the  Mach  number  upstream 
of  the  shock  by  the  upstream  displacement  of  the  shock  followed  by  the  elimination  of  the  remaining  flow  super- 
criticality  by  the  downstream  motion  of  the  shock.  The  resulting  shock  history  is  next  shown  in  Figure  8,  and  it  is 
seen  that  a significant  Improvement  in  the  match  with  experiments  has  been  achieved  relative  to  the  earlier  cases  at 
M *=  0. 875.  The  precise  point  at  which  a shock  ceases  to  be  a shock  is  blurred  by  the  relative  enhancement  of  the 
shock  profiling  by  the  numerical  diffusion  as  the  shock  strength  weakens,  but  such  blurring  is  strictly  of  academic 
consequence  since  the  pressure  distributions  are  insignificantly  affected  for  such  weak  shocks. 
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Calculations  at  120  hertz  with  the  viscous  ramps  is  in  process,  and  the  resuits  will  be  reported  at  a later 

time. 


3.  CONCLUDING  REMARKS 

The  results  of  the  present  calculations  showed  that  the  discrepancies  found  in  Reference  1 between  the  calcu- 
lated and  measured  results  for  the  oscillating  flst>  could  be  eliminated  by  simply  reidentifying  the  measured  results  at 
M = 0.875  as  those  for  M = 0.851.  The  cause  of  the  discrepancies  can  be  traced  directly  to  the  mismatch  of  the 
pressures  upstream  of  the  shock  in  the  steady  case  at  zero  flap  deflection  between  the  calculated  inviocld  case  and  the 
measurements.  The  reliability  of  the  inviscid  calculations  then  suggest  the  cause  of  the  mismatch  to  reside  in  the 
experiments.  The  evidence  still  is  circumstantial,  and  the  final  resolution  must  await  further  test  results  from  a 
larger  wind  tunnel  than  the  NLR  pilot  tunnel  using  diiiamlc  transducers  directly  embc>dded  in  the  airfoil  curfacc. 

Finally,  one  must  place  in  proper  perspective  the  above  discrepancy  between  the  measured  and  calculated 
unsteady  pressure  distributions.  TTiough  the  mismatch  of  the  pre-shock  pressures  impacted  seriously  on  the  shock 
history,  its  effect  was  far  less  serious  so  far  as  the  unsteady  lift  and  moments  were  concerned.  'Ihe  NLR  experi- 
ments yield  results  more  than  adequate  for  flutter  applications. 
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SUMMARY 

An  implicit  finite-difference  procedure  has  been  developed  for  the  efficient  solution  of  unsteady 
transonic  flow  fields.  Sample  computations  illustrate  applications  of  this  procedure  to  aerodynamic  prob- 
lems., First,  solutions  are  presented  that  illustrate  three  types  of  shock-wave  motion  that  can  result 
from  airfoil  control  surface  oscillations.-  The  significant  effect  of  wind-tunnel  wall  conditions  on  these 
snock-wave  motions  is  demonstrated.  Second,  solutions  are  presented  for  a simple  aeroelastic  problem  in 
which  the  flow-field  equations  and  the  structural  motion  equations  are  integrated  simultaneously  in  time.- 
Both  stable  and  unstable  aeroelastic  interactions  are  considered.  Finally,  the  procedure  is  adapted  to 
compute  unsteady  aerodynamic  force  coefficients  by  the  indicial  method. 


INTRODUCTION 

Considerable  attention  has  been  directed  recently  toward  the  development  of  numerical  methods  and 
codes  for  the  analysis  of  transonic  flow  fields  resulting  from  unsteady  airfoil  motions.  Motions  of 
interest  can  be  self-induced,  as  in  the  case  of  aeroelastic  instabilities.  They  can  also  be  externally- 
driven  motions  used  for  propulsion  or  to  generate  lift,  as  in  the  case  of  helicopter  rotors.  In  the 
transonic  Hach  number  range,  even  simple  motions  can  produce  complicated  unsteady  flow  fields.  These  com- 
plications, often  associated  with  the  presence  of  shock  waves  in  the  flow,  can  impose  severe  limitations 
on  aerodynamic  performance .-  Presently,  computational  prediction  methods  are  being  developed  that  can 
provide  an  understanding  of  some  of  the  physical  phenomena  associated  with  these  complicated  flows  at  a 
cost  substantially  less  than  would  be  required  by  experimental  investigations.  Hopefully,  methods  will 
eventually  be  developed  that  can  provide  accurate  estimations  of  the  aerodynamic  loads  for  a specified 
design  configuration  so  that  performance  limitations  can  be  predicted  and  extended. 

Considerations  in  the  development  of  computational  prediction  methods  for  unsteady  transonic  flows 
are:’  (1)  flexibility  - simple  user  input  for  the  treatment  of  arbitrary  airfoils  and  airfoil  motions; 

(2)  nonlinearity  - including  the  treatment  of  moving  shock  waves;  (3)  efficiency;  and  (4)  three-dimensional 
and  viscous  effects.  Let  us  discuss  each  one  of  these  considerations  keeping  in  mind  the  near-term  objec- 
tive, to  provide  a means  for  developing  an  understanding  of  the  physics  of  unsteady  transonic  flows,  and 
the  long-term  objective,  to  provide  precise  predictions  of  aerodynamic  loads. 

Flexibility 

Simple  user  input  for  the  treatment  of  arbitrary  airfoils  and  airfoil  motions  is  the  principal  advan- 
tage of  a transonic  small -disturbance  formulation.  The  boundary  condition  representing  the  airfoil  and 
its  motion  is  applied  on  a flat,  mean-surface  approximation  to  the  airfoil.  An  "exact"  treatment  would 
require  application  of  the  boundary  condition  on  the  airfoil  surface  at  its  instantaneous  location.  This 
is  a complicated  procedure  that  could,  for  example,  require  coordinate  mappings  that  vary  with  time.  Such 
complication  is  unwarranted  for  our  near-term  objective,  except  perhaps  for  very  thick  airfoils  or  air- 
foils at  high  angles  of  attack.  In  such  cases  viscous  effects  would  also  be  important,  and  a simple 
treatment  of  the  flow  field  would  be  impossible.  For  the  accurate  prediction  of  loads,  our  long-term 
objective,  detailed  treatment  of  the  airfoil  surface  boundary  condition  will  be  required. 

Nonlinearity 

The  Eulerian  gasdynamic  equations,  which  govern  unsteady  transonic  flows,  are  nonlinear  and  must  be 
integrated  in  time  numerically.  Several  finite-difference  procedures  for  solving  these  equations,  or 
approximations  to  these  equations,  have  been  reported  (for  a review,  see  Ref.  1).  Because  these  methods 
all  rely  on  "capturing"  techniques  to  resolve  shock  waves,  the  governing  equations  must  be  solved  in  con- 
servation form,  which  is  not  always  convenient.  Failure  to  maintain  p.*oper  conservation  form  can  result 
in  shock  motions  that  depend  on  nonphysical  considerations  such  as  mesh  spacing.  For  aerodynamic  rrotions 
in  which  shock  waves  remain  essentially  fixed,  an  approximation  can  be  made  in  which  unsteady  effects  are 
treated  as  linear  perturbations  about  some  steady-state  condition.  Such  a procedure  can  be  very  useful 
in  aeroelastic  calculations,  for  which  only  infinitesimal  amplitude  motions  need  be  considered.  Two 
linear  perturbation  methods  have  been  applied  to  transonic  flows:  the  harmonic  approach  and  the  indicial 

approach.  They  will  be  discussed  in  greater  detail  in  a subsequent  section  of  this  report, 

Efficiency 


For  a time- integration  method  to  be  computationally  efficient,  integration  time  steps  should  be 
chosen  on  the  basis  of  accuracy.  For  low-frequency  motions,  relatively  large  time  steps  can  be  used  and 
adequate  flow-field  resolution  obtained;  for  high-frequency  motions,  smaller  time  steps  are  required. 
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Explicit  finite-difference  schemes  (Refs.,  2 and  3)  are  inefficiently  applied  to  low-frequency  flows 
because  they  have  time  step  restrictions  for  stability  that  are  substantially  more  severe  than  those 
required  for  accuracy.  This  difficulty  was  partially  overcome  by  the  use  of  semiimplicit  schemes  (Refs. 
4-6),  which  have  less  severe  time  step  restrictions.  More  recently,  fully  implicit  schemes  (Refs.,  7 and 
8)  have  been  developed  that  permit  time-step  selection  based  on  accuracy  rather  than  stability  consider- 
ations. We  have  chosen  to  emphasize  the  treatment  of  low-frequency  flows  because  shock  excursion  ampli- 
tudes (and  hence  unsteady  aerodynamic  force  amplitudes)  usually  increase  with  decreasing  frequency  for  a 
fixed  airfoil  oscillatory  motion  amplitude.  For  moderate-  to  high-frequency  motions,  shock  displacement 
amplitudes  are  usually  sufficiently  small  that  the  fluctuations  in  the  flow  field  can  be  treated  by  a 
linear  unsteady  perturbation  procedure. 

Three-Dimensional  and  Viscous  Effects 


Both  of  these  effects  are  usually  important  in  transonic  flow  applications.  However,  their  treatment 
is  beyond  the  scope  of  the  present  effort,  which  is  intended  to  provide  a means  for  studying  (inviscid, 
two-dimensional)  nonlinear  unsteady  influences.;  The  next  step  would  be  to  develop  a small-disturbance 
procedure  for  studying  three-dimensional  unsteady  transonic  flows.-  The  complete  treatment  of  viscous 
effects,  which  is  essential  for  accurately  predicting  unsteady  aerodynamic  loads,  is  a fundamentally  more 
difficult  problem. 

Reference  9 describes  a conservative,  implicit  finite-difference  algorithm  to  time-accurately  inte- 
grate the  nonlinear,  low-frequency,  transonic,  small -disturbance  equation.  This  procedure  is  the  basis 
of  a computer  code,  LTRAN2,  designed  to  treat  arbitrary  combinations  of  airfoil  pitch,  plunge,  and  flap 
deflections.-  Unsteady  solutions  can  be  computed  in  about  1 min  of  CDC  7600  computer  time.-  LTRAN2  can 
be  used  to  provide  solutions  by  either  the  time-integration  method  or  the  indicial  method.  The  LTRAN2 
solution  procedure  is  briefly  reviewed  here.  Computed  solutions  are  then  presented  that  illustrate  some 
of  the  ways  a code  like  LTRAN2  can  be  used  to  treat  unsteady  aerodynamic  problems. 

To  begin  with,  solutions  for  three  different  free-stream  Mach  numbers  are  presented  for  the  flow 
field  about  an  NACA  64A006  airfoil  with  a harmonically  oscillating  trailing-edge  control  surface..  These 
solutions  illustrate  the  three  types  of  shock-wave  motions  that  have  been  observed  experimentally  (Ref.  10) 
for  the  same  airfoil  motion.  However,  the  free-stream  Mach  numbers  at  which  these  different  shock  motions 
occurred  were  all  higher  in  the  experiment  than  in  the  computations.-  Additional  computations  are  pre- 
sented that  include  wind-tunnel  wall  simulations.  The  results  indicate  that  wind-tunnel  wall  interference 
could  account,  at  least  in  part,  for  this  discrepancy  in  Mach  number.; 

Next,  LTRAN2  is  used  to  obtain  solutions  for  a simple  aeroelasuic  problem  in  which  the  structural 
motion  equations  and  flow-field  equations  are  integrated  simultaneously;  that  is,  the  airfoil  motion  and 
the  aerodynamic  and  structural  responses  to  the  motion  are  all  free  to  drive  each  other.-  Solutions  are 
presented  that  Illustrate  both  stable  and  unstable  aeroelastic  interactions.  Finally,  the  use  of  LTRAN2 
to  obtain  solutions  by  the  indicial  method  is  described;  lift  and  moment  coefficients  computed  by  the 
indicial  method  and  by  the  time-integration  approach  are  compared  for  the  oscillating  control  surface 
cases  mentioned  previously. 

GOVERNING  EQUATION  AND  SOLUTION  ALGORITHM 


A low-frequency,  transonic,  small-disturbance  approximation  to  the  Eulerian  gasdynamic  equations  is 
the  equation 

2®*xt  = '^♦xx  * Vy 

where 


c = (1  - M^2)/62/3  . (y  + 1)M„^ 


and  where  is  the  disturbance  velocity  potential,  M^  is  the  free-stream  Mach  number,  and  6 is  the 
airfoil  thickness-to-chord  ratio.  The  choice  of  the  exponent  m is  somewhat  arbitrary.;  Here  m is  a 
function  of  M^  chosen  to  adjust  the  critical  pressure  coefficient,  Cp*,  for  Eq.-  (1)  to  match  the  exact 
isentropic  Cp*  (Ref<  1).  The  parameter  k is  the  reduced  frequency.  For  an  airfoil  of  chord  length 
c,  traveling  with  speed  U„,  and  executing  some  unsteady  oscillatory  motion  of  frequency  u,  k ; uc/U*., 
The  reduced  frequency  is  given  in  units  of  radians  of  oscillatory  motion  per  chord  length  of  airfoil 
travel.  The  quantities  x,  y,  t,  and  4 in  Eq.-  (1)  have  been  scaled  by  c,  c/6'/^  u)*‘,  and  ci’/^U„, 
respectively..  The  low-frequency,  transonic,  small -disturbance  equation  is  a valid  approximation  to  the 
Euler  equations  for 


k - 1 - 1 (2) 

The  boundary  conditions  are  enforced  in  the  usual  small -disturbance  fashion. 

The  finite  difference  algorithm  used  to  solve  Eq.-  (1)  is  an  alternating-direction  implicit  (ADI) 
scneme  first  reported  in  Ref<  7.,  It  was  Subsequent’y  jJu,,ted  to  lifting  cases  and  used  to  compute  solu- 
tions for  several  types  of  unsteady  airfoil  motions  in  Ref.  9.  Since  the  scheme  is  implicit,  numerical 
integration  time  steps  are  chosen  on  the  basis  of  accuracy  rather  than  stability  "^or  low-frequency  cases, 
these  time  steps  are  many  times  greater  than  would  be  permitted  by  the  stability  restrictions  associated 
with  explicit  schemes.;  The  difference  equation  is  solved  in  conservation  form  for  the  proper  treatment  of 
shock  waves. 
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The  ADI  procedure  advances  the  solution  from  one  time  step  to  the  next  in  two  sweeps  through  the  grid. 
In  the  first  sweep,  tridiagonal  matrix  equations  are  solved  directly  treating  grid  points  on  y=constant 
lines  implicitly.  On  the  second  sweep,  tridiagonal  matrix  equations  are  solved  directly  treating  grid 
points  on  x=constant  lines  implicitly..  Note  that  no  iteration  is  required  to  obtain  the  solution  at  the 
new  time  level. 


AIRFOIL  WITH  OSCILLATING  CONTROL  SURFACE 
Free-Air  Computations 


Researchers  at  the  National  Aerospace  Laboratory  (The  Netherlands)  have  experimentally  observed  and 
classified  three  types  of  shock-wave  motion  produced  by  an  airfoil  with  a harmonically  oscillating 
trai ling-edge  control  surface  (Ref,  10):; 

1,  Type  A,  sinusoidal  shock  wave  motion:'  The  shock  moves  nearly  sinusoidally  but  with  a phase  shift 
relative  to  the  flap  motion.  There  also  exists  a phase  shift  between  the  shock  motion  and  its  strength; 
that  IS,  the  maximum  shock  strength  is  not  encountered  when  the  shock  reaches  its  maximum  downstream  loca- 
tion, as  in  the  steady  case,  but  at  a later  time  during  its  upstream  motion, 

2,  Type  B,  interrupted  shock  wave  motion:'  The  shock  moves  as  in  type  A,  but  now  the  oscillatory 
shock  strength  is  of  the  same  magnitude  as  the  mean  steady  shock  strength.  Hence,  the  shock  weakens  in 
such  a way  that  it  disappears  during  the  downstream-moving  portion  of  its  cycle, 

3,  Type  C,  upstream-propagating  shock  waves:'  A slightly  supercritical  conditions,  shock  waves  are 
formed  that  do  not  oscillate  in  displacement  but  continue  to  propagate  upstream  as  the  embedded  supersonic 
region  vanishes  during  the  flap  motion  cycle. 

Computations  illustrating  these  three  types  of  shock-wave  motion  were  reported  in  Ref.  9 and  are  also 
shown  here.  Results  for  motion  types  A and  B have  also  been  obtained  by  Magnus  and  Yoshihara  (Ref.  3) 
and  made  available  to  us  for  comparison.  These  computations  are  solutions  to  the  Eulerian  gas  dynamic 
equations,  and  the  airfoil  and  flap  motion  boundary  conditions  are  enforced  on  the  airfoil  surface  at 
its  mean  location.  The  Magnus-Yoshihara  procedure  therefore  provides  a more  accurate  treatment  of  the 
problem  than  the  present  method. 

The  computed  results  for  type  A motion,  at  a free-stream  Mach  number  (M„)  of  0.875,  are  compared  in 
Fig,  1.  They  are  qualitatively  similar  to  the  experimental  NLR  results  for  M„  = 0.90.  Note  the  phase 
shift  between  the  computed  shock  wave  location  and  the  flap  motion.  The  maximum  downstream  shock  excur- 
sion does  not  occur  when  the  flap  reaches  its  maximum  downward  deflection,  as  in  the  steady  case.  Note 
also  that  the  shock  strength  is  not  in  phase  with  the  shock  displacement.  The  maximum  shock  strength 
corresponds  to  a time  between  E and  F,  while  the  maximum  downstream  displacement  corresponds  to  a time 
near  0,  The  maximum  downward  flap  deflection  corresponds  to  a time  between  B and  C.; 

The  computed  results  for  type  B motion,  at  Ft.  = 0.854,  are  compared  in  Fig.  2,  These  results  are 
qualitatively  similar  to  the  experimental  NLR  results  for  = 0.875.  In  this  case  the  shock  reaches 
its  maximum  downstream  displacement  at  time  0,  increases  in  strength  at  time  E,  and  then  weakens  at 
times  F and  A such  that  it  totally  disappears  at  time  B.  The  shuck  reappears  at  time  C and  strength- 
ens as  it  moves  again  downstream  to  its  location  at  time  0,  LTRAN2  and  Magnus-Yoshihara  results  agree 
reasonably  well  throughout  the  cycle.  Detailed  comparisons  at  the  points  where  the  shock  is  strongest 
(u)t  = 230°)  and  weakest  (ut  = 50°)  are  shown  in  Fig,  3, 

Type  C motion  computed  using  LTRAN2  for  M.»  = 0.822  is  illustrated  in  Fig,  4.  (Magnus-Yoshihara 
solutions  have  not  been  computed  for  this  case.)  The  shock  motion  is  qualitatively  similar  to  that  of 
the  NLR  experimental  results  at  It.  = 0.85,  A shock  wave  forms  at  some  time  between  C and  0,  then 
strengthens  and  propagates  upstream.  The  forward  motion  of  the  shock  wave  completely  eliminates  the 
embedded  supersonic  region  at  some  time  between  E and  F<  The  upper  surface  flow  is  entirely  subsonic 
from  this  time  until  some  time  just  before  C,  The  shock  wave  continues  to  propagate  upstream  as  shown 
at  times  G,  H,  and  I,  At  time  J,  it  has  disappeared,  probably  dissipated  by  numerical  viscosity. 

The  comparisons  in  Figs,  1-3  of  the  LTRAN2  and  Maqnus-Yoshihara  results  indicate  unexpectedly  good 

agreement  for  the  high  reduced  frequencies  involved  (k  = ^ - 0.468,  0.358),  A possible  explanation  is 

the  following:-  there  are  two  length  scales  in  the  oscillating  control  surface  problem  - the  chord  length, 
c,  and  the  control  surface  length,  c/4,  The  question,  then,  is  which  length  scale  should  be  used  in  the 
expression  for  reduced  frequency,  k.  Fluctuations  in  the  flow  field  occur  primarily  in  the  region  between 
the  shock  wave  and  the  trailing  edge,  a distance  that  is  more  nearly  equal  to  c/4  than  to  c.  Including 
c/4  as  the  proper  length  scale  in  the  expression  for  reduced  frequency  gives  k = uC/4U„  = 0.117  and 
0.0895  for  the  cases  shown  in  Figs.  1 and  2,  respectively.  Both  of  these  values  are  well  wi^.^in  the  low 
reduced  frequency  range, 

LTRAN2,  which  uses  an  implicit  algorithm  to  solve  the  low  frequency  transonic  equation,  Eq.  (1), 
required  8 sec  of  CDC  7600  computer  time  per  oscillation  cycle  to  generate  tne  type  B motion  solution 
shown  in  Fiq,  2,  The  Magnus-Yoshihara  orocedure,  an  explicit  algorithm  applied  to  the  Eulerian  equations, 
required  1500  sec  oer  cycle  on  the  same  machine.  (A  larger  number  of  grid  points  were  used  in  the  LTRAN2 
computations  (7900)  than  in  the  Magnus-Yoshihara  computations  (5484).  However,  Magnus  and  Yoshihara  dis- 
tributed a larger  percentage  of  points  on  the  airfoil  surface,  especially  near  the  shock,  as  shown  in 
Fig.  3).  Some  of  this  difference  is  attributable  to  the  difference  in  the  governing  equations  - the 
Magnus-Yoshihara  procedure  solves  a system  of  four  first-order  partial  differential  equations  (PDE's)  as 
opposed  to  one  second-order  POE  for  the  LTRAN2  procedure.  However,  the  most  significant  contribution  to 
the  substantial  difference  in  run  time  is  the  difference  in  computational  efficiency  between  an  implicit 
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and  explicit  method.;  Furthermore,  halving  the  reduced  frequency  would  double  the  computer  time  required 
per  cycle  for  the  explicit  scheme,  since  the  time-step  restriction  would  remain  essentially  the  same  but 
the  cycle  would  be  twice  as  long.  On  the  other  hand,  the  time  step  could  probably  be  increased  with  the 
implicit  scheme  because  the  unsteady  gradients  would  be  smaller  and  the  time  step  is  based  on  accuracy 
rather  than  stability.  So  the  implicit  approach  would  become  relatively  more  efficient  with  decreasing 
frequency.; 


Wind-Tunnel  Wall  Simulations 


Discrepancies  in  comparisons  of  experimental  and  computational  data  for  transonic  flows  are  most 
frequently  attributed  to  viscous  and  wind-tunnel-wall-interference  effects.  Recall  that  in  both  the 
Magnus-Yoshihara  and  the  LTRAN2  computations,  shock-wave  motions  were  obtained  that  qualitatively  agreed 
with  those  observed  experimentally  at  NLR;  but  the  corresponding  values  of  in  the  computations  were 
all  lower  than  the  experimental  cnes.  In  an  attempt  to  account  for  the  disagreement  and  thereby  reproduce 
the  experimental  results  computationally,  Magnus  and  Yoshihara  (Ref.  3)  repeated  their  computations  with 
a viscosity  model  included.  This  failed  to  produce  the  desired  result,  which  led  them  to  conclude  that 
the  disagreement  between  the  computational  and  experimental  results  was  probably  a wind-tunnel-wall- 
interference  effect..  In  what  follows,  evidence  is  presented  that  indicates  that  this  is  a plausible 
explanation. 

The  object  here  is  to  demonstrate  that  wind-tunnel  walls  can  significantly  affect  airfoil  surface 
pressures,  and  hence  shock-wave  motions,  for  Mach  numbers,  reduced  frequencies,  control -surface  motions, 
and  tunnel  half-height-to-chord  ratios  equivalent  to  those  in  the  NLR  experiments.  (We  make  no  attempt 
to  precisely  model  the  experimental  conditions..  For  such  a computation  detailed  information  about  the 
test  section  geometry  and  unsteady  tunnel  wall  pressures  would  be  required.)  In  the  computed  simulations, 
the  test  section  was  assumed  to  be  infinitely  long,  and  the  walls  were  located  a distance  of  1.528  chord 
lengths  from  the  airfoil  mean  surface,  as  in  the  NLR  experiment.  A 99-point  smoothly-stretched  grid  was 
used  in  the  free-stream  direction.  The  upstream  and  downstream  boundary  conditions  were  $ = 0 (equiva- 
lent to  (jy  = 0,  i.e.,  parallel  flow)  and  <|ix  = 0 (free-stream  pressure),  respectively.-  Because  we  have 
no  way  of  accurately  simulating  the  experimental  wall  conditions,  we  consider  the  two  extreme  cases:  the 
solid  wall  case,  for  which  (jiy  = 0 at  the  wall,  and  the  free-jet  case,  for  which  <>  = 0 at  the  wall.- 
For  both  of  these  cases  a uniform  grid  of  67  points  was  used  in  the  y (stream-normal)  direction.,  Free- 
air  computations  were  also  computed  for  comparison,  and  for  this  case  the  same  y grid  was  used  except 
that  32  smoothly  varying  grid  points  were  added  beyond  |y|  > 1.528  to  remove  the  vertical  boundaries  to 
a distance  of  271  chord  lengths  from  the  airfoil  mean  surface  location. 

Computed  steady  surface  pressures  for  M„  = 0.845  and  zero  control -surface  deflection  are  shown  in 
Fig.-  5.-  Pressures  at  the  location  of  the  tunnel  walls  are  also  shown..  Note  that  the  solid-wall  sh;-:k 
wave  is  stronger  than  the  free-air  shock  wave,  and  the  free-jet  shock  wave  is  weaker.-  Since  the  NLR 
experimental  shock  motions  were  observed  for  higher  Mach  numbers  than  in  the  computations,  the  wind-tunnel - 
wall  influence  must  be  one  that  weakens  shock  waves.  From  the  comparison  shown  in  Fig.;  5,  it  is  clear 
that  the  free-jet  wall  simulation  produces  such  an  effect. 

Computed  free-air  and  free-jet  unsteady  surface  pressures  are  compared  in  Fig.  6 for  M„  = 0.865, 
k = 0.468,  and  a flap  deflection  amplitude  of  1°  (the  solid  wall  flow  field  for  this  case  was  choked).. 

Note  that  the  free-air  shock  motion  is  type  A,  end  the  free-jet  shock  motion  is  type  B.  The  shock- 
weakening effect  of  the  tunnel  walls  is  such  that  a type  B motion  is  observed  for  a value  of  M„  at  which 
a type  A motion  would  occur  if  the  walls  were  not  present. 


EXAMPLE  OF  A SIMPLE  AEROELASTIC  PROBLEM 


In  transonic  flight,  small -amplitude  oscillations  of  a body  can  produce  large  variations  in  the  aero- 
dynamic forces  and  moments  acting  on  that  body.  Furthermore,  phase  differences  between  the  motion  and  the 
resulting  forces  and  moments  can  be  large.-  These  characteristics  tend  to  increase  the  probability  of 
encountering  aeroelastic  instabilities,  making  tne  transonic  regime  a sensitive  one  for  aircraft  flutter.; 

Flutter  boundaries  are  usually  calculated  using  the  following  system  of  equations; 

[M]q  + [C]^  + [K]q  = F(t)  O) 

where  M,  C,  and  K are  mass,  damping,  and  stiffness  matrices,  respectively;'  q is  a vector  that  is  a 
measure  of  the  structural  response;  and  F(t)  is  a vector  of  applied  forces.  The  aerodynamic  response  to 
the  motion,  F(t),  can  be  computed  in  several  different  ways.  For  example,  Eq.  (3)  could  be  integrated  in 
time  simultaneously  with  the  governing  equations  for  transonic  flow.-  The  airfoil  motion  and  aerodynamic 
forces  would  then  be  free  to  drive  each  other.-  Such  an  approach  is  investigated  in  this  section  for  a 
one-dimensional  aeroelastic  problem.  An  alternative  approach,  valid  for  small  amplitude  oscillations,  is 
described  in  the  next  section.- 

Consider  an  NACA  64A006  airfoil  with  moment  of  inertia  I free  to  pitch  about  midchord.-  The  pitch- 
ing motion  is  resisted  by  a torsion  spring  of  stiffness  K and  structural  damping  g.  The  governing 
equation  is 


li  ga  + 'a  = M(t) 


(4)' 


where  M(t)  is  the  aerodynamic  moment  1,  g,  and  K are  all  positive  constants. 

A neutrally  stable  system  (one  that  will  flutter)  can  be  constructed  by  choosing  the  structural  con- 
stants to  balance  the  effect  of  the  aerodynamic  moment.-  For  example,  for  small -amplitude  pitching 
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oscillations  about  midchord  of  an  NACA  64A006  airfoil  at  = 0.88  and  k = 0.1,  LTRAN2  gives 

iCm  I = 0.8617  and  iji  = - 68.87°,  where  |C„  1 is  the  pitching  moment  amplitude,  normalized  by  the 

a 

oscillation  amplitude  in  radians,  and  ♦ is  the  pitching  moment  phase  relative  to  the  motion  (i.e.. 

Cm  = ciQ|Cn)^|sin(  t-<i)).  Assuming  the  airfoil  pitching  motion  is  harmonic,  a = and  substi- 

tuting into  Eq.  (4)  results  in  two  expressions  (the  real  and  imaginary  parts  of  Eq.  (4))  relating  the 
aerodynamic  and  structural  constants:. 

= AslCm^lsin  $ 

*2=1+  AsIC^^icos  4 (5) 

where 

A,  = g/Ii„  = 1.072 
Aj  = K/Iuj'  = 1.414 
A3  = Qc^/Ioo^  = 1.333 
Q = dynamic  pressure 

The  equations  are  satisfied  for  the  values  shown.; 


Having  constructed  an  aeroelastic  system  that  will  flutter,  let  us  now  consider  a series  of  computa- 
tations  for  this  system  in  which  the  structural  damping  is  varied  parametrically.  The  computed  results 
are  shown  in  Fig.,  7;  they  were  obtained  using  LTRAN2  coupled  with  a simple  ordinary  differential  equation 
integration  procedure  for  Eq.;  (4).  The  aerodynamic  and  airfoil  motion  equations  were  integrated  simulta- 
neously. The  motion  was  forced  for  the  first  few  cycles  until  the  pitching  moment  became  periodic,  after 
which  the  airfoil  motion  and  aerodynamic  response  were  left  free  to  drive  each  other..  The  first  cycle 
shown  in  Fig.  7 is  forced  for  all  cases..  The  initial  motion  amplitude  is  = 0.5°.  For  Aj  = 1.072, 

that  is,  the  neutral  stability  point  obtained  using  | = 0.8617  and  4.  =-68.87°  in  Eq.  (4),  the 

motion  is  very  nearly  sinusoidal.  The  small  deviations  from  sinusoidal  behavior  can  be  attributed  pri- 
marily to  nonlinear  effects  and  truncation  errors  in  the  numerical  integration  schemes.  For  other 
choices  of  A;,  the  motion  is  either  damped  or  unstable  for  values  greater  or  less  than  the  value  corre- 
sponding to  the  neutral  stability  (flutter)  point..  For  this  system  to  flutter,  it  is  necessary  that  the 
moment  variation  lead  the  motion,  which  it  does  in  the  nonlinear  case  for  M„  > 0.88..  Linear  (flat-plate) 
theory  does  not  predict  a phase  lead  and  thus  could  not  be  used  in  this  case  to  predict  the  flutter  point. 

A similar  calculation  is  shown  in  Fig.  8.  The  initial  amplitude  in  this  case  is  considerably  larger, 
'iQ  = 1-1/2°,  and  the  Mach  number  is  smaller,  = 0.87;  the  structural  constants  differ  from  those  in  the 
previous  case..  This  example  is  an  extreme  case  that  illustrates  the  nonsinusoidal  pitching-moment  behav- 
ior that  can  result  from  the  large  shock-wave  excursions  encountered  at  relatively  large  airfoil  motion 
amplitudes.. 


AN  EFFICIENT  LINEAR  UNSTEADY  PERTURBATION  APPROACH;  THE  INOICIAL  METHOD 


In  the  introduction  it  was  stated  that  for  aerodynamic  notions  in  which  shock  waves  remain  essen- 
tially fixed,  an  approximation  can  be  made  in  which  unsteady  effects  are  treated  as  linear  perturbations 
about  some  steady-state  condition.  Since  in  many  aeroelastic  calculations  one  need  only  consider  infini- 
tesimal amplitude  motions,  time-linearized  methods  can  be  very  useful.;  To  begin  with,  assume  that  the 
motion  and  force  response  of  some  simple  aeroelastic  system  are  simple  harmonic.  Substituting  the  expres- 
sions q(t)  = qe  and  F(t)  = [A]q  into  Eq.  (3)  leaves 

[K  + iu)C  - u)^M]q  = [A]q  (6) 

The  matrix  [A]  represents  the  dependence  of  the  aerodynamic  forces  on  the  motion  of  the  body.  In  what 
follows,  two  linear  perturbation  methods,  for  determining  this  dependence,  the  harmonic  method  and  the 
indicial  method,  are  described.. 

The  harmonic  method  assumes  that  the  flow  field  for  some  harmonic  aerodynamic  motion  of  frequency  ui 
can  be  expressed  in  the  form 


♦ (x,y,t)  = *g(x,y)  + ei>i(x,y)e^“'^  (7) 

where  41  is  the  disturbance  velocity  potential  and  c is  related  to  the  amplitude  of  the  motion.;  For 
transonic  flows,  the  unsteady  solution,  41  j,  depends  on  the  mean  steady-state  solution,  ^q,  and  on  the 
motion  frequency,  1.  The  mean  steady-state  solution,  tp,  is  the  solution  to  a nonlinear  equation, 
whereas  4,  is  the  solution  to  a linear  equation  obtained  by  substituting  Eq..  (7)  into  Eq..  (1)  and 
neglecting  terms  in  e-..  Since  the  unsteady  perturbation  is  linear,  multiple  degree-of-freedom  aeroelastic 
systems  can  be  treated  by  considering  each  degree  of  freedom  independently  and  superposing  solutions.; 

The  harmonic  approach  (Refs.  11-14)  has  the  advantage  that  the  unsteady  solution,  .^1,  can  be  obtained 
using  the  same  transonic  relaxation  procedure  used  to  compute  the  steady-state  solution.;  It  has  the  disad- 
vantage that  a complete  finite-difference  flow-field  computation  must  be  performed  for  each  motion  fre- 
quency of  interest. 
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The  indicial  method  (Refs.;  15  and  16)  has  the  advantage  that  from  a single  flow-field  computation, 
the  indicial  response,  solutions  can  be  obtained  for  all  frequencies  with  the  aid  of  Ouhamel's  integral.; 
For  example,  consider  some  arbitrary  variation  of  angle-of -attack  a as  a function  of  time  and  suppose 
that  the  indicial  lift  coefficient  response  to  a unit  change  in  a,  (t),  is  known.;  Then  the  lift 
coefficient  response  to  the  arbitrary  variation  of  a is  “ 


C,(t)  = C.  a(0) 


*/' 

Vo 


VO  A, 


i(t  - t)  di 


(8) 


That  is,  once  the  indicial  response  to  a given  motion  mode  is  known,  then  the  lift  coefficient  response  to 
an  arbitrary  variation  of  that  type  of  motion  is  given  by  Eq.  (8).  Multiple-motion  mode  problems  can  be 
treated  by  considering  each  mode  separately  and  then  superposing  solutions,  as  for  the  harmonic  approach.; 
For  a given  mode,  the  integral  in  Eq.  (8)  must  be  evaluated  for  each  motion  frequency  of  interest.  The 
cost  is  negligible  compared  with  the  cost  of  the  complete  finite-difference  flow-field  computation 
required  by  the  harmonic  method.; 

Indicial  responses  were  computed  using  LTRAN2  for  the  control -surface  deflection  problem  that  produced 
the  three  types  of- shock  wave  motion  discussed  previously.-  Lift  and  moment  coefficients  were  then  computed 
using  Duhamel's  principle  and  the  results  compared  with  results  obtained  by  the  LTRAN2  time-integration 
procedure  that  produced  the  surface  pressures  shown  in  Figs.  1-4.-  This  comparison,  shown  in  Fig.  9,  indi- 
cates chat  the  linear  perturbation  assumption  is  valid  in  the  cases  with  weak  shock  waves,  corresponding 
here  to  shock  motion  types  B and  C,  even  though  the  shock-wave  motions  are  irregular.  However,  the 
assumption  breaks  down  in  the  type  A case,  because  of  the  presence  of  a relatively  strong  moving  shock 
wave.; 


CONCLUDING  REMARKS 


An  alternating-direction  implicit  algorithm  for  solving  the  low-frequency  transonic  equation  forms 
the  basis  of  a computer  code,  LTRAN2,  which  is  a computational  tool  designed  to  assist  aerodynamicists  in 
developing  an  understanding  of  unsteady  transonic  flow  phenomena.-  LTRAN2  is  efficient,  flexible,  and 
capable  of  correctly  simulating  inviscid,  nonlinear  unsteady  effects,  including  shock-wave  motions.  Com- 
puter run  times  for  typical  cases  are  usually  less  than  1 min  on  a CDC  7600  computer.  The  code  can  be 
easily  applied  to  a wide  class  of  airfoils  and  airfoil  motions  because  of  the  simplified  treatment  of 
boundary  conditions  offered  by  small -disturbance  theory.  However,  LTRAN2  cannot  be  used  to  provide  pre- 
cise predictions  of  aerodynamic  loads..  Such  a capability  is  beyond  the  present  state  of  the  art  and  will 
remain  so  until  methods  are  developed  for  the  proper  treatment  of  viscous  effects. 

Sample  computations  have  been  presented  here  for  three  sample  problems  to  illustrate  some  of  the  ways 
a code  like  LTRAN2  can  be  used  to  solve  unsteady  transonic  flow  problems.-  The  first  problem  is  the  compu- 
tation of  the  unsteady  transonic  flow  field  produced  by  an  airfoil  with  an  oscillating  control  surface.. 
Solutions  have  been  obtained  that  illustrate  the  three  types  of  shock-wave  motion  that  have  been  observed 
experimentally  for  this  airfoil  motion..  However,  the  free-stream  Mach  numbers  at  which  these  three  motions 
occurred  were  all  lower  than  in  the  experiment.  Additional  computations  that  include  wind-tunnel -wall 
simulations  were  also  obtained;  they  indicate  that  wind-tunnel -wall  interference  could  have  produced  this 
discrepancy.- 

The  second  problem  is  a simple  aeroelastic  one  in  which  the  structural  motion  equations  and  flow- 
field  equations  were  integrated  simultaneously  in  LTRAN2;'  that  is,  the  airfoil  motion  and  the  aerodynamic 
and  structural  responses  to  the  motion  were  all  free  to  drive  each  other,.  Solutions  presented  illustrate 
both  stable  and  unstable  aeroelastic  interactions.- 

Finally,  the  use  of  LTRAN2  to  obtain  solutions  by  the  indicial  method  has  been  described.  This 
approach  can  be  efficiently  applied  to  aeroelastic  computations  because  solutions  for  many  reduced  fre- 
quencies can  be  obtained  from  a single  finite-difference  flow-field  computation.; 
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(a)  Airfoil  surface. 

(b)  Wind  tunnel  wall. 

Fig.  5 Steady-state  pressure  coefficients. 
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CALCUL  NUMERIQUE  D'ECOULEMENTS  TRANSSONIQUES  INSTATIONNAIRES 
par  Alain  LERAT*  et  Jacques  SIDES 


Office  National  d'Etudes  et  de  Recherches  Airospatiales  (ONERAI 
92320  ChStUion  ■ France 


R^um6 

On  prisente  une  m6thode  aux  diff6rences  finies  pour  calculer  des  ^coulements  transsoniques 
d'un  fluide  parfait  autour  d'un  profil  anitn^  d'un  mouvement  quelconque  de  corps  solide.  Les 
Equations  bidimensionnelles  instationnaires  d'Euler  sont  r^solues  sous  forme  conservative,  dans  un 
plan  transform^  difini  par  un  changement  de  coordonn^es  dependant  du  temps.  Le  schema  numi- 
rique  utilise,  dans  le  domaine  d'espace,  plusieurs  variantes  du  schema  de  MacCormack  convena- 
blement  raccord^es.  Le  maillage  est  raffing  au  voisinage  des  ondes  de  choc.  La  condition  de  glis- 
sement  est  satisfaite  sur  la  surface  exacte  du  profil  et  la  condition  d I'infini-aval  prend  en  compte 
le  fait  que  l'4coulement  n'est  pas  homentropique.  La  m^thode  est  appliqu4e  au  calcul  de  I'^cou- 
lement  instationnaire  autour  du  profil  NACA  0012  en  oscillation  d'incidence  d Mach  0,8. 


NUMERICAL  CALCULATION  OF  UNSTEADY  TRANSONIC  FLOWS 


Abstract 

A finite  difference  method  is  presented  for  the  calculation  of  inviscid  transonic  flows  over 
an  airfoil  in  arbitrary  rigid  body  motion.  The  two-dimensional  unsteady  Euler  equations  in 
conservation-law  form  are  solved  in  a transformed  plane  defined  through  a time-dependent  mapping 
The  numerical  scheme  makes  use  of  several  variants  of  MacCormack  scheme  in  the  space  domain 
with  suitable  matchings.  A mesh  refinement  is  used  in  the  vicinity  of  shock  waves.  The  slip 
condition  Is  satisfied  on  the  exact  airfoil  surface  and  the  boundary  condition  at  downstream 
infinity  takes  into  account  the  rion-homentropy  of  the  flow.  Calculations  are  made  of  the  unsteady 
flow  over  the  NACA  0012  airfoil  oscillating  in  pitch  at  Mach  0.8. 

An  English  translation  of  this  paper  is  available  as  TP  ONERA  n°  1977-I9E. 


1 - INTRODOCnON  - 

II  est  bien  oonnu  que  les  ^coulements 
transsoniques  Instationnaires  ne  peuvent  en 
grfn^ral  etre  calculus  aveo  une  precision  suf- 
flsante  k partlr  de  la  th^orie  lln^alre,  dans 
laquelle  ils  sont  consld^r4s  oomme  une  petite 
perturbation  d'un  ^oouleraent  statlonnalre 
unlforme.  La  th^orie  lin^alre  peut  Stre  am^lior^e 
par  une  linearisation  des  equations  Instation- 
naires autour  d'un  etat  statlonnalre  non  unlforme. 
Cette  approohe  a ete  utlllsee  de  dlfferentes 
manleres  par  Ehlers  [ 1 J Traci,  Albano  et  RirrL2], 
Chan  et  Brasheai's  [ 3 ] et  Kimble  [4  jpour  calculer 
I'ecoulement  transsonlque  autour  d'un  profil  en 
oscillation  harmonlque  de  falble  amplitude.  Dans 
oes  travaux,  on  determine  d'abord  une  solution 
statlonnalre  dc  1 'equation  du  potentlel  de 
petltes  perturbations,  puls  on  resout  la  forme 
Instationnaire  llnearlsee  de  cette  equation, 
dont  les  coefficients  dependent  de  la  solution 
statlonnalre  *.  La  methods  numerique  est  celle 


• Une  methode  semblable  a ete  developpee  k 
l'C*fERA  par  Penaln  et  Ouiraud-Valiee  pour  les 
ecoulements  subsoniques  instationnaires,  mals 
en  llnearlsant, autour  d'une  solution  station- 
nalre,l' equation  complete  du  potentlel. 


des  differences  finies  dans  [l]  , [ 2 ] et  celle 
des  elements  finis  dans  [3]  et  [4]  . Beam  et 
Warming  [5]  ont  une  approche  quelque  peu  dlf- 
ferente,  car  ils  resolv'  t les  equations  d'Euler 
completes  pour  un  chang  jnt  brusque  d'incidence 
et  en  dedulsent  la  "reponse"  de  I'ecoulement  a 
des  oscillations  harmonlques  du  profil  k I'alde 
de  la  methods  Indlolelle,  ce  qui  n'est  valable 
que  pour  des  amplitudes  falbles.  D'autre  part, 

1 equation  non  linealre  instationnaire  du  poten- 
tlel de  petltes  perturbations  a ete  resolue 
gAoe  i des  extensions  de  la  methode  de  Murman 
et  Cole  par  Ballhaus  et  Lomax  [6  ] et  egalement 
par  Caredonna  et  Isom  [7j  . Les  premiers  ont 
oalouie  I'ecoulement  autour  d'un  profil  mis 
Instantanement  en  translation  et  aussl  autour 
d'un  profil  d'epaisseur  crolssante.  _es  seconds 
ont  determine  et  resolu  une  equation  approchee 
reglssant  I'ecoulement  trldlmensionnel  s'etablls- 
sant  au  voisinage  de  I'extremite  d'une  pale  de 
rotor  d'heiiooptere  en  vol  d'avanoement. 

Les  equations  instationnaires  d'Euler  ont 
ete  resolues  par  Laval  [81  , Beam  et  Warming  [9], 
Magnus  et  Toshihara  [10], [ll]  . Dans  le  travail 
[8],  i'ecoulement  autour  d'un  profil  symetrique 
en  oscillation  dans  une  tuyere  est  obtenu  k 
I'aide  d'un  schema  aux  diff'rences  a pas  frac- 
tlonnalres  ; cortaines  proprletes  approohees  de 


* Ecole  Nationals  Supeneure  d'Arts  et  Mitiers.  75640  Pans  Cidex  13  et  Laboratoire  de  M6camque  Thtonque.  University  Pans  VI  Collaborateur  exty 
rieur  de  I'ONERA 
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symetrie  et  d'antisym^trie  de  I'ecoulement  sont 
utilJsees  de  fagon  a ne  oalouler  la  solution  que 
dans  une  moitie  du  domaine  d'espaoe.  Dans  le 
travail  [9I  , I'dooulement  autour  d'un  profil 
osoillant  est  oaloule  en  tant  qu'exemple  d'ap- 
plioation  d'un  nouveau  schema  Impliclte  imagine 
par  les  auteurs  et  la  condition  limite  sur  le 
profil  est  imposde  sur  la  li^e  moyenne,  ce  qui 
suppose  que  le  profil  est  mince.  Le  travail  [l(^ 
foumit  de  nombreux  resultats  numeriques  relatifs 
a I'ecoulement  instationnaire, autour  d'un  profil, 
dQ  a un  char.gement  brusque  de  1 'angle  d'inc’Jenoe 
ou  de  sa  vitesse  de  variation,  ou  encore  dCt  a une 
Evolution  sinusoldale  de  1 'angle  d' incidence. 

Dans  ce  travail  comme  dans  [8]  . la  condition 
limite  est  satlsfaite  sur  un  contour  fixe  ayant 
la  form’  du  profil.  Le  travail  [ll]  est  une 
extension  de  [lO]  tenant  oompte  d'effets  de  depla- 
cement visqueux  pour  le  probleme  de  I'dcouleraent 
autour  d'un  profil  muni  d'oi'e  gouveme  osoillEuite. 
On  pourra  trouver  une  discussion  des  diverses 
methodes  dans  la  r^fdrence  [l2]  . 

Dans  le  present  article,  nous  ddcrivons  une 
mdthode  de  oaloul  d'ecoulements  transsoniques 
instatlonnaires  autour  d'un  profil  anlme  d'un 
mouvement  queloonque  d corps  sollde.  Les 
equations  d' Euler  bidimenslonnelle'-  sont  rdsolues 
sous  forme  conservative  a I'aide  d'une  m^thode 
aux  differences  flnies,  dans  un  plan  transforrae 
ddfini  par  un  changement  de  coordonnees  dependant 
du  temps.  Le  schema  num^rlque  utilise,  dans  le 
domaine  d'espace,  plusieurs  varlantes  du  schema 
de  MacCormaok  oonvenablement  raocord^es.  Le 
maillage  est  raffing  au  voisinage  des  ondes  de 
choc.  La  condition  de  glissement  est  satlsfaite 
sur  la  surface  exacts  du  profil.  Au  bord  de  fuite, 
on  impose  seuleraent  la  contlnuit4  de  la  presslon. 
La  condition  k I'lnflnl-aval  prend  en  oompte  le 
fait  que  I'ecoulement  n'est  pas  homentropique  en 
aval  des  chocs.  La  methods  est  appllqu^e  ioi  au 
oaloul  de  I'ecoulement  autour  du  profil  NACA0012 
en  oscillation  d'indloenoe.- 

2 - EQUATIONS  REGISSANT  L'ECOULEMENT  - 

On  considers  un  eooulement  transsonuque  plan 
autour  d'un  profil  anime  d'un  mouvement  quel- 
oonque de  corps  sollde  par  rapport  au  oourant 
non  perturbe.  On  adraet  que  le  fluids  est  parfait 
mais,  dans  le  but  de  oalouler  predsement  les 
ondes  de  choc,  on  ne  suppose  pas  que  I'eooule- 
ment  est  isentroplque  . L'^couleraent  est  done 
r^gi  par  les  equations  d' Euler  completes.  Dans 
un  systfeme  de  coordonnees  oarteslennes  absolues 
X,  y , au  repos  par  rapport  au  oourant  non 
perturbe,  ces  equations  peuvent  s'ecrire  sous 
forme  conservative  : 

( Ij  ^ 0 

at  U 


^ designant  la  masse  volumique,  la  presslon 
^ et  V les  oomposantes  de  la  vitesse  absolue, 
et  E.  r e + V*)  I'energie  totals  speoi- 

fique.  L'energie  interne  specifique  «.  est 
reliee  a (>  et  a ^ par  1' equation  d'etat  : 

(3)'  e : c(  t’l'?) 


Dans  les  equations  preeddentes,  a*,  et  v sont 
normalises  par  la  vitesse  Vco  du  oourant  non 
perturbs,  ^ par  la  masse  volumique  du  ^ 
co-rant  non  perturbe,  (»  par  « E P^r  , 

It.  et  par  la  oorde  t du  profil  et  le  temps 
par  c/  . 

3 - CHANGEMENT  DE  COORDONNEES  DEPENDANT  DU  TEMPS  - 

On  oherche  une  solution  faible  du  systems 
hyperbolique  (1)  assooie  a des  conditions 
initiales  et  des  conditions  aux  liroites.  Le  do- 
maine d'espace  est  la  partie  non  bomee,exte- 
rieure  au  profil  ; ce  domaine  dvolue  deins  le 
temps.  Pour  pouvoir  imposer  correotement  la 
condition  limite  sur  le  profil,  on  transforms  le 
domaine  d'espace  en  un  domaine  fixe  et  simple  au 
moyen  d'un  changement  de  coordonnees  T(t)  depen- 
dant du  temps,  oo..ipose  des  deux  applications  : 


X' 

T,(t^ 

'x  - 

i 

y -- 

L'applloatlon  dependant  du  temps,  as- 

socie  aux  coordonnees  absolues  x,  y d'un  point 
M,  ses  coordonnees  cartes!  ennes  > '’Z  dans  un 

repfere  lie  au  profil,  coincidant  aveo  le  repere 
absolu  au  temps  initial  t = 0 . Par  consequent, 
Th  U)  est  une  fonotlon  dormee  decrlvant  le 
mouvement  de  sollde  du  profil  et  elle  est  telle 
que  est  I'ldentite.  L'application  T 

transforms  I'exterleur  du  profil  (fixe  dans  le 
repere  relatif)  en  un  rectangle,  comme  I'ir.dique 
la  figure  1.  Par  suite,  est  une  transforma- 

tion georo^trique  du  type  de  oelles  utilis^es  dans 
les  calculs  d'ecoulements  autour  d'un  profil 
fixe. 


Fig  / - Changement  de  coordonnies 
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Avec  les  nouvelles  oo, rdonn^es,  le  systeme  (l) 
■j'eorlt  : 


3w+3X^w  + 3y^+W  VW  ^ 3f  (v,) 

3t  Jt  ^ ay  ax  »X  an  ay 

+ aj(  ^(w)  . 

aa  ax  aj  ay 


Vi  viand  [ij]  a montre  que  (4)  peut  aussi 
s'expriraer  sous  la  forme  d'une  divergence,  comme 
dans  le  oas  classique  d'un  changement  de  ooordon- 
ndes  independent  du  temps  : 


(5)' 


aW  ^ 3F(W)^aG(V()  , n 
n a—  * ay-  ' ^ 


,(6): 


Wriv  > 

a> 


6(w)  -.  ly  W + ifay  f(»W)* ayjcaw)] 
at  aLax  5*  J 


ou  S>  I est  le  Jaoobien  de  la 

transformation  T(t)  . 

On  peut  faire  les  remarques  suivantes  : 

a)  Bien  que  les  equations  (5)  soient  ecrites 
dans  un  repfere  relatif  lie  au  profil,  les 
inooijiues  de  base  (composantes  de  W)  restent 
exprimees  a I'aide  des  oomposant.s  oartesiennes 
u,  V de  la  vitesse  absolue. 

b)  Le  Jaoobien  <2^  eat  independent  du  temps.  a» 
effet,  o' est  le  produit  du  Jaoobien  de 

et  du  Jaoobien  de  » ob 

X>-i  est  toujours  dgal  k 1,  car  11  correspond 
k un  mouvement  de  sollde,  et  ne  depend  pas 
du  temps  comme  T^. 

o)  Les  expressions  (6)  peuvent  se  simplifier  [l4] 
si  l' equation  d'etat  est  une  fonotion  horaogfene 
de  degre  zero  en  f>  et  ^ , c'est-i-dire  si  : 

(7)  r 6 (►,4.'),  pour  tout  scalaire  A. 

Dans  ce  oas,  on  a ; 

F(Av)  > AF(w)  , g(Avf)  s>g(w') 


d'ou  i 

f(w)  . W,  |Xf(W)^JX  J(w) 

(8)  ^ lx  5J 

G(w) . ^ nw)t  »y 

' ' 5V  ■»*  ^ 


Par  exemple,  les  formules  (8)  s'appllquent 
dems  le  oas  d'un  gaz  parfalt  & chaleurs  specl- 
fiques  oonsteintes  ( « s J- 


4 - METHODE  AUX  DIFFERENCES  FINIES  - 

resout  le  systems  (5)  en  utilisant,  dans  le 
plan  X,  Y,  plusieurs  des  quatres  varlantes  du 
schema  de  NacCormack  [15]  . Ces  varlantes  peuvent 
s'ecrire  : 


(9. a) 


(9.b) 


rvj  'Ml 

- 


inti 

W I 1 
V,).  2 


w. 


/ 'n  + i 


AUF' 

- f",  .] 

- Tx 

OV  V 

4t 

1 XA 
&■ 

' Ay 

' ‘ibl-iy 

At/ 

p'wl 

■ Ax' 

At| 

[6""^  - 

G . . . 

" Ay 

A, 

Les  indices  superieurs  se  referent  auc  temps 
t*’  et  t"“^=  oil  At  est  le  pas 

de  temps  (qui  peut  dependre  de  n ) . Les  indices 
inferieurs  sont  relatifs  aux  points  d'un  maillage 
spatial  reotangulaire  X^  r a AX  , V>  » * ou 
Ay  et  Ay  sont  des  pas  d'espaoe  constants  ; 
£;<  et  £y  sont  des  parametres  prenant  les 
valeurs  0 ou  1.  Une  variants  du  schema  corres- 
pond k un  ohoix  de  ces  parametres.  Les  veoteurs 
F7,,  : F(w'0  et  sont 

oalouies  e I'aide  des  formules  (6)  ou  (8)  dans 
lesquelles  les  derlvdes  de  X et  Y sont  prises 
au  point  ^et  e 1' instant  t“".  Le 

caloul  des  vectcurs  FT*.  =F(wT*I)  et 
G ^ G W * a ) s effectue  de  meme  en  prenant 
les  aerivees  de  X et  Y au  temps  t'*'*^  . 


Les  derlvees  de  X par  rapport  e t,  x.  et  y 
peuvent  s' exprimer  en  function  des  ddrlv^es  des 
transformations  U)  et  : 


(lOJ 


>X  . >X  > 5 ^ 


>t 


> 


5L 

n 


. >x  >5  ♦ 
T5  n 


VL  11 

H »>t 


> 


*>L  . IX.  15  + 

H 95 


>x  >» 


> 


et  on  a des  relations  analogues  pour  les  d^riv^es 
de  Y.  Les  derlvees  de  S et  par  rapport 

4 t , X et  y sont  calculables  4 parti r de 
la  donn^e  du  mouvement  du  profil.  Les  ddrlvdes 
de  la  transformation  T2  peuvent  s'ecrire  en 
fonotlon  des  derlvees  de  la  transformation 
Inverse  : 


*x  _ 

% 

ax 
8 

n 

ay 

»y 

-»il2 

> 

JOzli.  , 

ax 

5^ 

a»t( 

= 

12 

- 11  12V- 

i ■»}( 

>y 

sy  ay) 

On  peut  alors  approoher  les  derlvees  de  ^2 
par  des  differences  centrees  dans  le  maillage 
rdgulier  des  points  (x.  V.  ^ -On  obtlent  par 
exemple  : ' * ' 


(12) 


>4*4,  ^ 


ikX 


* 0(AX‘) 


Mpnffn 
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Comne  la  transforaatlon  ne  depend  pas  du 
temps,  le  oalcul  d^orlt  par  les  formules  (ll)  et 
(12)  peut  n'Stre  effectu^  qu'une  seule  fols.  II 
est  Int^ressant  de  remarquer  qu'll  n'est  pas 
n^oessalre  d'utiliser  une  expression  analytique 
de  la  transformation  g^om^trique  Tj^  . II  faut 
simpleraent  se  donner  les  points  • 


La  methods  aux  differences  (9)  associee  i 
(6),  (10),  (11),  (12)  est  precise  au  second 
ordre  dans  le  plan  de  calcul,  X,  Y.  Dans  le  plan 
physique  x,  y,  la  precision  depend  de  la  regula- 
rite  de  la  transformation  Tj  . Le  pas  de  temps 
est  limlte  par  une  condition  de  stabllite  du 
type  Courant-  Friedrlohs»Lewy,  comrae  pour  tout 
schema  expllclte. 

On  salt  que  les  proprietes  dlsslpatives  du 
schema  de  MacCormack  dependent  du  cholx  de  la 
varlante.  Ceol  a pu  Stre  expllque  dans  [l6]  pour 
le  systfeme  unidlmensionnel  de  la  dynamlque  des 
gaz.  Pour  le  systfeme  (5)  i deux  dimensions 
d'espace,  nous  avons  constate  dans  le  cas 
statlorinalre  que  les  meilleurs  resulLats  nurae* 
riques  sont  obtenus  lorsque  les  differences 
flnles  intervenant  dans  le  oorrecteur  (9.h)  sont 
decentrees  vers  I'amont.  Pour  satisfalre  au 
mleux  oette  condition,  on  partage  le  doraaine 
d'espace  en  plusieurs  regions  et  dans 

chacune  d'elles,  on  utilise  une  variante  du 
schema  (9).  On  peut  reallser  facllement  le 
raceord  entre  deux  variantes  et  as- 

sooiees  k des  reglonr"  volslnes  et 

sans  abalsser  I'ordre  de  precision.  11  suffit 
pour  cela  de  blen  exprimer  les  predioteurs 

intervenant  dans  le  oalcul  d'un  point 
M*  . s (X>,'/i')  volsln  de  la  frontlkre 
entre  ' et'jc>»i  .Par  exemple,  si  le  calcul 
de  point  voisin  de  Pk 

et  sltue  dans  3L>>  fait  intervenlr  un  predloteur 
en  un  point  situe  dans 

jC  , ce  pMdlcteur  dolt  etre  evldemment 
determine  k I'aide  de  V),  et  non  de  Vr*i 


5 - CALCUL  DES  CHOCS  - 

Pulsque  nous  avons  ohoisi  la  foimte  conser- 
vative oorreote  des  equation-  d' Euler,  le  schema 
aux  differences  finies  approche  les  solutions 
falbles  des  equations  aux  derlvees  part  idles  et 
permet  de  calculer  des  chocs  satlsfaisant  les 
bonnes  relations  de  saut.  II  est  toutefols  neoes- 
salre  d'ajjuter  un  terme  dissipatlf  au  schema 
de  MacCormack  (9)  pour  amortir  les  oscillations 
parasites  apparalssant  dans  le  profll  numerlque 
des  chocs.  On  peut  etendre  I'utlllsatlon  du 
terme  de  visoosite  artlflclelle  de  Lax-Wendroff 
au  cas  du  schema  de  VacCormack  comme  dansflk^. 
MaJs,ce  type  de  viscosite  artlflclelle  eot  trks 
eouteux  en  temps  de  calcul.  Nous  utilisons  id 
une  vlscoslte  artlflclelle  plus  simple  qul 
revlent  k remplaoer  dans  I'equatlon  (9»b),  les 
coraposantes  vj(*'du  vecteur  Vi  par  s 


♦ 3b  ( I Aywf').  I 

iy  3D  7 7, 


oil  et  (respeotivement  A y et  Vy  ) 

sont  les  operateurs  aux  differences  deoentres 
avance  et  retarde  dans  la  direction  X(resp.Y) 
est  une  composante  du  vecteur 


= Xysont 

cositifs  pouvant  ddpendre 


pos 
exemple 


des  coefficients 

'pouvant  dep'endre  de  u et  ^ . Par 


rW, 


/ M.  \iW/  » \ 


L'equation  equlvalente  (au  Jeme  ordre  pres)  au 
schema  (9)  aveo  la  viscosite  artlficielle  (13) 
peut  s'ecrlre  : 


n 


it'  (t) 
^I(w)  „ J^W) 
n >y 


E(t) 

t lx  ' 


* 


ou  k = 1,  2,  3,^  *t  est  la  somme  de  tons 

les  termes  du  second-ordre  venant  du  schema  sans 
visoosite  artlflclelle.  Le  schema  aveo  visoosite 
artlficielle  reste  done  precis  au  second  ordre. 

Le  terme  non  llnealre(13)  est  parti oullferement 
efficaoe  dans  les  zones  de  choc,  ofi  les  gradients 
des  quantltes  physiques  sont  grands. 

On  ameilore  aussl  la  representation  numerlque  des 
cho.s  en  raffinant  le  maillage  dans  les  tones  de 
choc.  Ceci  est  realise  en  modlflant  la  transfor- 
mation de  sorte  que  le  maillage  reste  uni- 
forms dans  le  plan  de  calcul  X,y  . Cette  modi- 
fication ne  requiert  qre  quelques  Interpolations 
et  quelques  oalouls  de  oertaines  derlvees  de  la 
transformation  deflnles  au  ? 4.  Si  le  choc  se 
deplace  peu  par  rapport  au  profll,  on  peut 
n'effectuer  qu'une  seule  fois  le  rafflnement  du 
maillage  autour  de  la  position  moyenne  du  choc, 
sinon  il  faut  I'effeotuer  de  temps  en  temps  pour 
que  la  region  d«  maillage  fin  suive  I'onde  de 
choc . 


6 - CONDITIONS  INITIALES  ET  AUX  UNITES  - 

a)  Au  temps  t = 0,  on  se  donne  comme  ecoulement 
initial,  I'ecoulement  stationna<re  autour  du 
profll  au  repos  dans  sa  position  de  depart 
( 5 r * , "Z  = ■*i  ) .'  Lorsqu'on  s'lnteresse  k un 

raouvemenl  perlodique  du  profll,  on  cholslt 
I'ecoulement  Initial  correspondant  k 1' Incidence 
moyenne  du  profll.  Dans  tous  les  cas,  I'ecoule- 
ment stationnalre  Initial  peut  etre  calcuie  par 
la  presente  methode,  en  1 'uti  lisant  comme  une 
raethode  Instatlonnalre  permettant  d'attelndre 
un  etat  stationnalre  k partlr  de  donnees 
Inltlales  arbltraires. 


b)  Sur  le  profll,  la  condition  de  gllssement 
impose  que  la  Vitesse  absolue  du  fluids  et  cells 
du  profll  alent  les  mSmes  composantes  r.oimales, 
c'est-a-dlre  : 


(15) 


(S'-*  y\ 


s*-iy_a_  , 


pulsque  l'equation  du  profll  est  Y *x,  y ; i)=  0. 

L'algorlthme  de  calcul,  pour  u.n  point  du 
maillage  sltue  sur  le  profll,  est  alors  le 
sulvant  : 
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On  caloule  d'abord  des  oomposantes  provlsoires 
XT  et  V de  la  vitesse  absolue  du  fluide,  k 
I'aide  d'un  schema  n'utilisant  que  des  dif- 
ferences decentrees  dans  la  direction  Y.  On 
determine  ensuite  la  vitesse  tangentielle  absolue 


(16)' 


‘ »»■ 


E&ns  le  calcul  de  I'ecoulement  statinnnaire 
initial,  on  impose  les  conditions  de  i'ecoulement 
non  perturbe  sur  la  frontiere  lointaine  ( P ) 
sauf  sur  sa  partie  aval  ( S ),  - voir  figure  J 
Plus  predsement,  les  conditions  limites  sur  ( p ) 
sont  les  suivantes  : 


(19), 


f > I''  I - '(® » ^ ' 5<»  r*-2 


et  on  remplace  la  vitesse  normale  absolue  par 
> de  sorte  que  les  valeurs  finales  des  compo- 
santes  de  la  vitesse  absolue  s'^crivent  : 


oil  Zg,  est  la  direction  de  i'ecoulement  non 
perturb^,  et 


(17) 

(18) 


. (s2.v.2)|c-yr* 


(20)  |>  = » T//Xg,  , lly.1  = 0 , 2l  c 0 »»r  I ■. 

■Jr 


Dans  ces  formules,  les  d^rlv^es  et 

doivent  Stre  exprim<!es  en  fonction  des 
d^riv^es  des  transformations  TitO  et 
au  54. 


T 2 oonme 


On  remarquera  que  ce  proc^d^  de  calcul  ne 
fait  pas  intervenir  les  courbes  X { $ , '<2  )=  cte; 
en  particulier,  il  ne  n^cessite  pas  I'utilisation 
d'un  maillage  curviligne  orthogonal  dans  le  plan 

• 

o)  Au  bond  de  fuite,  on  satisfait  la  condition 
de  Kutta-Joukowski  en  imposant  Ic.  continuity  de 
la  pression.  Pour  cela,  on  eholsit  at  voisinage 
du  bond  de  fuite,  les  points  du  maillage 
( )■  ) oomrae  il  est  indiquy  sur  la 

figure  2.  Oi  note  A*  et  A.  les  points  du  mail- 
lage les  plus  pr4s  du  bond  de  fultej_  On  calcule 
d'abord  des  veoteurs  provlsoires  W+.  en  A+ 
et  vy.  en  A . k I'aide  du  schyma  (9).  On 
dytermlne  ensuite  la  raoyenne  des  pressions 
et  dydultes  de  W-*-  et  On  construit 

alors*  des  veoteurs  dyflnltlfs  Wt  et  W.  k 
partlr  de  la  pression  moyenne  ► et  aussl  des 
masse  volumlque  et  quantltys  de  mouvement  volu- 
mique  donnkes  par  les  vecteurs  provlsoires  res- 
pectifs,  Les  vecteurs  'Wt  ne  different  done  des 
vecteurs  que  par  leur  quatrlkme  composante 
dans  laquelle  I'ynergle  interne  a yty  recalcuiye 
avec  la  pression  moyenne  ^ 


Fig.  2 - Allure  du  maillege  eu  misinege  du  hard  de  fuite 
dins  le  fkin  (,  i) 

d)  A I'infinl,  I'ycoulement  Initial  n'est  pas 
perturby  car  les  perturbations  se  propagent  a 
vitesse  rinie  et  la  solution  numyrique  ne  peut 
etre  calcuiye  que  penda  it  un  intervalle  de  temps 
flnl.  Pratlquement,  on  Introduit  une  frontikre 
lointaine  ( T ) sui-  laquelle  on  maintient  I'ycou- 
lement stationnalre  initial.  ^ ytirant  le 
maillage  k mesure  que  I'on  s'yearte  du  profll,  on 
place  la  frontlkre  ( P ) suffisasment  loin  pour 
que  les  perturbations  ne  I'attelgneut  pas  durant 
1' intervalle  de  temps  considyry. 


7 - RESULTATS  NUMERIQUES  - 

La  raythode  a yty  appliquye  au  calcul  de 
I’ycoulement  autour  du  profll  NACA  0012  en 
oscillation  d'incldenoe  autour  d'un  xe  sltue 
au  quart  de  la  oorde,  k partlr  du  bord  d'attaque. 
Le  fluide  est  suppose  Stre  un  gaz  parfait  k 
chaleurs  spyciflques  oonstantes  de  rapport  1(  =1,4. 
Le  notnbre  de  Mach  de  i'ycoulement  non  perturbe 
est  0,8  et  I'angle  d' incidence  varle  selon  la  lot; 


(21)  ^<(1)  » i<o  + O' 

oil  = 1'25,  a = (/,  et  la  pulsation 

ryduite  ju,-  10  ( t est  le  temps  ryduit). 

La  transformation  est  done  dyfinle  par: 


(22) 


4 ''S, 

1'  <1 
1/4. 


La  transformation  T^est  dydulte  de  la  trans- 
.'ormatlon  conforme  de  I'extyrieur  du  profll  en 
I'intyrl  ur  d'un  cercle  [17J  *.  Le  maillage  oblenu 
dans  le  plan  physique  est  montry  partlellement  sur 
la  figure  4.  La  frontiere  exterleure  ( f ),  non 
vlulwlc  sur  cettc  rlscco  approxirna- 

tivement  k ur.e  u. -tar.ee' d-  6 cordea  d-  profit.  Lc 
maillage  est  rafflne  autour  des  posl cions  raoyennes 
des  deux  ondes  de  choc  apparaissant  dans  I'ecoule- 
ment.  Les  deux  zones  de  maillage  fin  ptuvent  etre 
choisles  fixes  dans  le  plan  5,  '*1  . oar  le  depla- 
cement des  ondes  de  choc  est  faible,  en  raison  de 
la  fryquenoe  yievye  des  oscillations  du  orofil. 

Le  maillage  comporte  un  nombre  total  de  144  x 20 


Le  programme  que  nous  avons  utllisy  a ety  mis 
au  point  k I'ONERA  par  D.O,.iraud-Valiye. 


•'*  5P>» -S'! -T*;^  r^  ^ . 
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points.-  Le  schema  aux  differences  (9)  a 4te  uti- 
lise avec  £y=  1 et  £j(egal  a 0 du  c8te  extra- 
dos  et  a 1 du  c8te  Intrados. 


L'etat  stationnaire  initial  a et^  determine 
par  la  presente  raethode  pour  I'angle  d'incldence 
moyen  cfj  = 1°25  et  un  norobre  de  Mach  a 1' inf  mi 
amont  de  0,8.  La  distribution-  stationnaire  de 
pression  sur  le  profil  est  montree  sur  la  figure 
5 comparatlvement  a celle  fournie  par  la  methode 
de  Garabedian  et  Korn  .-  On  volt  que  le  choc 

calcule  par  la  presente  metnode  satisfait  aux 
relations  de  Ranklne-Hugoniot  avec  une  bonne 
precision.  Les  lignes  isobares  et  iso-Mach  sta- 
tlonnalres  sont  visualisees  sur  les  figures  6 et 
7. La  ligne  de  gllssement  exlstant,  dans  la  solu- 
tion theorique  exacts,  en  aval  du  bond  de  fuite 
est  mise  en  Evidence  par  la  methode  numerique 
elle  apparalt  comme  une  rapide  variation  du  nombre 
de  Mach  a travers  les  deux  lignes  X = cte  issues 
des  deux  points  du  maillage  sur  le  profil  les  plus 
proches  du  tord  de  fuite.-  On  peut  deduire  d”  cal- 
cul  numerique  des  chocs,  la  perte  de  pression 
generatrice  a travers  les  chocs  a I'extrados  et 
a 1' intrados  du  profil  et  par  suite,  les  valeurs 
t.heorlques  du  nombre  de  Mach  a I'infini-aval  le 
chaque  cSt^  de  la  ligne  de  glissement  ; on  trouve 
pour  ces  valeurs  0,777  au-dessus  de  la  ligne  et 
0,  ('98  au-dessous.  Le  comportement  des  lignes 
iso-Mach  qui  s'elolgient  vers  I'aval  sur  la  figure 
7 est  en  asses  bon  accord  avec  res  valeurs  et 
avec  1' existence  d'un  siliage  entropique. 


Considerot s malntenant  I'^volutlon  instatlon- 
nalre.  Les  r^sulUts  de  oalcul  au  voisinage  du  7 - Ugnes  ,so-Mach  stauonnaires. 

prof 11  sont  pratlqueraent  periodlques  apres  deux 
p^rlodes  de  la  loi  osolllatolre  (21).-  La  figure  8 
montre  la  distribution  instatlormalre  de  presslon 
sur  le  profil  aux  temps  ti  = 2,25  T, 


kt/2  n-~3,  ofit)  = 1,25 


Les  lignes  isobares  instatlonnaires  sont  visua- 
lisees  sur  la  flgare  9 aux  temps  t,  et  , 

La  variation  dans  le  temps  d'j  eoefricient  -Me 
portanoe  est  montr^e  sur  la  figure  10  pour  les 
trois  premieres  periodes  de  la  loi  oscillatoire 
(21).  Oi  a v^rifie  numeriquement  que  Ics  pertur- 
bations produites  par  le  mouveraent  du  profil 
n'at-.ei£pent  pas  la  frontiere  exterieure  du 
domains  d'espace  au  oours  de  ces  trois  periodes. 


La  frequence  dlev^e  des  oscillations  du  profil 
a pour  consequence  un  d^phasage  import2mt  entre 
la  portance  et  I'incidence  ainsi  qu'un  d^placement 
pratiqueraent  nul  des  ondes  de  choc,  bien  que  les 
^tats  de  part  et  d' autre  des  chocs  varient  de 
faqcn  appreciable  au  oours  du  mouvement. 

Precisons  enfin  que  le  temps  de  oalcul  est  inf^- 
rieur  a une  demi-heure  par  periode  sur  un 
ordinateur  UNIVAC  1110. 


kt/2  n = 2,25,  = 2,50 


kt/2n  = 2,50.a°lt)^  1,25 


i 
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8 - CONCLUSION 

Dans  cet  article,  nous  avons  presente  une  methode 
de  calcul  d'ecoulements  transsoniques  instation- 
naires  d'un  fluide  parfait  autour  d'un  profil 
riglde  en  mouvement.  CrSce  a I'utilisation  de  la 
forme  conservative  des  equations  d'Suler  completes 
et  a 1 'application  de  la  condition  de  glissement 
sur  la  surface  exacte  du  profil,  la  methode 
permet  d'obtenir  des  resultats  precis  y compris 
au  voisinage  des  ondes  de  choc  et  des  llgnes  de 
glissemerit.  Etant  valable  pour  un  mouvement 


quelconque  du  profil,  elle  peut  etre  utllisee  p. ur 
etudier  des  ph^nomenes  complexes  tels  que  le  flot- 
tement  d'un  profil,  1 'osci llatlon  d'une  gouvemt 
ou  encore  la  rotation  d'une  secti-n  de  pale  a'.-.e- 
licoptere.  Toutefois,  la  preser.te  methode  est  plus 
couteuse  er.  temps  ae  calcul  que  les  cethodes  muins 
precises  bashes  sur  1 'equation  instationnaire  du 
potential  de  petltes  perturbations.-  Elle  est 
cependant  utile  pour  determiner  des  solutions  de 
reference  & des  probleraes  stationnairesou  insta- 
tlonnaires.  Elle  peut  aussl  etre  indispensable 
pour  calculer  certains  ecoulements  autour  de 
profils  animes  de  mouvements  de  grande  amplitude. 
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SUMMARY 


Current  approaches  to  the  prediction  of  unsteady  wing  loading  in  mixed  subsonic  and  supersonic  flow 
show  a wise  variety  of  method  and  a clear  need  for  economy  in  transonic  aerodynamic  calculations  for 
flutter  clearance  in  subsonic  flight.  An  approximate  theoretical  treatment  is  devised  in  terms  of  non- 
linear steady  surface  pressures  and  linear  oscillatory  loading.  The  steady  data  are  taken  either  from 
transor.'c  small-perturbation  theory  or  from  static  measurements  of  surface  pressure.  The  resulting  theo- 
retical or  semi-empirical  method  can  take  account  of  stream  Mach  nuiriier,  mean  incidence,  mode  of  oscilla- 
tion, frequency  and  amplitude.  The  calculations  are  organized  into  a computer  program,  the  scope  and 
broad  details  of  which  are  outlined. 


Its  first  application  is  in  support  of  a wind-tunnel  study  of  a rigid  half-wing  with  freedom  to 
rotate  about  a swept  axis.  The  experiment  provides  measurements  of  steady  and  oscillatory  pressure  distri- 
butions over  the  range  of  Mach  number  from  0.60  to  0.86.  The  oscillatory  results  are  compared  with  calcu- 
lations from  linearized  theory  and  from  the  present  method  in  its  theoretical  and  semi-»mpirical  forms. 
Like  the  dynamic  experiments,  the  calculations  show  large  differences  between  oscillatory  chordvise  load 
distributions  under  subcritical  and  supercritical  conditions.  In  particular,  the  region  surrounding  a 
shockwave  exhibits  la.'ge  and  rapid  changes  in  both  amplitude  and  phase  of  the  measured  loading,  which  are 
reproduced  qualitatively  in  the  calculations.  The  resulting  generalized  aerodynamic  forces  are  found  to 
depend  significantly  on  the  development  of  supercritical  flow.  The  method  should  provide  an  economical 
indication  of  the  influence  of  mean  flow  on  the  flutter  aerodynamics  in  the  lower  transonic  regime. 


Finally  there  is  a forward-looking  appraisal  of  the  method,  which  pinpoints  the  evidence  of  a parti- 
cular need  for  improvement.  The  effects  of  boundary  layers  are  considered  to  be  important  in  future  work 
on  flutter  aerodynamics.  There  should  be  a concerted  plan  to  compare  results  from  unsteady  three- 
dimensional  transonic  theories  as  they  are  developed. 
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INTRODUCTION 


1 

On  both  theoretical  and  experimental  grounds  the  achievement  of  satisfactory  flutter  characteristics 
for  transonic  aircraft  is  a subject  of  current  concern.  The  theoretician  is  mindful  that  design  against 
flutter  relies  as  much  upon  aeroelastic  calculation  as  upon  experimental  validation.:  He  realises  that  it 

is  inexpedient  to  estimate  transonic  flutter  conditions  from  faired  curves  between  reliable  predictions 
based  on  linearized  subsonic  and  supersonic  aerodynamics..  The  experimentalist  is  aware  of  the  high  cost 
in  time  and  money  of  flutter  model  manufacture  and  transonic  wind-tunnel  testing;  moreover,  he  recognizes 
the  uncertainties  of  tunnel-wall  interference  and  the  fact  that  measurements  at  zero  mean  lift  may  be  in- 
conclusive.- The  essential  dependence  of  the  unsteady  flow  field  of  a given  configuration  upon  the  mean 
flow  around  it,  as  well  as  upon  the  frequency  and  mode  of  oscillation  and  the  Mach  number,  raises  severe 
problems  in  both  disciplines. 

The  increasing  scale  of  current  effort  being  devoted  to  the  problem  of  unsteady  supercritical  flow 
is  evidence,  not  only  of  concern  among  flutter  specialists,  but  of  confidence  in  the  progress  of  this 
research.;  Indeed,  great  strides  are  being  made  in  the  theoretical  treatment  of  two-dimensional  unstead> 
transonic  flow.  Nevertheless,  it  will  be  some  while  before  definitive  solutions  of  the  three-dimensional 
problem  become  available,  and  longer  still  before  there  is  an  economical  routine  of  guaranteed  accuracy 
for  general  use.  In  the  meantime  the  quest  for  semi-empirical  or  other  approximate  methods  of  aerodynamic 
calculation  may  shed  light  on  what  is  needed. 

The  aim  of  the  present  paper  is  to  describe  the  results  of  a combined  theoretical  and  experimental 
study  of  oscillatory  pressure  distributions  on  a typical  civil-aircraft  wing  (Fig.l)  over  the  range  of 
Mach  number  from  0.60  to  0.86,  which  covers  the  development  of  supercritical  flow.  Ref. I provides  an 
approximate  theoretical  treatment  of  the  oscillating  wing,  while  in  Ref. 2 Lambourne  and  Welsh  report  on 
the  experiments  and  the  inherent  physical  processes.  There  follows  a digest  of  Ref . I with  an  account  of 
some  subsequent  calculations;  finally,  after  an  apprasal  of  the  work  to  date,  some  proposals  are  made  for 
future  consideration. 

2 THEORETICAL  BACKGROUND 

Under  conditions  of  subcritical  flow  there  are  satisfactory  methods  of  representing  the  unsteady 
aerodynamics  in  aeroelastic  calculations,  which  neglect  the  wing  thickness  and  the  squares  of  wing  dis- 
placement from  a strearawise  plane.  Such  linearized  theories  are  too  numerous  to  mention,  but  it  is  import- 
ant to  distinguish  between  the  kernel-functions  methods  such  as  Ref. 3 and  the  doublet-lattice  methods  such 
as  Ref. 4.  Whereas  in  calculations  of  steady  pressure  distributions  for  the  purpose  of  wing  design  it  is 
imperative  to  incorpoiate  the  influence  of  aerofoil  thickness  and  to  make  allowance  for  the  boundary  layer 
and  wake,  in  most  flutter  calculations  these  complications  are  either  ignored  or  treated  by  empirical 
modifications  to  linearized  theory..  For  example,  the  corrective  matrix  method  of  Ref. 5 is  sometimes  used 
in  accord  with  oscillatory  experimental  data  for  one  single  mode  to  adjust  the  results  of  linearized 
theory  for  the  required  modes  of  a flutter  analysis.  While  this  technique  has  succeeded  in  subcritical 
flow,  its  applicability  under  supercritical  conditions  is  unassured. 

Many  attacks  on  the  problem  of  transonic  unsteady  aerodynamics  are  reported  in  the  recent  literature, 
which  includes  a wide  variety  of  methods.  Tijdeman  and  Zwaan^  discuss  the  requirements  of  such  methods  in 
some  detail,  and  in  a later  review  Tijdeman^  considers  different  categories  of  solution.  He  concludes  that, 
vital  a.s  it  is,  the  effect  of  wing  thickness  in  inviscid  flow  does  not  give  the  required  improvement  in  the 
prediction  of  wing  loading;  since  the  effects  of  wing  thickness  and  the  boundary  layer  are  of  the  same 
order  of  magnitude,  real  improvements  necessitate  the  inclusion  of  both.  The  other  crucial  consideration 
is  that  not  only  the  mean  location  the  shockwaves  but  their  time-dependent  behaviour  should  be  adequately 
represented.  Much  of  the  published  work  is  restricted  either  to  two-din.onsional  flow  or  to  near-sonic'  flow 
everywhere.  We  shall  focus  on  three-dimensional  theories  suitable  for  a typical  supercritical  flow  when 
the  stream  Mach  number  is  below  0.9  and  the  local  Mach  number  may  range  from  0.7  to  1.3. 

At  the  Royal  Aircraft  Establishment,  Albone  . r u.®  have  developed  a finite-difference  method  for 
two-dimensional  steady  flow,  which  has  recently  been  extended  to  wings  of  arbitrary  planform^;  results 
from  this  latter  method  are  used  in  some  of  the  present  calculations.  In  the  USA,  considerable  progress 
has  been  achieved  in  the  development  of  i inite-difference  methods  for  three-dimensional  unsteady  flow. 

Ihi  .inalysis  of  Eulers’®  has  been  incorporated  by  Weatherill  ” into  a pilot  program,  which  has  been 

run  for  a rectangular  wing  in  pitching  oscillation.  From  the  comparisons  between  the  two-  and  three- 
dimensional  solutions  in  Fig. 21a  of  Ret. I I,  it  would  appear  that  the  difference  equations  have  been 
linearized  so  as  to  suppress  the  influence  of  shockwave  laotion.  However,  in  their  method  for  helicopter 
rotor  blades  Isom’-  .md  Caradonna’^  use  the  non-linear  transonic  small-perturbation  equations  with  complete 
time  dependence.  They  calculate  the  appearance  and  disappearance  of  shockwaves  during  the  cycle  of  a non- 
liftiiig  advancing  rotor.  The  method  is  most  promising,  and  its  application  to  a lifting  wing  would  seem 
to  be  a distinct  possibility.  Nevertheless,  it  must  be  anticipated  that  a general  finite-difference  method 
for  unsteady  flow  would  be  very  expensive  in  routine  use. 

The  lifting-surface  element  methods  provide  solutions  at  lower  cost.  The  general  approach  is  to 
modily  linearized  theory  by  subdivision  of  the  wing  surface  into  regions  associated  with  different  stream 
Mach  numbers  derived  Irora  the  mean  flow.  >n  one  such  method  under  development  Cunningham’^  obtains  a 
qu.  iitative  improvement  in  the  solution  with  a linearized  kerne  I- function  method  and  a constant  supersonic 
stream  .-iach  number  ahead  of  the  shockwave  and  a constant  subsonic'  one  behind  it.  Tijdeman  and  Zwaan®  have 
successfully  adapted  a double t- lat I i ce  method  for  use  under  subcritical  conditions;  the  downwash  field  of 
each  lattice  panel  corresponds  to  its  own  prescribed  stre.in  Mach  number  equal  to  the  average  of  the  local 
Mach  number  and  the  true  stream  Mach  number.  Some  other  techniques  for  improving  linearized  lifling- 
surtace  element  solutions  have  been  tried  by  Giesing  • s’^..  All  these  approaches  require  the  same 
order  ot  computational  effort  as  the  linearized  theoretical  methods,  and  thev  deserve  further  development 
for  mixed  subsonic  and  supersonic'  flow. 
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3 PRACTICAL  APPROACH 


The  immediate  theoretical  requirement  is  for  an  approximate  method  that  can  be  applied  with  economy 
and  generality  to  the  aerodynamics  of  oscillating  wings  when  the  mean  flow  may  be  supercritical.  Like  the 
lifting-surface-element  methods  just  described,  the  method  of  Ref.l  has  been  developed  in  the  knowledge 
that  its  limitations  will  eventually  be  exposed  by  more  elaborate  theories,  but  that  its  validation  as  an 
approximate  method  could  be  established  by  experimental  means.  The  method  rests  on  three  basic  assumptions, 
which  provide  the  simplification  necessary  to  give  economical  calculation  and  general  applicability  to  a 
wing-flutter  problem. 

The  first  of  these  assumptions  lies  in  the  use  of  a one-dimensional  form  of  Bernoulli's  equation. 

For  a given  frequency  of  oscillation  u , the  velocity  is  written  as 

U(x,t)  - Uq(x)  + j^fl{5(x)c’^“*^}j  , (1) 

where  the  subscript  0 denotes  a value  for  the  mean  flow,  denotes  the  real  part,  and  4’  denotes  a 
complex  velocity  potential.  The  pressure  coefficient  is  similarly  expressed  as 


Cp  - (p  - Pj/(jp.uf)  - CpO  + 


(2) 


where  p^,  and  are  the  pressure,  density  and  velocity  of  the  undisturbed  stream.  Then  to  first 
order  in  the  time-dependent  quantities  it  is  shown  in  Section  3.1  of  Ref.l  that  under  isentropic  conditions 
Bernoulli's  equation  takes  the  form 


where 
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(5) 


M is  Che  Mach  number  of  Che  undisturbed  stream  and  y(>  1.4)  is  the  ratio  of  the  specific  heats  of  air. 
iKe  first  basic  assumption  is  that  Eq.(3)  holds  in  three-dimensional  flow,  when  the  total  derivative  is 
replaced  by  the  partial  derivative.  Thus  the  oscillatory  component  of  surface  pressure  is  given  by 

r H 

where  and  t are  regarded  as  surface  distributions.  This  approximation  ignores  any  influence  of  the 

lateral  component  of  Uq  , Eq,(6)  would  have  greater  precision  if  the  differentiation  were  carried  out  in 
the  local  flow  direction.  The  expediency  of  integrating  chordwise  to  obtain  i is  thought  Co  have  led  to 
a violation  of  the  condition  of  zero  loading  at  Che  trailing  edge,  but  this  is  regarded  as  a local  defect 
Chat  can  be  compensated  by  fairing  the  amplitude  of  the  calculated  oscillatory  loading  smoothly  to  zero 
aft  of  80  per  cent  chord  [set;  Eq.  (26)3  • 


The  second  basic  assumption  is  more  sweeping  and,  perhaps,  more  successful  than  it  deserves  to  be. 

It  states  chat  the  ratio  of  the  local  oscillatory  chordwise  component  of  velocity  to  its  value  in  the 
quasi-steady  case  of  zero  frequency  is  the  same  as  the  corresponding  ratio  according  to  linearized  theory. 
This  leads  to  generality  in  frequency  parameter  v and  implies  Chat  the  ratio  of  the  real  and  imaginary 
parts  of  the  chordwise  component  of  velocity  may  be  taken  from  linearized  theory.  We  write 
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and  an  appraisal  of  this  approximation  will  be  made  in  Sections  6.2  and  6.3. 

Any  linearized  lifting-surface  method  may  be  used  to  implement  Eq.(7),  but  Ref. 3 is  especially 
convenient  for  the  purpose  because  ll/lx  is  obtainable  in  analytical  form.  Ref.l  yields  the  oscillatory 
wing  loading 
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where  s denotes  the  wing  semi-span,  n ■ y/s,  c(fi;  denotes  the  local  wing  chord,  the  frequency  para- 
meter V - where  c is  the  geometric  mean  chord,  and  i is  the  angular  chordwise  parameter  such 

that  with  a leading  edge  x^(n) 
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Ref. 3 is  a coll  cation  method  in  which  there  are  N chordwise  terms,  m spanwise  terms  and  a(m  + I)  - 1 
spanwise  integrc>.ion  stations  between  the  wing  tips;  in  the  present  applications  (N,m,a)  = (4,23,4)  . 

The  solutions  are  obtained  as  values  of  the  complex  functions  rq(n)(q  =1  to  N)  at  spanwise  positions 
n = - cos  [rir/ (m  + 1)]  (r  = 1 to  m)  , from  which  rq(n)  is  expressible  as  the  double  Fourier  series  in 
Eq.(ll)  of  Ref. 3.  The  linearized  form  of  Eq.(6)  is 


34, . 

lin  . lu 


^~*iin  “ ± iu„n(3c,n)  , 


where  the  symbol  ± denotes  positive  for  the  upper  surface  and  negative  for  the  lower  surface.  This 
linear  differential  equation  is  readily  solved  to  give 


e ifj(n)((|>  + sin  ((i)  + 


t V-  (- 


in  (q  - 1)4  ^ sin 
q - 1 q 


The  constituents  of  Eq.(7)  are 


34,.  /3x  = ± JUJ 


where  K is  deduced  from  Eqs.(8),  (10)  and  (II), 


(34/3x)_.o 


— ^ (C  ) 
2GUq  ^ P^v=0 


' 'v*0 


i iu  d)-  . 

• 00 ' v*0 


from  Eqs4(6)  and  (10)  respectively.  Hence 


U^K  /C 


Eqs.(6)  and  (15)  combine  to  determine  Cp  for  any  section  y ■ ns  , and  the  oscillatory  chordwise 
pressure  distribution  on  the  upper  or  lower  surface  is  given  by 


. ISeC.O  f 


where  G(0  and  U.(E)  are  defined  in  Eqs.(4),  (5)  and  (9)  in  terms  of  the  mean  local  pressure  coefficient 

The  third  basic  assumption  is  that  the  ratio  of  the  quasi-steady  rate  of  change  of  surface  pressure 
to  its  linearized  theoretical  rate  of  change  is  the  same  for  all  modes  of  deformation  or  displacement.  By 
considering  the  ratio  for  an  infinitesimal  change  of  incidence  we  write 


where  a • denotes  the  mean  flow  condition  and  3t/3a  is  obtained  from  the  linearized  steady-state 
solution  for  a change  of  incidence;  Eq.(6)  reduces  to 


n 

8s  V r 
3^  ’ L, 

q-l 


cos  (q  - 1)4  ♦ cos 
sin  4 


where  Tqin)  is  a real  function  defined  like  Tqin)  as  a double  Fourier  series.  The  selection  of  a as 
the  independent  variable  of  differentiation  in  Eq.(l7)  is  influenced  by  the  considerations  that  the  steady 
pressure  distributions  Cp(x,y,a)  will  often  be  available  and  that  the  theoretical  quantity  3i/3u  is 
unlikely  to  vanish  locally.  The  approximation  in  Eq.(l7)  is  akin  to  the  corrective  matrix  method  of  Ref. 5, 
which  is  admittedly  untried  for  supercritical  flow.. 

By  Eqs,(l6)  and  (17)  the  final  expression  for  the  oscillatory  part  of  the  pressure  coefficient  is 


C (O  - F(C)K(t)  + 
P 


ivcG(0 
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where  in  accord  with  Eqs.(8),  (10),  (11)  and  (12) 


K(C) 
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— e 
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q Sin 
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+ qit 
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(20) 


where  x and  if  are  related  to  S in  Eq.(9).  Besides  the  quantities  di/da  and  K from  linearized 
theory,  the  chordwise  distributions  of  CpQ  and  CpQ  are  required  to  obtain  G(5),  Uq(0  and  F(C) 
before  Eq.(19)  can  be  evaluated.  While  the  role  of  CpQ  is  to  modify  through  Eqs.(A)  and  (5)  the  values 
G * 1 and  Uq  = U<»  implicit  in  linearized  theory,  the  quantity  CpQ  is  of  paramount  importance, 
especially  in  the  first  term  of  Eq.(19);  the  procurement  of  its  surface  distribution  is  discussed  in 
Section  4. 


i,  ALTERNATIVE  METHODS 

Just  as  any  oscillatory  lifting-surface  method  can  in  principle  provide  values  of  K , so  can  any 
steady-state  technique  provide  the  pressure  distributions  Cp(x,y,o)  . These  will  be  required  at  suffici- 
ent values  of  a to  define  CpQ  and  CpQ  over  the  desired  range  of  mean  incidence  oq  . In  the  present 
investigation  the  alternative  sources  of  'static  data'  are  the  theoretical  transonic  small-perturbation 
(TSP)  method  of  Albone  et  and  the  wind-tunnel  measurements  of  steady  pressure  reported  by  Lambourne 

and  Welsh^. 

There  are  conflicting  arguments  for  preferring  the  use  of  either  TSP  or  experimental  static  data. 

The  first  concerns  the  number  of  data  points  (x,y),  which  may  be  limited  in  pressure  plotting  tests  to  the 
extent  that  the  chordwise  behaviour  of  the  integrand  in  Eq.(19)  is  ill-defined  and  there  is  insufficient 
spanwise  coverage  in  the  integral  for  the  generalized  forces;  in  the  present  applications  an  average  of 
ten  experimental  data  points  at  each  of  five  sections  contrasts  with  3d  TSP  data  points  available  at  each 
of  18  sections.  Another  consideration  is  the  problem  of  differentiating  Cp  to  obtain  CpQ  ; again  the 
theoretical  approach  is  preferable,  because  the  differentiation  of  experimental  values  of  Cp  with  respect 
to  a may  be  blurred  by  scatter.  The  most  important  argument  concerns  Reynolds  number  or  boundary  layers, 
and  this  is  two-edged.  Since  the  validation  of  the  present  practical  approach  is  through  comparison  with 
experiment,  the  omission  of  boundary-layer  effects  in  TSP  data  defeats  this  objective,  especially  as 
experimental  evidence  points  to  the  increasing  importance  of  viscosity  under  supercritical  conditions.  At 
the  same  time  the  experimental  wind-tunnel  data  are  for  much  too  low  a Reynolds  number  to  be  representative 
of  full  scale,  in  which  respect  the  alternative  methods  can  be  regarded  es  two  extremes.. 

The  present  calculations  are  for  a wing  of  current  design  with  the  planform  defined  in  Fig.l.  The 
measurements  of  steady  end  oscillatory  pressures  at  the  five  sections  (1  to  V)  are  described  in  Ref. 2. 

The  half-model  has  camber  and  twist  and  a streamwise  thickness-to-chord  ratio  of  approximately  0. 10.  The 
incidence  a is  defined  as  that  of  the  crank  section  y • 0.319s  , relative  to  which  the  root  and  tip 
incidences  are  +3.93°  and  -0.57°  respectively.  In  the  dynamic  experiments  of  Ref. 2 the  wing  has  fairly 
high  stiffness,  so  that  in  the  present  calculations  it  may  be  assumed  to  oscillate  rigidly  about  the  axis 

X - X • 0.709c  ♦ sin  I tan  25°  .-  (21) 

The  motion  is  expressed  in  terms  of  the  instantaneous  incidence 


where  the  frequency  is  l20Hz,  so  that  at  model  scale  c « 139.5mm  the  frequency  parameter  v ranges  from 
0.534  at  fU  - 0.60  to  0.385  at  M»  - 0.86. 

The  approximate  theoretical  calculations  with  TSP  static  data  cover  the  ranges  of  incidence 
-1.93°  * a < 2.07U  and  -1.13°  -S  ug  s 1.27°  with  lU  - 0.84  , and  the  results  in  Section  4.1  provide  a good 
qualitative  indication  of  the  performance  of  Fq.(l'j).  The  present  calculations  by  the  semi-empirical 
version  of  the  method  are  for  restricted  inc'dences  1.57°  c a 2.57°  and  1 .9n°  ^ og  ,5  2.24°  but  cover  the 
whole  experimental  range  of  H«  ; these  results  in  Section  4.2  are  appraised  quantitatively  against  the 
measured  oscillatory  pressures. 

4.1  Approximate  theoretical  method 

Q 

ihe  three-dimensional  TSP  method  of  Albone  ,i’t  t.'.,  which  is  featured  in  a survey  by  Lock^,  has  under- 
gone some  refinement  since  its  application  to  the  present  problem,  but  not  so  as  to  affect  the  qualitative 
story  of  the  calculations.  The  computer  pr'gram  foi  the  relaxation  solution  of  the  finite-difference 
equations  over  a 60  « 24  « 40  grid  is  expensive  to  run  but,  once  a solution  at  one  incidence  for  the  given 
Mo,  ■ 0.84  is  obtained,  it  is  relatively  quick  to  get  further  solutions  as  0 is  increased  in  small  steps 
of  0.40  from  -1.93  to  2.07  degrees. 

The  approximate  theoretical  calculations  of  Ref.l  are  restricted  to  - 0.750  , a grid  line  close 
to  station  IV  of  Fig.l.  Given  the  values  of  the  upper  and  lower  surface  pressure  coefficients  Cputi)  and 
Cpj(a)  , their  gradients  C'  q and  CJ^q  have  been  calculaced  at  iq  = -1.13,  -0.31,  0.47  and  1.27  degrees 
from  quartic  polynomial  fits  to  the  data  points  at  a = jq,  iq  f 0.4  and  Uq  • 0.8  degrees.  A.,  indicated 
after  Eq.(9),  the_lif ting-surface  method  of  Ref. 3 is  applied  to  the  wing  motion  defined  in  Fqs.(21)  and 
(22)  to  provide  fq/o;  from  which  to  evaluate  K/i,  in  Eq.(20),  and  to  the  steady  change  of  incidence  to 


provide  Tq  from  which  to  evaluate  iSL/da  in  Eq.(18).  The  ratio  F is  calculated  from  Eq.(l7)  for  both 
upper  and  lower  surfaces  at  the  35  grid  points  on  the  chord  at  n = 0.750  , whereupon  Eq.(19)  can  be 
evaluated.  This  process  is  greatly  facilitated  in  that,  after  spanwise  interpolation  in  Pq  , Eq.(2C) 
yields  KCSl/o)  at  any  required  set  of  positions  £ < Given  Cpu/aj  and  Cp^/o]  , the  oscillatory 
chordwise  loading  is  split  into  its  real  and  imaginary  parts  so  that 


C (O-C  (O  d£(C) 
JEi Eil = - P 


AC' 

O, 


or  in  terms  cf  its  amplitude  and  phase 


(23) 


(24) 


and 

e,.  = tan"'  (AC"/AC) 

A P P 


(25) 


The  results  from  Ref.l  are  illustrated  in  Figs. 2 and  3.- 


The  chordwise  distributions  of  the  calculated  amplitude  and  phase  for  the  four  values  of  »Q(deg) 
are  shown  in  Fig. 2 where  | ACp| /a j (rad"' ) is  seen  to  be  markedly  different  from  the  linearized  theoretical 
curve  in  the  range  0.05  < £ < 0.50  . As  would  be  expected  from  the  first  term  of  Eq.(19),  the  broad 
pattern  of  behaviour  is  consistent  with  that  of  the  quasi-steady  gradient  (Cp^g  - Cpyg).-  The  high  peak 
near  the  leading  edge  at  og  =•  -1.13°  is  associated  with  supercritical  effects  on  the  lower  surface.  The 
next  mean  incidence  ag  = -0.33°  has  relatively  mild  supercritical  flow  on  both  surfaces,  but  there  is  a 
significant  influence  of  aerofoil  thickness.  At  the  higher  incidences  there  are  two  marked  peaks  in  each 
distribution;  while  the  leading-edge  peak  still  dominates  at  ag  = 0.47°  , the  peak  at  mid-chord  is  the 
salient  feature  at  ag  = 1.27°  . According  to  linearized  theory  is  almost  linear  in  £ , and  relative 

to  the  wing  motion  it  shows  a phase  lag  for  £ < 0.4  and  a phase  lead  for  £ > 0.4  The  calculated 
influence  of  transonic  flow  is  to  delay  the  change-over  from  phase  lag  to  phase  lead  and  to  increase  the 
phase  lead  downstream  of  about  mid-chord.  The  curve  for  ag  » -0.33°  is  omitted  from  Fig. 2 as  it  is 
practically  indistinguishable  from  that  for  ag  ” -1.13°  At  ag  « 0.47°  and  1.27°  the_region  of  great- 

est interest  is  close  to  the  downstream  end  of  the  embedded  supersonic  flow  where,  as  |ACp|/a|  falls 
from  its  peak  and  the  real  part  ACj/a|  becomes  negative,  increases  rapidly  to  give  a phase  lead  in 

excess  of  a quarter  cycle. 


The  real  and  imaginary  parts  of  the  individual  surface  pressures  Cp^  and  Cpj^  are  plotted  against 
£ in  Fig. 3 for  ag  • 0.47°  and  1.27°.-  The  interesting  effects  of  supercritical  flow  are  confined  to  the 
upper  surface.'  At  og  « 0.47°  there  is  a forward  peak  in  local  mean  Mach  number  M^g  « 1.32  at  £ = 0.04 
which  is  associated  with  local  peaks  in  -Ci^/ai  and  Cpu/aj  of  about  1.8  times  the  local  value  from 
linearized  theory,  while  the  recompression  from  ^g  » 1.20  to  1.05  near  £ • 0.4  causes  local  chordwise 
jumps  of  21  and  17  in  -Cpy/a;  and  -Cpp/aiv  i spectively..  These  dominant  effects  are  intensified  at 
ag  • 1.27°  , when  the  peaks  at  £ ■ 0.04  reach  Myg  - 1.50  and  Cpp/oj  of  about  2.5  times  the  local 
value  from  linearized  theory,  while  recompression  from  M^g  ■ 1.32  to  1.00  near  £ ■ 0.5  causes  chord- 
wise  jumps  as  high  as  38  and  25  in  -Cpu/a;  and  "Cpp/a|U  respectively.  It  ould  be  surprising  if 
effects  of  this  order  of  magnitude  were  not  vital  in  regard  to  the  generalized  aerodynamic  forces. 


It  is  seen  in  Fig. 2 that  the  oscillatory  loading  from  the  approximate  theoretical  method  fails  to 
reach  zero  at  the  trailing  edge.  As  discussed  after  Eq.(6),  a possible  contributory  fact  is  that  this 
derivation  from  Bernoulli's  equation  does  not  represent  the  influence  of  cross  flow  which  must  grow  as  the 
trailing  edge  is  approached.  Accordingly  the  behaviour  of  the  loading  ACp  will  be  modified  by  forcing 
it  smoothly  to  zero  with  the  factor 

1 - 25(£  - 0.8)^  when  £ > 0.8  . (26) 

The  effect  of  this  will  be  to  bring  the  amplitude  |ACp|/a|  much  closer  to  the  linearized  theoretical 
curve  in  this  region. 


These  calculations  with  TSP  static  data  have  enough  points  to  avoid  ambiguitv  in  drawing  the  chord- 
wise  distributions.  Clearly  the  method  is  not  restricted  to  supercritical  flow,  but  its  most  important 
application  is  where  M,,  is  below  0.9,  say,  and  the  mean  flow  contains  a substantial  supersonic  region. 
The  results  are  qualitative  in  the  two  senses,  that  no  realistic  comparisons  with  experiment  can  be 
expected  from  considerations  of  inviscid  transonic  flow,  and  that  there  are  no  reliable  solutions  of  the 
full  oscillatory  three-dimensional  equations  of  motion  from  which  to  evaluate  the  approximations  of 
Eqs.(6),  (7)  and  (17),  and  in  particular  to  verify  the  use  of  Eq.  (7)  up  to  flutter  frequencies.  Whatever 
shortcomings  the  present  calculations  may  have,  the  inadequacy  of  linearized  theory  in  this  flow  regime  is 
not  in  doubt. 


4.2  Semi-empirical  method 

With  experiment  instead  of  TSl’  theorv  as  the  source  of  static  data  the  method  becomes  semi-empirical. 
The  outline  of  the  computational  procedure  in  Section  4.1  mav  still  suffice,  but  there  are  two  new  facets 
on  the  determination  of  the  pressure  gradient  Cpg  with  respect  to  incidence.  One  possibility,  not  used 
in  the  present  investigation,  is  to  obtain  C|,g  directly  from  the  experiments  as  the  .amplitude  of  the 
oscillatory  pressure  when  the  simple  harmonic  notion  of  the  model  is  reduced  in  frequency  to  IHz,  sav.- 
However,  we  consider  a quasi-fteady  analysis  of  the  measured  pressure  through  the  finite  cycle  of  incidence 
in  lq.(22)  and  evaluate  its  fundamental  tern  as  described  in  Section  5.1  of  Ret.;!..  Thus  Cpg  is  replaced 
by 


1 


An  alternative  expression  for  Eq.(27)  is 
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which  is  suitable  for  computation  whether  the  amplitude  of  oscillation 


is  finite  or  infinitesimal. 


Most  of  the  present  calculations  are  based  on  a = 1.74,  1.90,  2.07,  2.24  and  2.40  degrees  with 
ag  = 2.07  degrees  and  aj  = 0.33deg  = O.OOSSrad  as  in  the  dynamic  experiments,  but  the  influence  of  small 
variations  in  ag  and  aj  has  been  examined.  Selected  results  from  Ref. 1 to  illustrate  the  effects  of 
separate  wing  surfaces,  stream  Mach  number,  mean  incidence  and  spanwise  location  are  given  in  Figs. 4 to  7 
respectively,  which  include  comparisons  with  the  chordwise  distributions  of  measured  oscillatory  pressure 
at  a frequency  of  120Hz. 

The  main_consideration  in  Fig. 4 for  M<o  = 0.82  and  n • 0.766  is  that,  while  both  real  and  imagin- 
ary parts  of  Cp£  for  the  lower  surface  from  semi-empirical  calculation  and  experiment  lie  fairly  close 
to  their  linearized  theoretical  curves,  the  departures  from  these  same  curves  for  the  oscillatory  pressure 
-Cpu  on  the  upper  surface  are  large  and  encouragingly  consistent.  The  purpose  of  Fig. 5 for  n = 0.535  is 
twofold,  to  contrast  the  results  for  subcritical  and  supercritical  flow  and  to  illustrate  the  effect  of 
frequency.  Wliereas  at  M™  = 0.60  both  the  real  and  imaginary  parts  of  the  loading  iCp  from  semi- 
empirical  calculation  and  experiment  are  acceptably  close  to  the  results  of  linearized  theory,  large 
effects  of  supercritical  flow  are  calculated  and  measured  at  Mo.  « 0.82  .•  The  comparisons  of  the  real 
part  ACp/a|  show  the  same  order  of  discrepancy  between  semi-empirical  calculation  and  measurement  as  at 
M<»  = 0.60  ; the  quasi-steady  and  semi-empirical  curves  for  Me  • 0.82  for  which  v » 0.402  offer  a convinc- 
ing demonstration  that  the  effect  of  frequency  is  adequately  represented  in  the  calculations.  On  the  other 
hand,  the  imaginary  part  plotted  as  ACp/ajv  shows  the  correct  trends  at  = 0.82,  but  the  magnitude  of 
the  supercritical-flow  affects  is  underestimated.  In  Fig. 6 the  semi-empirical  effect  of  mean  incidence  is 
shown  by  plotting  the  loading  amplitude  and  phase  for  M„,  ■ 0.84  and  n • 0.766  wher  og  is  0.17  above 
and  below  that  of  the  experiments.-  The  main  differences  are  associated  with  the  rearward  movement  of  the 
recompression  region  as  incidence  increases.  In  Fig. 7 it  is  perhaps  surprising  that  at  • 0.86  the 
peaks  and  troughs  in  the  measured  chordwise  distributions  of  oscillatory  loading  have  weakened  by  compari- 
son with  the  results  at  Mo,  • 0.82  and  0.84.  Nevertheless  at  both  n ■ 0.535  and  0.882  the  semi-empirical 
calculations,  unlike  linearized  theory,  give  a fair  representation  of  the  quantities  ACp/aj  and  ACp/a|V 
from  experiment . 

A more  detailed  account  of  these  comparisons  is  found  in  Ref.l.  The  main  deficiency  of  the  present 
method  is  its  failuie  to  reproduce  the  increases  in  phase  lag  over  the  forward  part  and  the  phase  lead 
over  the  rear  part  of  the  chord  in  sufficient  measure  to  bridge  the  differences  between  linearized  theory 
and  experiment.  The  increased  phase  lead  is  associated  with  small  measured  values  of  ACp/ai  of  change- 
able sign,  but  the  increased  phase  lag  is  of  much  greater  importance  as  it  occurs  whi.e  uCp/a|  is  rela- 
tively large  and  reasonably  well  predicted.  We  shall  consider  this  matter  further  in  Section  6.2,  observ- 
ing here  that  the  semi-empirical  method  offers  great  improvement  on  the  linearized  theoretical  method. 

5 COMPUTER  PROGRAMS 

So  far  the  numerical  material  has  been  drawn  from  desk  calculations.;  The  alternative  methods  are 
seen  to  have  equal  generality.-  Planform  and  Mach  number  are  basic'  to  most  aspects  of  the  calculations. 
Frequency  and  mode  of  oscillation  enter  through  the  linearized  theoretical  data,  while  aerofoil  section, 
camber  and  twist,  mean  incidence  and  oscillatory  .amplitude  all  feature  in  the  equations  relating  to  the 
non-linear  static  data  from  whichever  source.  With  application  to  flutter  as  the  prime  objective,  the 
approximate  aerodynamic  equations  have  now  been  programmed  in  FORTRAN  language  by  Computer  Analysts  & 
Programmers  Ltd.  There  are  three  sets  of  input  data  for  the  progr.am! 

(a)  CARDDATA,  a file  prepared  by  hand_to  define  the  planform  geometry,  the  points  where  the  static  data 
(WINGDATA)  are  to  be  given  and  ACp  is  to  be  evaluated,  the  values  of  ,i  and  ag  , the  required 
force  modes,  the  nuitber  of  frequency  parameters  and  oscillation  modes,  the  value  of  >U  and  sor.e 
output  control  data; 

tb)  PLATEDATA,  a file  containing  the  results  of  previous  calculations  for  the  thin-plate  wing  from 

linearized  theory  at  uniform  incidence  (!q)  and  in  oscillation  (Tq)  for  the  appropriate  frequencies, 
modes  and  Mach  number; 

(l)  WINGDATA,  a file  containing  the  ste.ad>— state  data,  either  -‘heoretical  or  experimental,  for  the  wing 
with  thickness,  camber  and  twist  at  the  approj-riate  incidences  i;id  Mach  number.. 

The  running  time  is  a trivial  proportion  of  that  required  to  produce  the  PLATEDATA  bv  means  of  Ref. 3 or 
the  WINGDATA  bv  means  of  Albone's  finite-difference  ISP  method. 


Ihe  procedure  from  input  to  output  is  summarized  in  Fig. 8.  Ihere  is  some  intentional  duplication  of 
the  initial  data  so  as  to  cross-check  the  validity  of  the  CARDDATA  file;  for  example,  the  'input  parameters' 
N and  m must  correspond  to  the  numbers  of  values  of  q and  " for  which  iq  and  are  specified  in 

the  PLAfEDAlA  file,  and  similarly  the  number  of  'data  points'  (4,nj  at  each  section  must  be  consistent  with 
the  contents  of  the  WINGDATA  file.  The  standard  output  of  results  includes  planform  data,  force  mode  data. 
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individual  surface  pressures  Cp(C,ri)  , the  corresponding  loading  ACp(C,ri)  with  its  amplitude  and  phase, 
the  integrated  generalized  forces 


^ij 


q:  . 

ij 


+ iQV . = 

I-J 
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2Sc 


(ACp)jdS 


(30) 


where  z^  is  the  displacement  in  the  ith  force  mode  and  (ACp)j  is  the  loading  in  the  jth  oscillation  mode, 
and  finally  1(5, n)  and  the  corresponding  generalized  forces  as  computed  from  the  PLATEDATA,  This  amount 
of  printout  is  obtained  when  the  control  parameters  (Cj,C2)  are  set  to  (0,0),  Many  other  printing  options 
are  indicated  in  Fig. 8.  But  (3,0)  gives  the  minimum  printing  of  just  the  first  row  of  output  quantities, 
while  (C],C2)  = (0,3)  produces  maximum  printing  including  values  of  CpQ,  CpO  , spanwise  interpolations  of 
Pq  and  fq,  31/3a  , the  chordwise  integrals_from  Eq. (30)  prior  to  spanwise  integration,  and  the  corres- 
ponding mean  forces  when  ACpO  replaces  (ACp)j  in  Eq.(30).; 

The  numerical  procedures  only  depart  from  those  of  Ref. I in  matters  of  detail.  In  the  first  place 
the  modifying  factor  of  Eq.(26)  is  applied  to  ACp  . Secondly,  an  identifier  CODEA  is  used  to  define  how 
the  program  accepts  the  steady-state  WINGDATA; 

CODEA  ■ I denotes  theoretical  data  fitted  exactly  by  a cubic  spline; 

CODEA  > 2 denotes  measured  data  fitted  by  a least-squares  cubic  spline; 

CODEA  > 3 denotes  computed  data  already  interpolated  at  a • Oq  . 

The  option  CODEA  > 3 is  used  in  connection  with  amplitude  effect  as  expressed  in  Eq.(29);  a subsidiary 
program  has  been  written  to  convert  a WINGDATA  file  from  its  standard  format  with  values  of  Cpy  and  Cpp 
as  required  when  CODEA  • 1 or  2 to  one  with  the  quantities  CpO  and  Cp]  ready  for  use  with  CODEA  » 3. 
Thirdly,  cubic  splines  are  fitted  between  the  first  and  last  data  points  in  the  chordwise  and  spanwise 
directions  in  the  evaluation  of  Eq,(30);  between  these  points  and  the  perimeter  of  the  planform  the 
required  edge  conditions  are  applied  with  continuity  in  the  integrands  and  their  first  derivatives  at  the 
extreme  data  points. 

The  main  program  has  been  applied  satisfactorily  in  support  of  an  experimental  flutter  investigation, 
but  the  results  are  not  yet  available.  However,  the  calculations  of  Ref. I have  been  extended  by  means  of 
this  program,  and  the  new  results  in  Figs. 9 to  14  will  now  be  discussed. 

6 DISCUSSION  AND  APPRAISAL 

The  additional  calculations  for  the  wing  of  Fig. I at  Mo>  ■ 0.84  are  intended  to  fill  two  gaps  in 
the  content  of  Ref.l.  While  Figs. 2 and  3 have  shown  large  local  effects  of  supercritical  mean  flow  at 
n ■ 0.750  , the  global  consequences  to  the  integrated  forces  can  now  be  evaluated  and  are  discussed  in 
Section  6.1.  Moreover,  there  are  results  from  the  alternative  versions  of  the  present  approach  to  provide 
more  extensive  comparisons  in  Section  6,2,  and  to  emphasise  the  important  influence  of  viscosity.  Finally 
Section  6.3  gives  a forward-looking  appraisal  of  this  research. 

6.1  Generalized  forces 


To  ‘•imulate  the  application  of  the  method  to  flutter  aerodynamics,  the  wing  of  Fig.l  is  considered 
in  heaving  and  pitching  motion  at  M»  ■ 0.84  and  v > 0.393  . The  pitching  axis  is  taken  at  the  aero- 
dynamic centre  Xq  - 1.234c  as  calculated  by  the  linearized  theory  of  Ref. 3 in  steady  flow.  The  non- 
dimensional  lift  and  pitching  moment  corresponding  to  force  modes 
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are  calculated  in  accord  with  Eq.(30),  The  three  force  matrices 


(Qi.) 


(q:.)  ♦ i(QVj) 


(32) 


in  Fig. 9 are  derived  respectively  from  the  linearized  theory,  the  approximate  theoretical  method  of 
Section  4.1  with  oq  - 1.27®  , and  the  serai-empirical  method  of  Section  4,1  with  uq  ■ 2.07®  , As  for  a 
flutter  calculation,  the  limiting  case  of  small  amplitude  aj  ■»  0 has  been  taken  throughout. 


The  evaluation  of  generalized  forces  from  linearized  theory  within  the  program  of  Ref, 3 is  carried 
out  by  Gaussian  integration,  but  the  procedure  just  outlined  near  the  end  of  Section  5 loses  accuracy 
when  the  static  data  points  become  sparse.  This  inaccuracy  in  integration  is  aggravated  if,  as  may  happen 
with  the  semi-empirical  method,  the  chordwise  distributions  of  AC^  are  irregular  and  poorly  defined  bv 
the  cubic  spline  fit.  Thus  the  elements  of  the  third  matrix  equation  in  Fig, 9 are  unreliable  in  the 
second  significant  figure.  Nevertheless,  the  results  in  Fig. 9 demonstrate  how  sensitive  the  total  lift 
and  pitching  moment  can  be  to  the  method  of  ealcula’ion  when  the  influence  of  supercritical  flow  is  at  its 
peak. 


The  matrix  elements  fall  into  two  broad  categories,  larger  ones  whose  behaviour  follows  a clear 
pattern  and  s"'aller  ones  whose  order  of  magnitude  is  uncertain.  Thus  the  five  elements  Q)|.  Q'l2>  I • 

Q"  ).  Qj  > > calculated  by  the  approximate  theoretical  .and  seni-enpirical  methods,  lie  on  opposite  sides 
of  their  linearized  theoretical  values,  lhat  the  same  statement  is  true  of  Qj  I , Q'n  and  Q'j  | is 
probably  fortuitous.  Perhaps  the  large  changes  from  matrix  to  matrix  give  an  exaggerated  idea  of  the 
likely  effect  of  the  boundary  layers,  because  the  tests  are  at  the  low  Reynolds  number  of  about  i06  based 
on  c at  - 0,84  whereas  the  TSP  data  neglect  the  residual  viscous  effects  at  full-scale  Revnolds 

number.  On  the  hypotheses  that  at  full-scale  the  steady- state  results  would  lie  between  the  predictions 
of  the  linearized  and  TSP  theories  and  that  tht  seoi-empirical  method  is  representative  of  the  wind  tunnel. 
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it  could  be  deduced  that  experimentally  determined  oscillatory  aerodynamic  forces  would  differ  from  their 
full-scale  values  by  as  much  as  50  per  cent. 

6.2  Theoretical  and  semi-empirical  predictions 

In  a quest  for  further  clarification  of  the  predicted  oscillatory  aerodynamics  at  Mo,  = 0.84  with 
and  without  viscous  effects  in  the  static  data,  we  consider  the  results  from  linearized  theory,  from  both 
versions  of  the  present  method  and  from  experiment  at  all  five  pressure  stations  (Fig.l).  The  results 
with  inviscid  static  data  from  TSP  theory  have  been  interpolated  in  n . For  the  oscillations  about  the 
axis  X = x^  with  v = 0.393  the  chordwise  distributions  of  the  amplitude  |ACp|/a)  in  Fig. 10  show  how 
the  supercritical  flow  effects  weaken  inboard  of  n = 0.535  .•  Experiment  and  semi-erapirical  calculation 
give  a progressive  forward  movement  of  the  peak  amplitude  as  n decreases;  but  at  all  sections  the 
inviscid  transonic  approximation  leads  to  twin  peaks,  the  second  of  which  moves  gently  aft  as  n decreases. 
With  the  choice  of  mean  incidence  ug  = 0.87°  the  experimental  conditions  are  matched  by  the  calculations 
over  the  outer  part  of  the  span,  but  further  inboard  the  results  with  TSP  data  retain  the  features 
associated  with  a shockwave  near  mid-chord. 

The  corresponding  plots  of  phase  angle  in  Fig. 1 1 show  that  ooth  versions  of  the  present  method 
usually  depart  from  the  linearized  thecretical  curves  towards  the  experimental  data.  But  at  all  five 
sections  there  is  the  persistent  failure  to  reproduce  the  increased  phase  lag  that  is  measured  in  the 
region  C < 0.4  . A physical  explanation  is  that  the  large  area  of  surface  flow  with  local  Mach  number 
M > Moo  impedes  the  upstream  propagation  of  disturbances  from  the  main  periodic-lift-producing  region  just 
ahead  of  the  recompression  or  shockwave.  Of  the  three  basic  assumptions  in  Eqs.(6),  (7)  and  (17),  it  is 
that  of  Eq.  (7)  whose  inadequacy  must  be  questioned;  near  the  leading  edge  where  4>  is  small,  Eqs.(6)  and 
(7)  force  towards  its  linearized  theoretical  curve.  If  Eq.(7)  is  to  be  re-modelled  to  meet  this 

criticism,  a secondary  consideration  is  that  the  same  area  of  flow  with  M > M„,  must  assist  the  down- 
stream propagation  of  disturbances  with  a tendency  to  increase  the  phase  lead  further  aft.  There  is 
experimental  evidence  in  Fig.  11  from  the  outer  part  of  the  span  to  bear  out  this  argument.; 

Fig. 12  gives  the  spanwise  distributions  of  oscillatory  lift  and  the  mean-flow  coefficient  CllO 
whose  semi-empirical  and  experimental  values  are  identical.  The  integrations  to  obtain  the  experimental 
values  of  cC^j^/ca  and  very  approximate,  and  failure  of  the  pressure  transducer  at  C = 0.3 

has  made  the  values  at  n • 0.309  too  unreliable  to  be  worth  plotting.  The  higher  lift  curve  slope  from 
TSP  theory  accounts  for  the  higher  mean  lift  coefficients  and  in-phase  spanwise  loading..  The  imaginary  or 
in-quadrature  part  of  the  spanwise  loading  includes  the  opposing  effects  of  forward  phase  lag  and  rearward 
phase  lead,  and  the  consistently  more  negative  experimental  values  of  tC|ji,/ZaiT  reilects  the  larger 
phase  lags  in  Fig. II.  The  chordwise  centres  of  pressure  of  both  the  mean  loading  and  the  amplitude  of  the 
oscillatory  loading  are  plotted  similarly  in  Fig. 13,  which  features  in  both  cases  the  aft  displacement 
from  the  experimental  or  semi-empirical  positions  to  those  obtained  with  TSP  data.-  Such  a shift  in  the 
aerodynamic  centre  is  considered  to  have  a favourable  influence  on  the  critical  flutter  speed,  and  there 
is  perhaps  a danger  that  the  predictions  based  on  inviscid  supercritical  flow  may  be  over-optimistic;  how- 
ever, by  the  same  token  those  based  on  tests  at  low  Reynolds  number  may  be  too  conservative. 

The  two  final  illustrations  give  the  same  experimental  data  at  n “ 0.766  and  highlight  some  further 
aspects  of  the  calculations.  Fig. 14  first  compares  the  steady  pressure  distributions  from  TSP  theory  at 
a • 0.87°  and  1.07°  with  that  measured  at  a • 2.07°.  The  two  theoretical  distributions  match  the 
measured  lower-surface  pressures  and  the  strength,  if  not  quite  the  position,  of  the  upper-surface  recom- 
pression. it  is  worth  observing  that  the  small  difference  between  these  two  theoretical  loadings  has  a 
primary  influence  on  the  calculated  distributions  of  loading  amplitude  plotted  below  them.  Curves  of  both 
|ACp!/a]  and  are  drawn  for  oq  = 0.87°  and  1.07°  in  the  limit  as  Oj  tends  to  zero.  In  this  narrow 

range  of  oq  the  neglected  viscous  effects  and  the  other  various  approximations  are  judged  from  the  com- 
parisons to  be  more  significant  than  the  effects  of  ag  . Fig. 15  shows  the  semi-empirical  curves  of  load- 
ing amplitude  and  phase  for  ag  = 2.07°  when,  with  the  aid  of  Eq,(29),  the  calculations  are  made  for 

a I = 0.003  and  0.009  instead  of  the  experimental  value  of  0,006  radians.  While  it  is  encouraging  that  the 
differences  in  |ACn|/a|  between  calculation  and  experiment  are  only  of  the  same  order  as  the  effects  of 
0]  , its  trivial  influence  on  does  not  obscure  the  tendency  to  underestimate  the  magnitude  of  the 

phase  angle, 

6.3  Future  framework 

From  the  outset  of  the  work  in  Ref.l  the  philosophy  has  been  to  keep  the  basic  approximations  simple 
with  a view  to  the  re-modelling  of  the  equations  in  the  light  of  experience.  The  primary  need  for  a fuller 
.ippreciation  of  the  physics  of  unsteady  viscous  transonic  flow  remains.  But  one  characteristi.  of  the 
inviscid  aerodynamics,  namely  the  influence  of  the  mean  flow  on  the  rate  of  propagation  of  time-dependent 

disturbances,  has  been  identified  as  the  basis  of  a new  building  block.  It  is  necessary  to  distinguish 

between  the  attenuation  of  upstream  influence  as  a steady  phenomenor  and  the  time  delay  in  upstream 
influence  as  an  unsteady  phenomenon.  Both  of  these  principles  are  implicit  in  linearized  theory  to  a 
limited  degree,  and  the  need  to  intensify  the  process  is  expressed  in  many  promising  non-linear  studies  as 
an  eftective  increase  in  stream  Mach  nunter  related  to  local  flow  conditions.  In  the  present  approach 
Eq.(7)  has  taken  account  of  the  attenuation  within  the  mean  flow,  but  its  apparent  failing  is  to  ignore 
the  consequences  of  the  increased  time  delay  due  to  supercritical  flow. 

It  is  desirable  to  extend  the  present  theoretical  treatment  to  oscillating  control  surfaces,  and 
this  has  been  attempted  for  a plain  trailing-edge  flap  with  little  success  in  the  leading-edge  region.- 
Again,  the  basic  assumption  of  F.q.(7)  has  proved  inadequate;  in  the  case  of  the  oscillating  flap,  moreover, 
there  is  evidence  to  suggest  that  the  semi-empirical  method  underestimates  both  amplitude  and  phase  lag 
near  the  leading  edge.  Since  the  mechanism  of  upstream  propagation  under  supercritical  conditions  should 
be  much  clearer  when  the  forward  part  of  the  wing  is  stationary,  any  le-modelling  of  Eq.(7)  should  taka 
the  steady  and  oscillatory  evidence  for  control  surfaces  into  account. 

Another  road  to  progress  that  can  be  foreseen  is  the  possibility  to  include  Reynolds  number  as  a 
parameter  in  the  approximate  theoretical  method.  At  the  Royal  Aircraft  Establishment,  Mr.  M.C.P.  Firmin 
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is  in  the  process  of  incorporating  the  three-dimensional  boundary-layer  growth  into  Albone's  finite- 
difference  technique  for  solving  the  transonic  small-perturbation  equations  in  steady  flow.  This  new 
source  of  static  data  should  eventually  remove  the  problems  raised  in  the  second  paragraph  of  Section  4.- 
The  difficulties  of  chordwise  integration  and  differentiation  with  sparse  and  scattered  experimental  data 
would  no  longer  arise.  Moreover,  the  restriction  to  wind-tunnel  Reynolds  numbers  on  the  one  hand  or  to 
infinite  Reynolds  number  on  the  other  would  be  lifted,  so  that  the  calculated  flutter  aerodynamics  would 
become  representative  of  the  full-scale  aircraft. 

Beyond  this  foreseeable  stage  of  development  there  remains  the  task  of  assessing  the  inherent 
approximations.  One  should  look  to  more  rigorous  theoretical  attacks  on  the  problem  of  inviscid  unsteady 
three-dimensional  transonic  flow,  to  basic  research  on  unsteady  boundary-layer  and  shockwave  interaction, 
and  to  detailed  wind-tunnel  investigations  of  oscillatory  surface  pressures  on  rigid  and  flexible  models. 
Essential  new  features  of  flutter  aerodynamics  are  likely  to  be  revealed  in  each  case.  The  best  that  can 
be  hoped  from  attempts  to  short-cut  the  process,  such  as  the  present  method  and  Refs. 6,  14  and  15,  is  that 
they  will  be  pursued  with  realism  and  economy. 

7  CONCLUDING  REMARKS 

The  present  method  has  achieved  a measure  of  success,  which  is  ample  to  justify  an  attempt  to 
incorporate  the  delay  in  upstream  propagation  through  a supercritical  mean  flow  as  a new  building  block. 
Such  a refinement  must  be  representative  of  experience  with  both  oscillating  wings  and  oscillating  control 
surfaces. 

There  is  danger  in  adopting  a complacent  attitude  to  flutter  because  the  onset  of  inviscid  super- 
critical flow  can  bring  a theoretical  increase  in  critical  flutter  speed.  This  trend  is  probably  associa- 
ted with  a rearward  shift  of  the  aerodynamic  centre,  which  would,  however,  be  reduced  by  viscous  effects. 

It  is  important  that  the  influence  of  Reynolds  number  should  be  incorporated  into  the  present  method 
as  soon  as  possible  by  means  of  the  input  from  steady-state  data.  The  semi-empirical  calculations  have 
suffered  through  an  insufficiency  of  pressure  data  points,  and  there  is  some  prospect  of  replacing  such 
experimental  data  by  more  closely-spaced  values  from  finite-difference  solutions  with  the  boundary  layer 
included. 

The  growing  current  effort  and  interest  in  unsteady  three-dimensional  transonic  flow  is  creating  a 
demand  for  a concerted  plan  to  bring  about  direct  comparisons  between  the  results  of  the  various  theories 
that  are  in  the  course  of  development.  The  introduction  of  some  standard  examples  is  recommended  as  a 
first  step. 
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3 Effect  of  mean  incidence  on  omptilude  and 
ptiosc  of  oscillatory  loadin9 


F19  3 Calculated  oscillatory  pressures  on  upper  and  lower 
surfaces  at  9 s O 750 


Fi9  4 Measured  and  calculated  oscillatory  surtacc  F19  5 Meosured  end  colculoted  oscillotory  loodin9  ol  i|*0  53S 

pressures  ( = 0 82,  « » 0'402)  in  subcriticol  ond  supercriticol  flow 


F19  6 Senii  - empiricol  effects  of  mean  incidence  on 
oscillatory  loading  (Mg|=  O 84,v  = 0 393) 


Fig  7 Calculated  and  measured  oscillatory  loading 
at  two  sections 
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SUMMARY 

A finite  difTerence  method  for  solving  the  unsteady  flow  about  harmonically  oscillating  wings  is  investigated  The 
procedure  is  based  on  separating  the  velocity  potential  into  steady  and  unsteady  parts  and  linearizing  the  resulting 
unsteady  differentia)  equation  for  small  disturbances  Solutions  are  obtained  using  relaxation  procedures 

The  means  for  improving  the  solution  stability  characteristics  of  the  relaxation  process  are  explored  A direct 
procedure  is  formulated  which  permits  obtaining  solutions  for  lombinations  of  Mach  number  and  reduced  frequency  for 
which  the  relaxation  pnK-ess  has  proved  unstable  The  pressure  distribution  for  an  aspect  ratio  .5  rectangular  wing 
oscillating  III  pitch  is  presented 

I.  INTRODUCTION 

The  purpose  of  the  work  presented  in  this  paper  is  to  develop  a means  for  calculating  air  forces  for  use  in  flutter 
analyses  of  three«dimeiisional  lifting  surfaces  in  the  transonic  flight  regime  Not  onlv  is  flutter  a significant  problem  at 
transonic  sp«‘eds.  but  it  has  jls<i  proved  difficult  to  predict  analytically  These  difficulties  result  not  on)\  from  the 
mathematical  complexities  of  the  equations  but  sImi  from  computer  resources  required  bv  thi*  repi'titive  nature  of  Hutter 
analvHes  performed  during  vehicle  design 

A variet>  of  methods  are  currently  under  study  for  pn^dicting  unsteady  transonu  air  fones.  ranging  from  the 
relatively  expensive  finite  difference  models  including  time  integrations  to  economical  approximati  procedures  based  on 
linear  theory  The  prm'edure  «if  this  paper  is  intended  to  bi'  intermediate  in  terms  of  lomputer  machine  resource  usage 
and  IS  based  on  a finite  difference  meth«Hl  developed  bv  Ehlers  in  reference  i The  assumptnm  of  small  perturbations  from 
a uniform  stream  near  the  spe*ed  of  sound  retains  the  necessary  complexity  for  describing  flows  with  Imal  supersonic 
regnms  The  appluatmn  <il  the  perturbation  yeloc'ilv  potential  n*slricts  the  solution  to  weak  shocks,  which  for  thin  wings 
of  reasonably  good  design,  is  not  ttMi  limiting  an  assumption  When  the  flow  is  steady  the  resulting  nonlinear  differential 
equation  reduces  to  the  welLknown  Iransontc  small  perturbation  tqualion  studied  by  Murman.  ('ole  and  Krupp  irefs  2. 
3.  a.id  4>  The  unsteady  differential  equation  is  simplified  by  considering  the  flow  as  consisting  of  the  sum  of  two  separate 
ptqeiitials  representing  the  steady  and  unsteady  effecis  The  assumption  ol  small  amplitudes  ol  harmonu  i»scillation  leads 
to  a linear  diflerential  equation  lor  the  unsteady  potential  with  variable  uNffuients  depending  on  the  steady  flow  The 
resulting  air  forces  are  thus  superposable  and  may  be  dire«tly  used  m tonventiom  rter  analysis  formulations 

The  eOeit  of  thitkiiess  IS  iiitiuded  in  the  Steady  flow  analysis  The  unsteady  analysis  is  carried  out  for  a wmg  ol 
yanishuig  ihukiiess  but  submerged  in  a yeliatiy  potential  distribution  resulting  from  the  steady  analysis  As  formulated 
the  shmk  IS  fixed  liy  iht*  steady  How  and  it  d«s*s  not  iiioye  with  the  wing  motion  It  is  noted  that  shisk  motion  uid  !><■ 
itultidisl  III  a linear  fashion 


Generally  the  results  of  applying  this  prinedun  «as  r«pi»rled  in  refs  *i  through^*'  haye  bc‘en  eiuouraging  First 
torrelalioii  of  finite  dithreiue  Solutions  for  flat  plate  loiirigurations  with  corresponding  rc>suhs  from  linear  theory  has 
been  g<N»d  for  Uith  two-  and  thri*e  dimensional  ionfiguraln  ns  For  mixed  flow  where  the  solutions  tor  a NAt'A  (>4A(MHi 


airfoil  w>n  compared  with  exper. mental  data  from  TiiUtman  and  Schippers  <ret  im  the  pattern  of  the  pressure 
disiribute  n cIom-K  follows  that  obsc^rycsl  « xp4*rimenlall«.  how«*ytr  the  analytical  pressure  leyels  were  generally  htghc*r 
than  thi  im-asured  l«y«ls  t'h«  rt*a'»on  for  the  disc  repamy  b*  twc*c‘ii  ihcsiry  and  t‘Xp«‘rimenl  is  not  knownbut  iiu.v  be  due  to 
boutidaiv  layer  or  separation  eflecis  or  bi»th  or  to  unknown  problems  issiKiated  with  the  theory  or  with  the  pressure 
measur<  ;ii<-nts  Thus  as  of  this  lime  the  tomdalion  studies  tor  the  two  dimi'iisoma)  c ast*  haye  been  me  one  lusiy  e bee  ausc 
ol  the  ^4ck  of  kioiw ledge  of  yiscous  eflenls  and  for  the  thre*«  dinit'iisionul  cat  he'cause-  of  a total  lack  of  experimental 
pressure  ilata 

A sigmluanl  causi  tor  coiieern  in  the  praelual  applieation  ot  this  priKedure  has  be'e  ii  suhilitc  problems  with  the 
relaxation  prtKfdure's  used  to  so)\t  the  st*is  «•!  finile  ditleretue  e«)uations  Ihtsi  siabll.ty  prt<hltms  which  an  atumtion 
of  reduced  fr*>queiuy  Mach  number  and  the  si/t*  ol  the  riniie  ddereiut  rt-gioii  'owrelv  limit  the  use  of  thl^  mithi»d  in 
flow  regime  s of  most  inten*st  Soiuthui  stability  thus  is  a maior  topic  «d  thi-<  pape  r 


‘Hus  rrtk-arch  was  supported  by  NASA  Langle>  Research  (enter  contract  NASI  and  b>  the  Boeing  (omnierual  Airplane 

('ompany  • rc^arch  pre  gram 
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A second  section  is  devoted  to  a discussion  of  the  accuracy  of  solutions  from  the  finite  difference  model  in  comparison 
with  subsonic  solutions  for  the  flat  plate  This  appears  to  be  important  because  of  the  wave  phenomenon  resulting  from 
the  time  dependence. 

In  addition,  results  are  presented  for  a moderate  aspect  ratio  rectangular  wing  oscillating  in  pitch 

A parallel  study  using  finite  difference  methods  on  the  unsteady  transonic  flow  problem  has  been  conducted  by  Traci, 
Albano,  and  Farr  (refs  7,.  8,  and  9)  The  resulting  procedure  concentrates  in  a consistent  manner  on  the  low-frequency 
regime.  Their  derived  equations  do  not  include  the  cross  product  term  consisting  of  the  derivative  of  the  unsteady  velocity 
potential  <t>]  with  respect  to  time  and  of  the  second  derivative  of  the  steady  velocity  potential  ifto  with  respect  to  the 
flow-wise  coordinate  In  most  of  their  applications,  the  second  derivative  with  respect  to  time  is  left  out  However,  the 
formulation  of  the  finite  difference  equations,  the  handling  of  the  boundary  conditions,  and  the  use  of  a column  line 
relaxation  solution  procedure  appear  very  similar  to  the  procedure  used  here 


2.  FORMULATION  AND  SOLUTION 

A detailed  mathematical  derivation  of  the  method  used  in  this  paper  for  the  solution  of  the  unsteady  velocity  potential 
for  the  flow  about  a harmonically  oscillating  wing  is  presented  in  reference  1 The  discussion  here  will  be  limited  to  a 
brief  outline  of  the  procedure  for  the  two-dimensional  situation 

The  complete  nonlinear  differential  equation  was  simplified  by  assuming  the  flow  to  be  a small  perturbation  from  a 
uniform  stream  near  the  speed  of  sound  The  resulting  equation  for  unsteady  flow  is 

[K-Jy  - l)d|-(y+  II  ^x]  ^xx  + dyy  • (2dxi  ^11 1*^*  * 0 III 

where  K = (1  - M is  the  freestream  Mach  number  of  velocity  Uo  in  the  x-direction,  x andy  are  made 

dimensionless  to  the  temichord  h of  the  airfoil,  and  the  time  t to  the  ratio  b/Uo  With  the  airfoil  shape  at  a function  of 
time  defined  by  the  relation. 


yo  = Sflx.t) 


the  linearized  boundary  condition  becomes 


<h,  = fx(x.t)  + fjlx.t)  (21 

The  quantity  h is  associated  with  properties  of  the  airfoil,  such  as  maximum  thickness  ratio,  camber,  or  maximum 
angle  of  attack,  and  is  assumed  small  The  coordinate  y is  scaled  to  the  dimensionleu  physical  coordinate  yo  according  to 

y = 8'  ’ M*  ’ y„ 


•nd  < u given  in  terms  uf  A by 


€ ■=  (8  Ml*'* 


The  pressure  cuefTicient  is  found  from  the  relation 


i'p  * '2c(^  ♦ 

The  preceding  difTerential  equation  is  simplified  by  assuming  harmonic  motion  and  by  assuming  the  velocity  potential 
to  be  separable  into  a steady^state  potential  and  a potential  representing  the  unsteady  effi'cts  We  write  for  a 
perturbation  velocity  potential 


* - <6oiK.yl  ♦ <>iU.y)e'"* 


l3i 


and  for  the  body  shape 


yo  --  Afts.l)  = 6|f»U»  * f,(«le*"*) 

Since  the  steadV'State  terms  must  satisfy  the  boundary  conditions  and  the  differential  equation  in  the  absence  of 
oik’illations.  we  obtain 


iK  iv  • ^ 


i4i 


viith 


On  the  assumption  that  the  oscillations  are  sinall  and  pr«»docts  of  mav  bt*  neglet  led  Kqs  i i i and  \ aith  the  aid  of 
Kqs  and  >ield 


*1  K - ly  • Udi*  |k&|  [ 
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subject  to  the  wing  boundary  conditions 

(fri  = f]  (x)  + kuf](x).  y = 0.  -1  ^ X ^ 1 *'( ) 

A computer  program  for  solving  the  steady-state  transonic  flow  about  lifting  airfoils  based  on  Eqs  (4)  and(5»  was 
developed  by  Krupp  a-;d  Murman  (refs  3 and  4)  The  output  of  this  program  or  a similar  program  can  be  used  in 
computing  the  coefficients  for  the  differential  equation  of  the  unsteady  potential  The  similarity  of  the  unsteady 
difTerentiai  equation  to  the  steady-state  equation  suggests  that  the  method  of  column  relaxation  used  by  Krupp  for  the 
nonlinear  steady-state  problem  should  be  an  effective  way  to  solve  Eq  (6)  for  the  unsteady  potential  </>t  Note  that  Eq  (6) 
IS  of  mixed  type,  being  elliptic  or  hyperbolic  whenever  Eq  (4)  is  elliptic  or  hyperbolic  Cent.'al  differencing  was  used  at  all 
points  for  the  y derivative  and  at  all  subsonic  or  elliptic  points  for  the  x derivatives  Backward  (or  upstream)  differences 
were  used  for  the  x derivatives  at  all  hyperbolic  points 

The  boundary  condition  that  the  pressure  be  continuous  across  the  wak**  from  the  trailing  edge  was  found  in  terms  of 
the  jump  in  potential  A6]  to  be 


A<6| 


Ad>,^e 


•twU 


(8l 


where  A4|  is  the  jump  in  the  potential  at  x ^ X|  just  downstream  of  the  trailing  edge  and  is  determined  to  satisfy  the 
Kutta  condition  that  the  jump  in  pressure  vanish  at  the  trailing  edge  The  quantity  Ad>i  is  also  used  in  the  difference 
formulation  for  the  derivative  to  satisfy  continuity  of  norma)  flow  across  the  trailing-edge  wake 

For  the  set  of  difference  equations  to  bt>  determinate,  the  value  of  or  its  derivative  must  be  prescribed  on  the  mesh 
boundary  Following  Klunker  (ref  ID.  we  found  an  asymptotic  integral  representation  for  the  far-field  d>i  potential  and 
for  the  related  pressure  p<itential  + iuni>\  Because  of  the  difficultv  with  convergence  of  the  integral  over  the  wake  for 
the  integral  equation  <<f  the  velocity  potential,  upstream  and  downstream  boundary  conditions  for  the  mesh  were  given  in 
terms  of  the  pressure  potential  fuf  which  the  wake  integral  can  be  integrated  in  closed  form  The  value  of  <f>| 

was  computed  at  one  point  on  the  upper  boundary  and  one  point  on  the  lower  boundary-points  that  were  conveniently 
choscm  to  facilitate  rapid  convergence  of  the  wake  integral  The  values  of  tf>]  at  other  points  on  the  upper  and  lower 
boundaries  were  found  by  numerically  integrating  the  quantity  » luxi,  with  respect  to  x 

The  numerical  solution  to  the  resulting  large  order  set  of  difference  equations  mav  be  obtained  using  a relaxation 
procedure  The  initial  solutions  were  obtained  using  a line  relaxation  procedure  ('onvergence  is  determined  bv 
monitoring  ERROR,  the  maximum  change  in  the  velwity  potential  between  iteration  steps  ERROR  is  defined  as  the 
maximum  value  over  all  i and  i of 


r 


where  is  the  unsteady  velwily  potential  for  the  n'"  iteration.  is  the  corresponding  piilenlial  lor  the 

preceding  iteration,  and  ' is  the  relaxation  factor  The  solution  was  considered  converged  when  ERROR  >•'  10  * In  s(»me 
cases,  particularly  for  finer  meshes  and  for  the  pitch  mt*de  convergenie  was  considered  complete  when  ERROR  *'  10  * 


F 


I 


3.  RELAXATION  SOLUTION  STABILITY 


As  has  bt'cn  disoisiu'd  in  a preceding  NASA  report  b\  the  authors  iref  oi.  signifuant  slabilitv  probh'ms  v ere 
encountered  with  the  relaxation  prm'edures  used  to  solve  *h<’  finite  differente  equations  (tenerallv.  these  proiedures 
paralleled  those  successfullv  used  for  the  steady-state  probl«>m  In  essimce  this  meant  sweeping  through  the  mesh  with  a 
line  relaxation  prinedure  When  the  line  of  points  w.is  parallel  to  the  free  stream,  it  was  called  row  relaxation,  when  the 
line  was  p*‘rp«‘ndicu(«ir  o the  flow  it  was  <alK*d  lolumn  relaxation 

The  (haracterisiu's  of  the  solution  instability  are  as  follows 


I It  oicurs  when  the  flow  is  purely  subsimie  as  well  as  mixed  with  ItKuliv  sup«*rsonic  regions  Thus  the  instabilitv  is 
not  involved  with  (he  presence  or  abwmce  of  trans<»nu  shiwk  flow 


i It  appears  to  be  a fumtion  of  A|  wMil-M'i  and  the  size  of  the  finite  differeiue  area  for  the  two  dimensional 
problem  or  volume  for  (he  three-dimensional  problem  An  analysis  of  the  flat  plate  with  a uniform  mesh  \ields 
for  the  critual  value  of  A}  the  value  of  A|  above  whuh  the  relaxation  solution  is  unstable 


'(  Klllt  Al 


where  a IS  the  sireaniwiM'  dimension  of  the  mesh  region  h is  t^**  height  and  K is  the  transonu  parameter 


.1  For  a given  londition  <sav  a fixed  Mach  number  and  finite  differeiue  point  setup*  as  A)  was  imreaM'd  the  rate  of 
lonvergeme  detreast^  until  (he  s«dution  btart«*d  to  dnerge  Thus  the  aituai  value  of  A|  fttr  whuh  the  s4>lutioi> 
first  diverges  is  ill-defimHl  although  it  is  generallv  in  the  nnghhorhtHid  i»f  the  value  gisen  bv  the  preceding 
formula 
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Some  msight  into  the  causes  of  the  instability  mav  be  obtained  by  considering  the  Helmholtz  eouation  rilo  which  the 
difference  equation  for  the  oscillating  flow  over  a flat  plate  may  be  transformed,  namely, 

Xxx  + + AjX  - 0 (111 

It  IS  well  known  that  solutions  to  the  Helmholtz  equation  may  not  be  unique  fur  given  types  of  boundary  conditions  on 
a closed  region  since  eigenfunctions  corresponding  to  real  eigenvalues  can  occur,  i e . functions  representing  standing 
waves  for  which  homogeneous  boundary  conditions  occur  on  the  boundary  For  the  rectangular  mesh  area  of  width  b and 
length  a,  the  first  eigenvalue  associated  with  solutions  of  the  Helmholtz  equation  with  Dirichlet  boundary  conditions  is 
the  critical  value  of  A|  just  presented  In  terms  of  the  relaxation  procedure,  it  was  shown  in  reference  5 that  solutions  of  a 
relaxation  problem  of  the  form 


|A]  |<M  -{R\ 

converge  only  when  [A]  is  positive  definite  and  this  holds  for  the  unsteady  problem  when  Xj  is  less  than  Aj  ^ 

Integral  equation  solutions  currently  in  use  for  the  linearized  subsume  unsteady  soiuti  os  employ  only  the  outgoing 
wave  solution  for  the  kernel  function  Similarly  the  outgoing  wave  solution  is  used  to  define  Klunker-type  (ref  111 
boundary  conditions  on  the  outer  boundary  of  the  mesh  region  Since  the  boundary  conditions  are  essentially 
Dinchlet-type,  apparently  the  incoming  wave  solution  is  picked  up  during  the  numerical  solution 

In  this  section,  we  will  discuss  the  effect  of  applying  outgoing  wave  boundary  conditions  directly  on  the  outer 
boundaries,  the  effect  of  using  a coordinate  transformation  to  move  boundaries  of  the  finite  difference  region  tu  infinity, 
and  the  results  of  using  an  explicit  solution  rather  than  a sequential  line  relaxation  solution 

3 1 Variations  in  Outer  Boundary  ('onditions 

The  Klunker-type  boundary  conditions  define  on  the  upper  and  lower  boundaries  and  set  on  the 

upstream  and  downstream  boundaries  of  the  finite  difference  region  Since  these  boundary  conditions  apparently  did  not 
effectively  sort  out  the  incoming  waves  from  the  outgoing  waves,  alternative  conditions  were  explorc'd  These  included 
using  an  outgoing  (radiation-typei  condition  on  all  four  boundaries  and  also  a porous  wall  boundary  condition  on  the 
upper  and  lower  boundaries  The  mathematical  forms  for  these*  boundary  condi'ions  are  summarized  in  table  1 The 
porous  wall  conditions  could  be  varied  to  form  either  a "free  jet”  by  making  the  parameter  R (the  porositv  parameter) 
very  large,  or  a "solid  wall”  condition  by  making  the  parameter  R small  In  practice,  the  parameter  is  usually  fixed  by 
some  empirical  method  for  specific  wind  tunnel  conditions,  but  for  the  current  work  the  interest  is  on  how  the  stability  of 
the  relaxation  solution  may  be  dependent  on  its  value. 

Table  1 -Bquations  for  Boundary  Conditions 


BOUNDARV  CONDITIONS 

BOUNDARV 

EOUATION 

UPSTREAM 

- 0 

1.: 

OUTGOING  WAVE 

DOWNSTREAM 

1+M  1 

’ 0 

UPPER 

•iy  1 -M**i 

” 0 

LOWER 

A A 

*1,  1-M**1 

- 0 

2. 

POROUS  WALL 

UPPER 

LOWER 

*1*  ' ‘"^1 

' 0 
- 0 

The  pilot  program  was  modified  so  that  all  six  combinations  of  outer  boundary  conditions  shown  in  table  d lould  be 
run.  that  is.  either  of  the  two  conditions  on  the  upstream  and  downstream  boundaries  could  be  ’’un  with  anv  one  (»f  the 
three  boundary  conditions  specified  for  the  uppc*r  and  lower  boundaries  The  free-)et'  and  solid  wall'  boundarv 


Table  2 -Types  of  Boundary  Conditions 


UPSTREAM  AND 
DOWNSTREAM 
BOUNDARIES 

UPPER  AND  LOWER 
BOUNDARIES 

1.  KLUNKER 

2.  OUTGOING  WAVE 

1.  KLUNKER 

2.  POROUS  WALL 

FREE  JET  (LARGE  R) 
INTERMEDIATE 
SOLID  WALL  (SMALL  R) 

3.  OUTGOING  WAVE 

I 
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conditions  also  were  programmed  explicitly  and  thus  could  be  applied  without  the  need  for  fixing  a value  for  R The  test 
example  consisted  of  a two-dimensional  airfoil  of  vanishing  thickness  oscillating  in  harmonic  pitch  at  a Mach  number 
of  0 9 For  this  case,  and  for  the  mesh  dimensions  that  are  used,  the  reduced  frequency  above  which  relaxation  solutions 
are  expected  to  be  unstable  according  to  Eq  (10)  is  about  0 1 The  examples  were  run  for  a very  coarse  mesh  (17  x 10). 
and  the  overrelaxation  factor  (ORF)  was  varied  to  make  sure  the  solution  instabilities  were  not  due  to  too  large  an  ORF 

The  results  of  the  calculations  may  be  summarized  as  showing  that  the  alternate  boundary  conditions  used  did  not 
significantly  improve  the  convergence  of  the  solution  In  some  cases,  a slight  increase  in  the  value  of  reduced  frequenc> 
was  observed  for  which  convergent  solutions  could  be  obtained  No  combination  of  boundary  conditions  would  provide 
solution  convergence  above  a reduced  frequency  of  0 18  Since  the  exact  values  of  lo  at  which  a relaxation  solution  stops 
converging  and  starts  diverging  cannot  be  exactly  determined  anyway,  the  results  of  this  investigation  were  not 
considered  promising 

3 2 Coordinate  Transformation 

A second  concept  explored  in  hopes  of  removing  the  relaxation  solution  stability  problem  was  a coordinate 
transformation  that  permits  the  boundary  conditions  at  infinity  to  be  used  on  the  boundaries  of  the  finite  difference 
region,  that  is,  the  physical  region  to  infinity  is  mapped  into  the  limited  area  of  the  finite  difference  mesh  in  the 
calculation  plane  The  particular  form  of  transformation  that  was  used  is  that  suggested  by  Carlson  iref  12)  which,  as  he 
points  out.  allows  for  a physically  realistic  behavior  of  the  solution  at  infinity  The  physical  plane  is  divided  into  three 
regions  by  perpendicular  lines  through  the  leading  and  trailing  edges  of  the  airfoil  (See  fig  1 ) The  physical  plane 
coordinates  (x.y)  are  related  to  the  calculation  plane  coordinates  (^.t))  by  the  following  relations 

in  region  1 where  f -1 


X - -1  + tan  |(jr  2H^  + !)]  + tan  [(tt  2)(f  *'  1 )'*] 


in  region  II,  where  *1  < ^ 1 


X f j|(6  - ff)  4]  t |(ir  - 2>  4) 


and  in  region  111,  where  1 f 


X - I ♦;  tan  |(ff  - li]  tan  |(7t  2iif  - 1 )*) 


and 


y --  tan  itt 


Ill 


Figun  1 -Subdivision  of  Flow  Field  for  Coordinate  Transformation 


Two  different  boundary  conditions  were  ust‘d  The  first  consisted  simplv  of 

making  0 on  all  four  boundaries,  the  second  of  using  the  outgmng  wa\e  conditions  discussed  in  the  preceding  section 
Here,  the  outgoing  wave  condition  was  applied  at  the  midpoint  between  the  boundary  and  the  point  adjacent  to  the 
boundary 

These  changes  d*d  not  solve  the  relrxation  solution  stability  problem  For  a given  Mach  number  for  example, 
relatively  little  (if  any*  change  was  noted  in  values  of  reductnl  frequency  at  which  the  solution  became  unstable 

It  IS  of  interest  to  note  that  the  combination  of  the  cmtrdinate  transformation  and  the  outgoing  wave  boundarv 
condition  provided  results  for  the  flat  plate  which  verv  cIom'Iv  matched  corresponding  data  from  the  NASA  subsonu  air 
force  program  (refs  13  and  14)'  A comparison  of  results  from  Klunker-tvpe  boundary  conditions  with  results  from 
outgoing  wave  conditions  together  with  the  coordinate  transformatnm  is  shown  in  figure  2 It  should  be  noted  that  the 
former  results  are  for  a 42  x 30  mesh  while  the  latter  results  are  for  a significantly  coarser  2H  x 20  mesh 

3 3 ('omplete  Direct  Solution 

A ' semidirect  * solution  procedure  was  examined  by  the  authors  in  reference  r>  Thi  form  of  the  equation  sitlu^d  at  that 
time  was 


IAU..J  {*,•"•!  = 


U2i 
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where  contained  an  element  for  each  interior  mesh  point  In  other  words  there  was  still  an  iteration  required  to 

update  the  vector  on  the  right-hand  side  Although  very  efficient  for  the  small  meshes  for  which  it  was  used 

(1  e , permitted  by  the  in-core  solution  capability),  it  was  subject  to  the  same  type  of  solution  instability  as  the  relaxation 
solutions  However,  it  is  possible  to  rewrite  the  equation  so  that  all  unknowns  art  on  the  left  hand  side  and  the  solution 
may  be  calculated  without  iteration  This  complete  or  full  direct  procedure  should  provide  answers  over  the  full  range  of 
values  except  for  the  specific  values  of  X|  for  which  the  matrix  [ AlX| )]  is  singular 

This  piocedure  was  first  tested  with  a one-dimensional  problem  There  was  no  problem  in  obtaining  solutions  near  the 
singular  points  However,  accuracy,  as  measured  against  the  analytic  answers,  did  present  difficulties,  which  are 
discussed  in  detail  in  section  4 


MACH  NUMBER  0 9 
REDUCED  FREQUENCY  006 


PITCH  ABOUT  LEADING  EDGE 


LINEAR  THEORY 

!o  OUTGOING  WAVE  BOUNDARY 
CONDITIONS  WITH  COORDINATE 
TRANSFORMATION,  2B  X 20  MESH 

^ KLUNKER  TYPE  BOUNDARY 
CONDITIONS,  42  X 30  MESH 


IN-PHASE 


-1.0  -0.5  . 


0.5  1.0 


OUT-OF-PHASE 


Figure  2 -Jump  in  Pressure  Coetticienl  Across  a Flat  Plate  Oscillating  in  Pitch 


The  full  direct  solution  was  also  investigated  for  use  with  two-dimensional  problems  One  formulation  that  was  used 
includid  the  v<iordinate  transformation  and  the  outgoing  wave  boundary  conditions  discussed  above  Use  of  the  latter 
significantlv  reduced  the  bandwidth  of  the  |A)  matrix  over  what  H would  have  beim  had  Klunker-tvpe  imter  boundar> 
conditions  b<*en  used,  thus  increasing  the  numhiT  of  mesh  points  that  could  be  handled  by  the  in-core  solution  routines 

The  resulting  program  was  used  on  the  sample  problem  of  the  airfoil  of  vanishing  thickness  oscillating  in  pitch  As 
with  the  one-dimensional  program,  no  trouble  was  encounteri^  in  obtaining  solutions  at  frt>quencies  well  above  values 
that  had  proviKl  critical  for  the  relaxation  solution  However,  onie  the  neighborhood  of  the  critiial  value  had  bt*en 
reached  or  exceeded,  very  poor  correlation  with  c.irresponding  solutions  from  the  NASA  subsonic  unsteady  flow  pntgram 
was  obtained,  that  is.  as  the  value  X|  was  increased  from  subc'ritical  values  to  supercritical  values,  correlation  with  the 
NASA  program  went  from  very  good  to  verv  pcsir  The  characteristics  of  this  lack  of  correlation  are  discussed  in  detail  in 
section  4 

The  original  direct  solution  package  did  not  contain  a pivoting  capabilit\  Since  concern  was  expressed  about 
numerical  accuracy  of  the  solution  in  the  neighborhtHid  of  the  matrix  singularities  a solution  routine  including  partial 
pivoting  with  equilibration  was  inserted  in  the  program  Although  it  could  be  determined  that  pivoting  was  used  during 
the  solution,  the  results  remained  exactiv  the  same  to  the  numbcT  of  significant  digits  r<  taim*d 

In  summary  the  full  dircut  solution  provides  solutions  at  values  of  X|  above  the  critical  value  The  solutions  do  not 
correlate  well  with  corresponding  solutions  from  the  NASA  subsonic  unsteadv  flow  program  and  are  thus  not  considered 
reliable  Since  these  solutions  have  bc*en  obtained  using  routines  that  include  partial  pivoting,  the  lack  of  correlation  does 
not  appear  to  be  due  to  numerical  problems  inverting  the  matrices  The  problem  may  be*  due  to  the  restriction  to  a 
relativelv  small  numbc'r  of  mesh  points  bc'causc*  of  a limitation  of  the  in-vore  solution  routine  and  or  due  to  the  tvpe  of 
boundary  conditions  This  seems  to  be  borne  out  by  the  results  from  the  sludv  of  the  ohe-dimensional  problem  for  which 
an  error  analysis  is  easy  to  <»btain  This  is  distu.ssed  in  detail  in  section  4 


4.  NUMKRK'AL  A('rURA('Y  FOR  LAROKR  VAI.UKS  OF  x, 

The  accuracy  of  the  finite  dilference  prmc'dure  ol  this  report  mav  be  discussed  in  several  different  contexts  Previous 
reports  <bv  the  authors  in  refs  1 'i,  and  h and  Trac’i  et  al  in  reN  7 K.  and  have  included  numerical  examples  the 
results  of  which  are  comparc'd  either  with  the  experimental  data  <d  I'lidetnan  and  Schippers  ircT  or  with  other 

analvtical  data  These  analvtual  data  mav  be*  lor  sirutlv  subsonic  flow  iflow  at  high  .Mavh  number  over  a Oat  piat«*>  or 
more  detailed  transonic  calculations  including  lull  shmk  elYects  such  as  those  bv  Magnus  and  Yoshihara  <ref  I'd  '1  he 
diMUssiun  ht‘rc‘  coiuentrates  «in  the  relation*-hip  ht'iwtcn  thc>  critical  value  ol  A)  uritical  in  terms  of  relaxation  solutiim 
stabiiitV'  and  the  accuraev  t»t  the*  fimte  difitreiue  solulionN  relative  to  more  c'xait  linear  solution^  The  examples  to  be> 
dls»usse*U  do  not  include-  shock  etfecls 


Sec  torn  } 1 di-sc  u>se*s  re  suit*'  from  a one*  dlme‘n^lonal  analog  to  the*  finite*  difie-re  me-  mode  1 Se-i  t ion  4 J di«*i  us**es  ■ 
two-dinu  nsional  finite  difiereiue  results  compared  with  kt  rnel  function  solutions 
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4 1 The  One-Dimensional  Problem 

in  order  to  gam  insight  into  the  unsteady  transonic  problem  as  formulated  in  this  paper,  a one-dimensional  version  of 
the  flat  plate  problem  was  investigated  The  one-dimensional  analog  of  the  two-dimensional  equation.  Eq  (6),  for  a flat 
plate  may  be  obtained  by  dropping  the  «<»o  terms  and  the  term  Dividing  the  resulting  equation  by  K.  we  have 

2iX|M<t,  (1  - = 0 (13) 

uM 


The  exact  general  solution  to  Eq  ( 13)  is 


iii(x)  + Cje''*'"  (14) 

where  C)  and  Cj  may  be  determined  once  the  boundary  conditions  (end  conditions)  are  specified  An  approximate 
solution  over  an  interval  [a,b]  may  also  be  found  by  transforming  Eq  (13)  to  a finite  difference  equation  with  the 
solution  being  obtained  by  either  a full  direct  solution  (similar  to  that  discussed  in  sec  3 3)  or  by  a point  relaxation 
procedure 

The  interest  here  is  in  comparing  answers  obtained  from  the  finite  difference  solution  with  corresponding  answers 
from  the  exact  solution  For  this,  the  maximum  error  quantity  E for  a given  reduced  frequency  lug  is  defined  as 


E((ug ) 


max 

1 = 1,  IMAX 


<^i| 

■l-XAl  T 


KINITK  OIFU-RI-NI  V 


(1,5) 


The  investigation  is  aimed  at  determining  the  effect  of  the  kind  of  boundary  conditions  used  on  Eliog)  First,  it  is  clear 
from  the  exact  solution  that  the  solution  for  a given  reduced  frequency,  w.or  X|  is  made  up  of  components  with  two 
substantially  different  wavelengths  For  a given  finite  difference  mesh  la  given  number  of  mesh  points  and  specified  mesh 
spacing).  It  would  be  expected  that  the  short  wavelength  component  woulu  be  less  accurately  represented  than  the  lung 
wavelength  component,  that  is,  a solution  that  is  made  up  predominantly  of  the  short  wavelength  component  would  be 
less  accurately  determined  using  a finite  difference  calculation  than  a solution  made  up  predominantly  of  the  long 
wavelength  comp.ment  This  has  indeed  proved  to  be  the  case,  as  shown  by  examples  presented  in  figure  3 Here  two 
combinations  of  Uirichlet  and  Cauchy  boundary  conditions  were  used  to  obtain  solutions,  the  first  was  set  up  so  that  the 
solution  would  consist  solely  of  the  short  wavelength  component  and  is  denoted  by  the  A-symbols  in  figure  3,  and  the 
second,  so  that  the  solutr  n would  consist  solely  of  the  long  wavelength  component  and  is  denoted  by  the  O-symbols  The 
error  level  for  the  long  wavelength  component  is  significantly  lower  than  (hat  for  the  short  wavelength  component 
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Figure  3 -Comparison  ot  Error  Curve  for  Long  and  Short  Wavelength  Solutions 


Second,  it  is  of  interest  to  know  how  the  error  varies  with  frequency  An  analysis  of  a similar  equation  was  made  bv 
Fist  her  and  Csmani  in  referenct*  IH  The  equation  studied  was  of  the  form 

4ixx  c Xj'iii  ■ U ( Itii 

and  IS  siniplv  related  to  our  one-dimenaional  ik|  equation  by  the  transformation 


A, 


MT) 


NUth  th*'  anahsis  basrd  tm  rqualh  spact'd  mesh  ptiints  Apphcation  of  their  analysis  to  the  equation,  Eq  16.  sho>hs  that 
for  small  \alues  of  hA|.  Mhere  h is  the  distance  between  adjacent  mesh  points,  and  Dirichlet  end  conditions 


E 


Eh-xr* 

sin|X|  (b  - a>] 


< IHi 


17-8 


for  some  constant  E which  is  independent  of  the  reduced  fn-quency  anJ  mesh  spacing  In  view  of  the  close  relation 
between  the  <t>i  and  ^ equations,  we  would  expect  the  error  behavior  in  the  finite  difference  solution  to  be  similar  in  both 
cases  Eq.  (18)  displays  several  interesting  characteristics  For  example,  the  predicted  error  is  directly  proportional  to  the 
square  of  the  mesh  point  spacing  h and  the  third  power  of  Xi  or,  for  fixed  Mach  number,  the  third  power  of  the  reduced 
frequency  w Also,  the  presence  of  the  sin  [Xi(b-a)]  in  the  denominator  of  the  equation  introduces  singularities  in  the 
error  curve  at  values  of  w (or  A,)  for  which  X|(b  * a)  = nir  These  values  of  Xi  correspond  to  eigenvalues  of  the  analytical 
solution  (Eq.  14) , 1 e , they  are  values  of  X|  for  which  there  is  no  unique  analytical  solution  In  view  of  the  close  relation 
between  (f>\  and  0 equations,  it  is  expected  that  the  error  behavior  would  also  be  the  same  for 

The  presence  of  the  singularities  in  the  curve  of  maximum  absolute  modulus  error  versus  reduced  frequency  is  shown 
in  figure  4 by  the  A-symbols  It  would  appear  that  the  eigenvalues  for  the  analytic  system  do  not  coincide  exactly  with  the 
eigenvalues  for  the  finite  difference  system  as  noted  by  the  distortions  in  the  curves  with  which  the  points  have  been 
connected.  The  calculation  was  set  up  so  that  E(wii)’  would  be  »*valuated  at  five  points  between  each  analytic  eigenvalue 
The  singular  behavior  is  the  result  of  the  evaluation  cf  the  C|  and  C2  from  a set  of  simultaneous  equations  that  are  a 
function  of  the  applied  boundary  conditions  This  set  of  equations  may  be  written  in  the  form 

[a(A,)]  {C}  = { 7} 
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Figure  4.-Companson  of  Error  Curves  for  Boundary  Conditions  Yielding  All-Beal  and  Complex  Eigenvalues 


where  a IS  a 2 X 2 matrix  which  is  a function  of  X|  lor  w).  ('  is  the  two-element  column  matrix  made  up  of  ('1  and  ('2  The 
forms  of  (I  and  y are  a funUion  of  the  nature  of  boundary  iend»  conditions,  1 e . whether  they  are  Dinchlet.  Neumann,  or 
(’auchy  Moreover,  for  certain  values  of  X|.  the  determinant  of  « will  be  equal  to  zero  These  certain  values  are 
eigenvalues  For  values  of  k\  that  correspond  to  eigenvalues,  the  solution  for  ('1  and  is  not  unique,  that  is.  for  Xj  equal 
to  eigenvalues,  there  is  no  exact  solution  to  Eq  < 13> 

It  is  interesting  to  note  that  the  values  of  X|..  which  are  eigenvalue.s  of  «.  mav  be  either  all-real  or  complex  depending 
on  the  nature  of  the  boundary  condition.s  It  is  readilv  .shown  that  Dinchlet  conditions  on  both  ends  or  Neumann 
conditions  on  both  ends  lead  to  all-real  eigenvalues  Howc'Ver.  for  certain  combinations,  such  as  mixed  conditions 
• Dinchlet  on  one  end  and  (’auchy  on  the  other),  the  eigenvalues  may  be  made  complex  Under  these  circumstances,  we 
would  not  expect  the  violent  peak  and  vallev  behavior  of  the  error  plots  that  result  from  the  all-real  eigenvalues  This  is 
indeed  confirmed  with  the  results  shown  in  figure  4 when  the  boundary  conditions  are  such  as  to  yield  complex 
eigenvalues 

This  problem  was  originally  studied  to  see  if  it  would  she'd  light  on  the  relaxation  solution  instability  problem  In 
particular  it  was  of  interest  to  see  if  relaxation  solutions  could  obtained  for  boundary  lend)  conditions  for  which  the 
eigenvalues  are  complex  However,  tests  with  a relaxation  solution  of  the  one-dimensional  sv.stem  have  m>t  converged  and 
thus  having  complex  eigenvalues  does  not  seen*  t.«  materially  affect  the  convergence 

In  additmn.  it  wa.s  noted  (hat  Kq  il8>  implicHl  that  the  error  was  proportional  to  or  cu'*  An  example  of  this  is 
shown  in  figur*-  ."t  where  an  error  curve  for  an  example  in  which  the  singularity  behavior  has  been  suppressed  is  compared 
with  a curve  proportional  to  The  correlation  between  the  two  is  very  good  Also  included  is  a curve,  which  is 
proportional  to  lu*  as  is  predicted  h\  a conventional  truncation  analysis  of  the  finite  difference  equation 

In  summarv  analvsis  and  experiinent  of  the  one-dimensional  equation  shows  that  the  error  from  the  finite  difference- 
solution  IS  proportional  to  h‘Ar’  and  thus  the  number  of  points  has  to  be  expanded  u»r  more  specificallv  the-  mesh  spscing 
r»‘duc»‘d'  in  proportion  t<i  the  d 2 power  of  the  tn-quemv  in  ordc*r  tc»  retain  accuraev  The  level  of  the  c-rror  is  det**rmined 
bv  the  houndarv  conditums  which  in  turn  determine  the  relative  contributions  to  th«“  solution  bv  the  long  and  short 
wave-length  u>mpun»‘nts  The  redativc-lv  larger  part  the  long  wavelength  c«mip»»m-nt  plavs  the  smalh*r  the  iif  e-rror 

Supc-nmposed  on  this  gem-ral  error  curve  can  be  a senes  of  peaks  and  vallevs  with  the  pc-aks  u-nten-d  around  the*  value  s 
of  A,  'or  f.>>  that  correspcuid  It*  the  r**al  tugenvalues  o**  the  s\sieni  of  finite  diffc-rence  c-quations  and  arc  dependent  on  the- 
houndarv  conditions  If  the  cm gc*nv allies  an*  complex  the  peak  and  vallev  bc-hav  lor  of  the*  ern*r  c urve*  is  suppn-ssed 

fhc'sc*  results  would  includle  that  for  certain  choices  of  houndarv  omditions  and  sufToientlv  fine'  nosh  spacing 
ade(|uatelv  accurate  rc‘sults  mav  be  obtained  m the  two-diniensional  case  using  a lull  dirc>ct  -oiution  method 
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Figure  5 -Variation  of  Error  Curve  With  Reduced  Frequency 


4 2 Two-Dimensional  Kxamples 

As  noted  in  section  3,  a complete  direct  solution  using  outgoing  wave  boundaiy  conditions  permits  the  obtaining  of 
solutions  at  large  values  of  reduced  frequency,  and  solution  stability  no  ’onger  is  a problem  However,  for  the  mesh  sizes 
used,  the  correlation  between  the  finite  difference  solutions  and  linear  theory  becomes  very  poor  Results  are  presented 
here  for  a twu-dimensional  airfoil  of  vanishing  thickness  oscillating  in  pitch  in  a free  stream  of  M = 0 9 Under  these 
conditions,  relaxation  solutions  would  be  expected  to  be  unstable  at  reduced  frequencies  (based  on  the  semichord)  above 
0 1 according  to  Eq  (lUi  Results  were  obtained  using  both  the  lu.ear  theory  program  and  the  finite  difference  program 
Very  good  correlation  between  the  two  theories  was  obtained  at  - 0 06  (see  fig  2)  and  very  poor  correlation  at  w - 0 3 
as  shown  in  figure  6 The  correlation  is  significantly  degraded  even  at  a>  - 0 09  as  shown  in  figure  7 To  test  whether  this 
phenomenon  was  a function  of  rather  than  w,  the  same  problem  was  renin  at  a Mach  number  of  0 4 with  reduced 
frequencies  so  that  the  values  of  A|  were  the  same  (’orrelation  between  results  from  linear  and  finite  difference 
calculations,  as  shown  in  figures  8 and  9.  was  good  at  " 0 6 (corresponding  to  u»  = 0 06  at  M --  0 9)  and  poor  at  cu  = 0 9 
(corresponding  to  <o  = 0 09i  The  results  at  lo  - 3.  which  are  not  shown,  were  very  poor  Thus,  the  results  from  the  full 
two-dimensional  transonic  ^.roblem  (although  with  nonmixed  flow)  appear  to  follow  the  same  pattern  as  the  results  from 
the  very  simplified  one-dimensional  example  Indeed,  the  poor  results  of  M 0 9.  ry  0 09  and  at  M ■ 0 4 w - 0 9 appear 
to  be  due  to  the  same  cause  as  the  peaks  in  the  error  curve  shown  m figure  4 

These  results  were  checked  using  a direct  solution  routine  incorporating  partial  pivoting  with  equilibration  The 
results  were  not  changed  although  it  was  possible  to  tell  that  the  pivoting  , 'portion  of  the  routine  had  been  used  Thus  the 
errors  encountered  with  the  two-dimensional  calculations  do  not  seem  to  be  due  to  numerical  problems  resulting  from 
ill-conditioned  matrices  Increasing  the  number  of  mesh  points  in  order  to  improve  correlation  was  not  feasible  with 
available  computer  resources 


Figure  6 -Jump  in  Pressure  Coefficient  Across 
a Flat  Plat  Oscillating  in  Pitch 


Figure  7 -Jump  in  Pressure  Coefficient  Across 
a Flat  Plate  Oscillatin  gin  Pitch 
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PITCH  AXIS  AT  LEADING  EDGE 


Figure  8^Jump  in  Pressure  Coefficient  Across 
a Fiat  Plate  Oscillating  in  Pitch 


5.  RESULTS  FOR  A RECTANGULAR  WING 

In  a preceding  report  by  the  authors  (ref  5),  a pilot  program  for  three-dimensional  Dow  vvas  described  This  program 
was  used  to  calculate  the  pressure  distributions  over  an  aspect  ratio  5 rectangular  wing  oscillating  in  harmonic  pitch  The 
calculations  were  performed  for  both  a flat  plate  and  a NACA  64A006  profile  configuration,  in  a flow  with  a free-stream 
Mach  number  of  0 875  and  with  a reduced  frequency  based  on  the  root  semichord  of  0 06  A mesh  of  44  points  in  the  How 
direction,  32  points  in  the  spanwise  direction  for  the  full  span,  and  26  points  in  the  vertical  direction  was  used  The  finite 
difference  region  extended  about  one  chord  length  m front  of  the  leading  edge  and  behind  the  trailing  edge,  about  seven 
chord  lengths  above  and  below  the  wing  surface,  and  slightly  more  than  a semispan  beyond  the  wingtip 

The  computation  time  for  the  finite  difference  calculations  was  on  the  order  of  7 t3  8 CPU  seconds  for  each  iteration 
and  8 to  9 seconds  for  each  far-field  update  This  was  for  a ('D('  6600  computer  using  the  Kronns  2 1 operating  system  A 
significant  saving  over  these  costs  could  be  achieved  for  symmetrical  wings  with  a mean  angle  of  attack  of  0**  by  taking 
advantage  of  the  symmetry  properties  of  the  flow  Under  these  limitations,  the  steady  velocity  potential  is  symmetric,  the 
unsteady  potential  is  antisymmetric  with  respect  to  the  vertical  coordinate,  and  the  calculations  need  bt‘  earned  out  only 
over  one-fourth  of  the  total  finite  difference  region 

The  analyses  were  made  using  column  relaxation  It  was  noted  in  reference  5 that,  for  the  two-dimensional  problem, 
ro’.f  relaxation  was  much  more  efficient  than  column  relaxation  in  terms  of  reaching  a specified  degree  of  convergence  in 
a minimum  number  of  iterations  It  was  determined  that  in  using  row  relaxation  for  mixed  flow,  additional  terms  must  be 
included  in  the  finite  difference  equation  for  hyperbolic  points  to  avoid  solution  instabilities  These  additional  terms  have 
not  proved  enough  to  avoid  instabilities  in  the  three-dimensional  row  relaxation  solution,  and  it  is  assumed  that  the  two- 
dimensional  analysis  of  reference  5 should  be  extendcKl  to  the  three-dimensional  equations  For  the  case  to  be  shown,  the 
converged  solution  (in  this  case  the  ERROR  of  Eq  (9)  was  to  b«‘  less  than  ur*M  was  of  the  order  of  180  iterations  w ith  the 
initial  unsteady  velocity  potential  distribution  set  to  zeros 

The  steady-state  pressure  distribution  for  a NA('A  64A006  profile  is  shown  m figure  10  It  was  obtained  using  a 
program  developed  by  Ballhaus  and  Bailey  (ref  17i  The  jump  in  pressure  coefficient  due  to  harmonic  pitch  about  the 


Figure  10  -Steady^State  Pressure  Coefficient  Distributions  for  an  Aspect  Ratio  5 Rectangular  Wing 
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planform  leading  edge  is  shown  in  figures  11  and  12  Three  difTerent  results  are  presented  The  first  results  are  from  the 
NASA  subsonic  unsteady  three-dimensional  airloads  program  using  linear  theory  <refs  13  and  14l  These  should  compare 
directly  with  the  second  set  of  results  calculated  using  the  finite  difference  program  and  a flat  plate  airfoil  section  The 
third  data  set  is  from  using  the  finite  difference  program  with  the  steady  velocity  potential  distribution  from  the 
nonlinear  steady-state  solution  for  the  wing  with  a NACA  64A006  profile  in  addition  a two-dimensional  result  from 
finite  difference  theor>  for  the  same  airfoil  section  is  shown  in  the  planform  root  plane 

Generally,  the  linear  results  correlate  very  well  with  the  corresponding  finite  difference  results  for  a flat  plate  The 
results  including  thickness  display  the  pressure  rise  in  the  neighborhood  of  the  shock  that  has  been  characteristic  of 
corresponding  experimental  measurements  (see  for  example  ref  lOi  The  three-dimensional  results  show  a significant 
softening  of  the  pressure  rise  in  comparison  with  the  two-dimensional  results  These  results  d’ffer  from  those  presenU‘d  in 
refs  5 and  6 because  of  a corrected  scale  factor  on  the  steady-state  velocity  potential  Of  concern  is  the  apparent 
intensifying  of  the  shock  effect  at  the  midpoint  of  the  semispan  of  the  wing  The  reason  for  this  result,  which  is  not 
expected  physically,  is  currently  attributed  to  the  way  the  finite  difference  operators  are  handled  The  program  is  written 
to  use  central  differencing  for  subsonic  points  (as  determined  from  steady  flow)  and  backward  differencing  for  supersonic 
points  An  abrupt  change  in  the  pattern  of  subsonic  and  supersonic  points  occurs  on  the  chord  adjacent  to  the  one  with  the 
sharpest  shock  effects  It  may  be  that  use  of  the  shock  point  operator  would  result  in  a more  physically  acceptable 
pressure  distribution  There  are  no  experimental  data  available  at  this  time  for  comparison  purposes 


Figure  1 1 -Pressure  Coefficient  Distribution  for  an  Aspect  Ratio  5 Rectangular  Wing 
Oscillating  in  Pitch.  Real  Component 


Figure  12  -Pressure  Coefficient  Distribution  for  an  Aspect  Ratio  5 Rectangular  Wing 
Oscillating  in  Pitch.  Imaginary  Component 
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6.  SUPERSONIC  FREE  STREAM 

Of  signifuant  interest  is  the  inclusion  of  transonic  floH  efTeits  in  the  lakulation  of  oscillating  air  forces  where  the 
free-stream  flow  is  slightly  supersonic  Of  particular  interest  to  the  current  work  is  whether  or  not  the  relaxation 
solutions  become  unstable  in  the  same  fashion  v.hen  the  free  stream  is  supt  rsonic  is  when  it  is  subsonic 

The  differential  and  finite  difference  equations  are  the  same  for  both  the  subsume  and  supersonic  free-stream  cases 
The  flow  characteristics  are  sketched  in  figure  13.  which  shows  the  boundary  conditions  th'’t  were  used  in  a pilot 
two-dimensional  program  The  unsteady  velocity  potential  at  the  upstream  boundary  is  set  to  ero  Since  the  flow  is 
supersonic  at  the  downstream  boundary  and  backward  differencing  is  used  in  the  supersonic  regions,  boundary  conditions 
need  not  be  specified  at  the  downstream  boundary  Porous  wall  boundary  conditions  were  convenient  to  use  on  the  upper 
and  lower  boundaries  How’ever.  in  practice,  these  boundaries  should  be  set  far  enough  out  so  that  they  do  not  affect  the 
floA’  over  the  wing  and  thus  the  pressure  is  independent  of  the  porosity  factor 


As  discussed  by  Traci  etal  <rcf  9).  the  flat  plate  problem  in  which  the  steady-state  velocity  potential  is  constant  mav 
be  solved  by  a single  downstream  pass  with  the  relaxation  procedure  since  nowhere  in  the  flow  is  any  point  affected  by 
points  in  the  downstream  columns  The  problem  of  mixed  flow  with  the  pocket  of  subsonic  flow  buried  within  the 
supersonic  flow  is  quite  a different  matter  Traci  etal  noted  relaxation  solution  instabilities  in  the  neighborhood  of 
M = 1 0 and.  for  the  supersonic  case,  obtained  two-dimensional  solutions  at  M - 1 10  but  not  at  M - 1 05  A prion,  one 
mav  suspect  that  the  presence  of  the  subsonic  region  will  provide  characteristics  similar  to  those  found  for  the  subsonic 
free-stream  case,  which  resulted  in  instabiiit  es  in  the  relaxation  solutions  for  values  of  reduced  frequency  and  Mach 
number,  which  makes  \\  greater  than  that  corresponding  to  the  system  eigenvalues 

In  practice,  numerical  examples  do  not  appear  to  admit  such  a simple  explanation  A circular-arc  airfoil  was  analyzed 
at  twt)  Mach  numbers,  M ■ 1 05  and  1 15  A simple  pitching  oscillation  was  studied  Our  results  have  the  characteristics 
of  converging  for  a number  of  iterations  and  then  diverging  Here  the  maximum  difference  between  (ftj  for  successive 
Iterations  was  used  as  a measure  of  convergence  If  the  convergence  criterion  was  met  before  the  divergence  started  one 
would  assume  that  one  had  obtained  a valid  solution  Under  these  circumstances,  the  u.se  of  overrelaxation  and 
underrelaxation  factor  (URF)  increased  the  tendemy  for  divergence  Hence,  the  calculations  were  run  with  ORF  = 
URF  - 1 0 The  net  result  was  that  at  M - 1 15.  with  a relatively  small  subsonic  region,  the  convergence  characteristics 
were  improved  by  raising  the  reduced  frequency  At  4 - 1 05  with  the  attendant  large  subsonic  region  about  the  airfoil 
leading  edge,  convergence  improved  by  decreasing  the  reducc*d  frequtmey  Thm  latter  behavior  is  what  would  be  expected 
from  experience  with  the  subsonic  free-stream  problem 

There  does  appear  to  be  stability  problems  with  the  relaxation  process  in  the  supersonic  free-stream  problem  as  well 
as  with  the  subsonic  problem  VVe  suspect  both  have  the  same  origins,  that  is.  the  eigen  characteristics  of  the  problem 
However,  numerical  examples  with  the  supersonic  free-stream  problem  do  not  give  consistent  convergence  divergence 
behavior  at  M 1 05  and  M ] 15  It  is  assumed  that  a full  direct  solution  as  described  above  would  provide  solutions, 
but  this  has  not  been  tried 


7.  rONCLUSlONS 

This  paper  has  further  explored  a partiiular  finite  difference  formulation  for  analyzing  unsteady  transonic  flow  over 
harmnnualh  oscillating  lifting  surfaces  The  results  are  n<»t  conclusive  with  respect  to  the  eventual  usefulness  of  the 
procedure  in  practical  situations  A means  for  avoiding  instabilities  with  relaxation  procedures  was  not  found  Howc‘ver, 
It  IS  shown  that  a direct  solution  prinedurc'  mav  be  used  to  obtain  results  at  values  of  Mach  number,  reducc'd  frequency 
and  size-  (»f  solution  region  above  those  critical  for  relaxation  solutions  It  is  surmisc*d  that  the  direct  solution  could  be 
us»*d  solve  convergence  problems  »n  the  supersonic  regime  as  well  as  in  the  subsonic  regime  This  procedure  must  be 
investigated  with  rc'spect  to  large  sets  ol  finite  diffeience  points  as  well  as  alternate  boundary  conditions,  to  prove  it.s 
practicality 
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On  the  basis  of  a cne'dimensionai  analysis,  it  was  found  that  the  accuracy  of  the  finiti*  difTerencc  proerdurt*  was 
proportional  to  h*A|^.  so  that  the  finite  difference  ^Mtcing  must  be  varied  inversely  to  the  3 2 power  of  frei|uency  if 
accuracy  is  to  be  retained  For  the  larger  values  of  reduced  frequency  at  values  of  Mach  number  close  to  one.  this  will 
mean  working  with  very  large  sets  of  finite  difference  points  How  the  use  of  nonuniform  mesh  pjint  spacing  would  affect 
this  conclusion  has  not  been  examined  In  addition  to  the  general  error  level,  there  are  large  positive  excursions  in  error 
caused  by  the  presence  of  real  eigenvalues  These  excursions  can  be  suppressed  by  proper  selection  of  boundary  conditions 
that  result  in  the  replacement  of  the  real  eigenvalues  by  complex  eigenvalues 

Finally,  three-dimensional  results  have  been  presented  for  a moderate  aspect  ratio  recUngular  wing  with  a NAf'A 
64A006  airfoil  section 
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Numerical  Solution  of  the  Unsteady 
Transonic  Small-Disturbance  Equations* 

M.  M.  Hafez.  M.  H.  Rizk,  and  £.  H.  Uurman 
Flow  Research  Company,  P..  O.;  Box  5040,  Kent,  Washington  98031 


This  paper  examines  two  problems  that  occur  in  the  small  unsteady  harmonic  perturbation 
approach  (Weatherill,  et  al.*  and  Traci,  et  al.^)  of  calculating  transonic  flutter  pro- 
blems. The  first  problem  involves  a numerical  instability  that  occurs  in  the  relaxation 
procedure  for  solving  the  reduced  potential  equation.  This  instability  results  in  a 
critical  reduced  frequency  (for  a given  Mach  number)  beyond  which  relaxation  solutions 
are  divergent.  A numerical  treatment  of  Helmholtz's  equation  by  iterative  techniques  is 
examined,  and  a one-dimensional  model  is  computed  to  demonstrate  a suggested  solution.; 
The  second  problem  is  to  properly  treat  the  movement  of  a shock  wave  caused  by  the  har- 
monic perturbation  of  the  body.  This  shock  movement  is  described  by  a special  equation, 
which  is  derived  from  a consistent  perturbation  expansion  for  the  nonlinear  differential 
equation  and  from  shock-jump  relations. 


INTRODUCTION 

For  transonic  aeroelastic  and  flutter  calculations,  Weatherill,  et  al.'-  and  Traci,- 
et  al.^  have  reported  a numerical  method  for  computing  small  transonic  unsteady  harmonic 
perturbations  to  a steady  flow.  They  express  the  potential  function  as  a series  of  in- 
creasing powers  of  a small  parameter,  which  measures  the  amplitude  of  an  unsteady  distur- 
bance to  the  boundary  (for  example,  a thin  airfoil  undergoing  harmonic  oscillation)..  This 
expression  results  in  a sequence  of  boundary  value  problems  for  the  perturbation  poten- 
tials. The  zeroth  order  is  just  the  steady  problem  and  is  solved  by  a type-dependent 
finite-difference  scheme  with  a line  relaxation  procedure.  The  first-order  problem  results 
in  a linear  equation  of  mixed  type  for  the  perturbation  potential  and  is  solved  by  the 
same  procedure.  This  method,  however,  is  successful  only  for  small,  reduced  frequencies. 
Beyond  a critical  frequency  (for  a given  Mach  number),  the  relaxation  solutions  diverge.; 

Weatherill,  et  al., ' analyzed  the  convergence  of  the  relaxation  procedure  frr  the 
perturbation  potential.  The  finite-difference  approximation  results  in  a matrix  that  is 
not  always  positive  definite  (depending  on  the  reduced  frequency).  In  this  paper  we  sug- 
gest a remedy  to  this  problem  and  compute  a simple  illustrative  examp) The  main  idea  is 
to  multiply  the  system  of  algebraic  equations  by  the  conjugate  transpose  of  the  system 
matrix.  Hence,;  relaxation  procedures  are  guaranteed  to  converge.  This  method  is  described 
in  the  first  part  of  the  paper,. 

In  the  second  part,  we  investigate  the  problem  of  the  shock  movement  caused  by  un- 
steady perturbations.  In  Weatherill 's*  and  Traci's^  work,  the  shock  is  not  perturbed 
from  the  position  calculated  from  the  steady  solution.  For  some  problems,-  however,-  the 
shock  motion  is  important  and  affects  the  whole  flow  field.  To  account  for  these  effects,; 
we  derive,  from  a perturbation  expansion  for  the  shock-jump  conditions,  an  equation  re- 
presenting the  shock  movement.  The  appropriate  jumps  at  the  unperturbed  (steady)  shock 
position  aie  obtained  by  an  analytical  continuation  of  upstream  and  downstream  conditions. 
To  account  .'or  the  shock  movement,  we  impose  the  appropriate  jumps  on  the  perturbation 
potential  with  a shock-fitting  procedure. 

For  steady  perturbations  calculated  by  an  integral  equation  method,,  Nixon^  has  re- 
ported an  alternative  approach  using  the  method  of  strained  coordinates.  In  this  paper 
we  adopt  the  same  approach  for  small  harmonic  perturbations  computed  by  finite-difference 
methods.  In  this  approach,;  the  coordinates  are  strained  in  such  a way  that  the  shock  is 
always  fixed  at  its  steady-state  position.;  The  perturbation  of  the  jump  conditions  (in 
the  strained  coordinates)  yields  the  same  equations  as  the  weak  solution  of  the  (linear) 
perturbed  equation;  hence,,  no  shock  fitting  is  necessary.-  The  perturbed  equation,;  however, 
is  more  complicated  because  it  has  nonhomogeneous  terms  accounting  for  the  shock  movement.. 
Also,  the  boundary  condition  for  the  perturbed  potential  is  altered  (the  airfoil  is  dis- 
torted so  that  the  shock  location  is  unchanged  by  the  perturbation).; 

Finally,-  we  show  that  the  strained-coordinate  method  is  equivalent  to  the  diiv.'-  + 
method  of  transferring  the  jump  conditions  to  the  steady-state  shock  location.,  A numeri- 
cal example  for  a one-dimensional  model  flow  is  discussed.; 


BASIC  GOVERNING  EQUATIONS 

The  unsteady  transonic  small-disturbance  equation  can  be  written  in  the  form 


1 2 

^x't  ' X 2 x'x  y y 


(1) 
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where  the  S^tt  term  is  neglected  for  low  frequencies..  The  jump  conditions,  admitted  by 
the  weak  solution  of  Eq..  (1),  are 


(2a) 


bD  = 0 , (2b) 

where  <i(i>  and  (i^i])  denote  the  average  and  tne  jump  of  $ across  the  shock  X = x'^(yjt).- 
To  complete  the  formulation  of  the  problem,  we  must  include  the  tangency  boundary  condi- 
tion, a far-field  behavior,  and  a Kutta  condition  for  lifting  airfoils. 


For  small  harmonic  perturbations,  we  let 


♦ = 't'  (x,y)  + cRe 


e^“^*^(x,y) 


(3) 


where  the  oscillating  airfoil  has  the  following  boundary  condition:. 


♦y(x,0) 


f^(x)  + cHe 


(4) 


The  zeroth-order  problem  is  given  by 


(K  - ♦°)^°  + - 0 , 

' ’^x^’^xx  yy  ' 

(5a) 

♦5(x,0)  - f^(x)  , 

(5b) 

and  the  first-order  problem  (where  the  b term  is  neglected)  is  given  by 


(a  - 4°)4^^  + - ai-»; 

♦J(x,0)  - fi(x)  . 


(6a) 

(6b) 


The  boundary  conditions  (5b)  and  (6b)  are  applied  in  the  airfoil  mean  surface.;  Note  that 
Eq.;  (6.1)  is  linear  with  discontinuous  coefficients.  Its  solution  admits  jumps  only  at 
that  place  where  the  steady  shocks  occur.  We  discuss  this  problem  in  part  II. 


In  part  I we  discuss  the  convergence  of  the  line-relaxation  procedure  applied  to  the 
algebraic  system  of  equations  that  result  from  the  finite-difference  approximation  of 
Eq.  (6). 


Part  I:  CONVERGENCE  OF  RELAXATION  PROCEDURES  USED  FOR  THE 

TRANSONIC  SHALL  HARMONIC  PERTURBATION  EQUATION 

Convergence  Analysis 

Equation  (6)  gives  the  perturbation  potential.  Using  type-dependent  finite-difference 
schemes  to  solve  Eq.  (6),  we  obtain  a system  of  algebraic  equations  in  the  following  form: 


A^  - f . 


(7) 


where  A is  the  system  matrix,  ^ is  a vector  for  the  unknowns  at  the  grid  points,  and 
f is  a vector  for  the  nonhomogeneous  terms  and  the  boundary  conditions. 

Equation  (7)  is  solved  by  a line-relaxation  procedure.  Weatherlll,  et  al.‘  observed 
the  frequency-dependent  llmitatl<'n  on  the  convergence  of  the  relaxation  method.  In  princi- 
ple, relaxation  procedures  cui.verge  if  and  only  if  A is  positive  definite.*  Since  the 
eigenvalues  of  A are  functions  of  u , we  must  find  a critical  frequency,  namely,  the 
value  of  111  for  which  the  smallest  eigenvalue  becomes  zero.  Above  this  value,  relaxation 
procedures  diverge.  To  solve  Eq.  (7)  by  a relaxation  procedure  that  converges  regardless 
of  the  value  of  « , w"  r.ust  modify  Eq.  (7)  so  that  the  new  system  matrix  is  positive  defi- 
nite.; Thus,  we  modify  both  .sides  of  Eq,  (7)  by  A*  , the  conjugate  transpose  of  A , to 
give 


For  the  case  of  interest  hero,  A must  have  positive  diagonal  elements  (submatrices). 
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A+Ai(i  = A*f 

or  Aj^((i  = ,■  (8) 

where  Aj^  = A*A 

= A*f  - 

Ai  is  positive  definite  except  when  u is  the  natural  frequency,  in  which  case  A is 

singular.  If  A is  not  singular.  Eqs.,  (7)  and  (8)  are  equivalent  and  have  the  same  solu- 

tion. Relaxation  procedures  will  always  converge  for  the  new  system,  Eq.-  (8)  (as  long  as 
the  relaxation  factor  is  positive  and  less  than  2).-  The  disadvantage  of  this  remedy  is 
that  the  bandwidth  of  A*A  is  almost  twice  that  of  A ,•  so  the  rate  of  convergence  may 
be  slow.  In  particular,  if  A is  ill-conditioned,,  A*A  will  be  even  more  so.  For  high 
frequencies  the  grid  size  must  be  quite  small,  hence  the  number  of  equations  is  large,; 
and  the  eigenvalues  are  close  to  each  other.  The  smallest  eigenvalue  of  A*A  will  be 
very  close  to  zero..  In  this  case,  shifting  the  eigenvalues  from  zero  is  useful.  In  the 
following,  we  compute  a one-dimensional  model  of  Eq.-  (6)  by  a relaxation  procedure,  as 
well  as  by  direct  inversion,  for  different  values  of  u .- 


Computational  Example 

The  Helmholtz  equation  was  suggested  by  Weatherill,  et  al., ^ for  studying  the  divergence 
of  relaxation  solutions  that  he  and  his  colleagues  encountered  when  solving  the  unsteady 
transonic  flow  equation.-  The  Helmholtz  equation 


+ 


yy 


03  ijl 


= 0,  0 < X 


L 

1 


0 < y < L2  , 


with  i|i  given  on  the  boundaries,  is  simplex  than  the  original  equation,  but  produces 
similar  behavior  when  we  attempt  to  solve  it  by  relaxation.  That  is,  for  values  of  u 
greater  than  a specific  value  03cr  . line  relaxation  diverges.  The  one-dimensional  analog 
to  the  Helmholtz  equation  produces  the  same  behavior,  yet  it  is  easier  to  handle.;  We 
therefore  consider  the  boundary  value  problem 


if'jjjj  + ' 0, 

0 < X < 1 

(9a) 

■HO)  = , 

(9b) 

id)  “ ijj 

(9c) 

To  solve  the  above  problem  numerically,  we  choose  a set  of  J discrete  points  xi 
with  uniform  spacing  ix  in  the  interval  of  interest  (0  < x < 1).  We  write  the  finite- 
difference  approximation  to  equation  (9a)  at  each  of  the  points.  Central-difference 
formu<  ,i  are  used  to  approximate  the  *xx  term,-  and  this  approximation  leads  to  the 
follow  .ng  system  of  algebraic  equations,  whose  solutions  approximate  the  solution  of  pro- 
blem .9}  at  the  set  of  discrete  points  x^  , 

Ai  = f .,  (10) 


Here,  A is  a tridiagunal  matrix  of  order  J 


A = 
S 


« 2 2 
2 - « ix 


t- 


where  f denotes  the  transpose  of  1 and  whi-.re  f 
approximates  the  solution  of  problem  (9)  at  the  point 


is  the  vector  whose  element 


The  system  of  equations  that  result  from  multiplying  Eq>  (10)  by  A*  is 

Ai  ; A^i  = Af  : i .- 


(11) 
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When  applying  the  Gauss-Seidel  iterative  method  (point  relaxation)  to  Eq..  (11),  we  cal- 
culate the  n+1®^  Iteration  with  the  relation 


,n+l  _ ,n  , . ,n 

. 


3 = 1,,  2,.  v.x  J 


where 


A*"  - ^ cr 

A^j  - - — (Cj_2*j_2 


- , + C,, 


f.) 


'j+l^j  + 1 "'j-2''j+2  -j- 

j = 1.  2. 


Here,  X is  the  relaxation  factor. 


8*^  + 2 , 

t-  1 , 


2 < j < J-1 
0 = 1 , J 


= 


1 

0 , 


1 < j < J 

j < 1 . j > J 


F = 


S^L  "♦'l  ® ® '**  ® “'^R  ®^R 


By  numerical  examples  we  demonstrated  that  relaxation,  when  applied  to  Eq.  (11), 
converges  for  those  values  of  u that  cause  it  to  fail  when  applied  to  Eq.  (10).-  In 
each  case  we  calculated  the  direct  solution  of  Eqs.  (10)  and  (11).  As  expected,,  they 
were  identical.  We  also  obtained  the  exact  solution  of  Eqs.;  (9),  and,  by  comparing  it 
to  the  solution  of  Eqs.  (10)  or  (11),  we  were  able  to  determine  the  truncation  error 
effect.  We  applied  point  relaxation  with  “ i > ♦R  “ 1 > J ■ 9 to  both  systems 

(10)  and  (11).;  For  a value  of  u below  n (u  •»  n/2)  , we  found  that  both  cases  con- 
verge. For  a value  of  w greater  than  n (ui  » 3n/2)  , we  found  that  the  iterative  method 
converges  when  applied  to  system  (11),  but  diverges  when  applied  to  system  (10).-  Table  I 
shows  the  results  obtained  for  this  case  (u  = 3n,'2)  .-  The  first  column  of  the  table 
gives  the  value  of  xj  at  which  the  solution  is  found.-  The  second  column  shows  the  point 
relaxation  (Gauss-Seiael ) solution  of  Eq.;  (11)  after  a hundred  iterations.  The  relaxation 
factor  X is  equal  to  1.65.,  The  third  column  of  table  I gives  the  solution  of  both 
systems  (10)  and  (11)  obtained  by  Gauss  elimination,  and  the  last  column  gives  the  exact 
solution  of  the  boundary-value  problem  (9).  The  difference  between  the  values  of  the 
last  two  columns  is  attributable  to  the  truncation  error;  i.e.,  it  is  attributable  to 
approximating  the  differential  equation  by  a set  ol  algebraic  equations.  As  the  value  of 
u)  decreases,  the  truncation  error  decreases,  and  the  rate  of  convergence  increases.  For 
u = w/2  and  J « 5 , the  difference  between  the  exact  solution  and  the  solution  of  the 
approximating  matrix  equation  is  less  than  0.5%.  Moreover,  after  100  iterations,  the 
error  A^9  was  10"^  when  equation  (11)  was  solved  by  relaxation  methods  and  was  10”'^ 
when  equation  (10)  was  solved  by  relaxation  methods. 


Table  I 

1 

♦j 

’‘j 

Relaxation 

Direct  Inversion 

Exact 

0.0 

0 . 5000 

0.5000 

0.5000 

0.1 

-0.0025 

-0.0036 

-0.0084 

0.2 

-0.5195 

-0.5065 

-0.5151 

0.3 

-0.9428 

-0.8969 

-0 . 9094 

0.4 

-1 .1776 

-1.0881 

-1.1055 

0.5 

-1.1667 

-1.0377 

-1.0606 

0.6 

-0.9067 

-0.7568 

-0.7845 

0.7 

-0.4518 

-0.3078 

-0.3374 

0.8 

0.0980 

0.2094 

0.1832 

0.9 

0.6204 

0.6802 

0.6640 

1.0 

1 . 0000 

1.0000 

1 . 0000 

Part  II:  SHOCK  MOVEMENT  CAUSED  BY  UNSTEADY  PERTURBATION 

Equation  For  Shock  Movement 


The  problem  can  be  examined  in  two  different  ways.  First,  we  perturb  the  shock  and 
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transfer  the  perturbed  jump  conditions  to  the  old  position  (the  steady  state).-  These 
transferred  conditions  are  imposed  on  the  perturbation  potential.- 

In  the  second  approach,  following  Nixon, ^ the  method  of  strained  coordinates  is  used.- 
The  coordinates  are  strained  so  that  the  shock  is  always  fixed  at  its  steady-state  loca- 
tion (in  the  strained  coordinates).  The  differential  equation  governing  the  perturbation 
potential,  in  the  strained  coordinates,  contains  nonhomogeneous  terms  that  account  for 
the  shock  movement.  Also,  the  boundary  condition  is  distorted. 

Following  Cheng  and  Hafez*,**  the  shock  is  perturbed  in  the  same  way  the  flow  field  is 
perturbed;  namely,  let 

X°(y;t)  = X°(y)  -h  eRe|e^“^X^y)j  . (12) 


The  jump  conditions  (eqs.  2a  and  2b)  are  given  in  terms  of  the  averages  and  the  jumps 
across  the  unknown  perturbed  shock  X^(y;t)  -.  The  appropriate  jumps  at  the  unperturbed 
shock  XO(y)  may  be  obtained  by  analytical  continuation  of  upstream  and  downstream  con- 
ditions.- For  example,  consider  the  jump  in  a quantity  u at  X^  , namely  JuJvD  .,  Up 
to  first  order,  this  jump  can  be  expressed  in  terms  of  O'-'Ix®  > I“x!lx°  >. 

shown  in  figure  1< 


Figure  1 Perturbation  of  a Discontinuous  Function 


We  can  write 


[ulljjD  = - U . + eX^U„)„  + 


(U,  - U^)  - eX^  (U^)^  - (U^)^  * 


A 


<U>  r,  = <U>  + cX  <U  > -t- 

XD  * X° 


similarly 

Now,,  consider  condition  (2a)  expanded  in  terms  of  t : 

-t-  ...|  jj  = f + 

J + ...  = 0 
x° 

The  zeroth  and  first-order  relations  are  given  by, 

for  =0  , 

X^' 

for  c^,  Ef.^3  ^ 


'•  X 


* X*"’ 


(13) 

(1.1) 

(15) 


♦ 

M.,  Hafez  would  like  to  thank  Professor  H<  K.  Cheng  of  U.S.C.  tor  an  interesting  discussion 
A similar  approach  is  studied  in  reference  3 and  is  applied  to  a lift  perturbation  problem 
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Similarly,  condition  (2a)  gives, 


0 

for  e 

<K  - ,o>  = - , 

’x  xo  \3y  / ’• 

(16) 

for  e^,; 

'^x  ‘^xxf^o 

P 3X° 
3y 

3X^ 

3y 

(17) 

Equation  (17)  is  an  ordinary 

differential  equation  in 

x'  , 

Together  with  Eq. 

(15),.  It 

imposes  the  proper  jump  conditions  on  . A shock-fitting  procedure  is  necessary  since 

the  weak  solution  of  the  (linear)  perturbed  system  (6)  admits  discontinuities  other  than 
the  conditions  that  result  from  perturbing  the  jumps  admitted  by  the  iully  nonlinear 
system  (1). 

Simplification  For  Normal  Shock 

For  a locally  normal  shock,  the  term  in  Eq.  (17)  is  neglected;  hence, 

icoaX^  = |<|,J  + (18) 


Eliminating  X^ 


between  (15)  and  (18),  we  have 


(19) 


Equation  (19)  is  the  jump  condition  to  be  imposed  on  .•  After  is  calculated,,  we 

can  evaluate  Xl  from  Eq.  (18)  or  (15). 


A Shock-Fitting  Procedure  For  the  Problem 

First,  we  solve  the  steady  problem  ,.  using,  for  example,  Murman's  fully  conserva- 
tive schgmes.;  From  the  solution,,  we  let  Hilg]]  yo  “ ^ >yo  ' b . 

where  X is  considered  part  of  the  solution.  The  first  point  downs^?eam  of  the 

shock  X is  identified  by  S.P...  as  shown  in  figure  2., 


I S.P. 

-X X X X- 

i-2  i-i  ^ 1 1+1 


Figure  2 Shock  Points  and  Shock  Location 


At  this  point,  we  replace  the  finite-difference  equation  for  by  the  following  rela- 

tion : 


/^l+l  ~ 
y Ax 


:i  + 


^1-2 


Ax 


b(^t  - 


'i-1' 


(20) 


Eq. 


(20)  is  a first-order  approximation  of  Eq,  (19), 

The  shock  is  treated  as  an  internal  boundary  with  a boundary  condition  in  the  form  of 


where  a,  , bj  , and  c.  are  constants,  {+)  denotes  the  conditions  just  downstream  of  the 
shock,  and  Cj  contains  the  conditions  on  the  upstream  side  of  the  shock. 


Computational  Example 


setting 


Considering  the  one-dimensional  form  of  Eq.  (1),,  neglecting  the  terra,,  and 


we  obtain  the  equation 


2*xt  = O' 


X XX 


x^  < X < X, 


(21a) 
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We  are  interested  in  solving  the  problem  with  the  following  boundary  conditions: 


♦(X^.t)  = 0 , ^ 

(|i(Xjj,t)  = e cos  (j)t 


(21b) 


We  let 


♦ = + 


+ eRe 


„iut  1 
e i(i 


where  Re  denotes  the  real  part  of  e^“^i|>^  .■  The  governing  equation,  boundary  conditions, 
and  shock-jump  condition  for  ifi®  are  respectively  given  by 


(K  - = 0 , < X < 

4>°(Xl)  = i|.°  = 0 , 4>°(Xj^)  = ^l-L  = 3 


(22a) 


(22b) 


♦°(Xjj)  - = 0 , ' 

♦r  ° 2K  , (22c) 

where  (-)  and  (+)  denote  conditions  just  upstream  and  downstream  of  the  shock,  respectively 
For  the  purpose  of  our  example,  we  choose 


K = 1 


Then,  the  solution  for  problem  (22)  is 


3(x  + p , 


1 - X , 


< X < 0 


0 < X < 1 


The  equation,  boundary  conditions,  and  shock-jump  conditions  governing  are  given 

respectively  by  (noting  that  = 0 for  the  present  problem) 


(K  - - 2iu*J  = 0 , 

♦ ^Xl)  = = 0 , ♦^(X^)  = il<L  “ 0 

♦'(X^)  H = 1 


1+ 

X 


iu^ 


, 1+ 


(23a) 

(23b) 

(23c) 


Eq.  (23c)  is  the  application  of  Eq.  (18)  to  the  present  example.. 

We  are  Interested  in  solving  problem  (23)  numerically,  in  particular,  by  point  rela- 
xation. The  shock  whose  steady-state  position  X°  has  been  determined  from  the  solution 
of  system  (22)  to  be  X°  = 0 divides  our  region  of  interest  (-1/3,1)  into  two  intervals.- 
To  approximate  problem  (23)  by  a set  of  algebraic  equations,  we  choose  a set  of  J'  discrete 
points  with  a uniform  spacing  Ax'  in  the  Interval  -1/3  < x < 0 and  a similar  set  of 
J points  with  uniform  spacing  Ax  in  the  interval  0 x < 1 such  that,  in  the  first 
interval , 


= - 3 ^ 


jAx' 


j = 1,2,---J'  ,. 
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and,  in  the  second  interval, 


Xj  = (j  - l)Ax  , j = 1,2,  • • • J 

We  write,,  for  each  point  xj  in  the  supersonic  region,  the  finite-difference  approximation 
of  Eq..  (23a).:  In  this  case  the  derivatives  are  approximated  by  backward  difference  formu- 

las so  that 


*2  - * 2tl>  . 


where 


is  the  solution  approximating  the  value  of 


.(X.) 


1 + i 


max' 


K - 


and  p'*  is  the  complex  conjugate  of  p'  .■  Since  we  are  using  backward  difference  for- 
mulas in  the  supersonic  region,  we  obtain  the  solution  by  marching  toward  the  right  in  one 
sweep,  with  no  iteration  required.  After  finding  the  solution  in  the  supersonic  region, 
which  is  zero  in  our  particular  example,  we  can  consider  the  following  boundary-value 
problem  in  the  subsonic  region; 


(K  - - 2i(o*J  = 0 ,,  0 < X < 1 ,, 

♦ J(0)  - io4.^(0)  = Y 
♦^(1)  = 


(24a) 

(24b) 


where  the  value  of 


may  be  obtained  from  the  solution  of  the  supersonic  region 


Ax' 


- iu^ 


J' 


Now,  using  central  difference  formulas  at  each  of  the  points  Xj  in  the  subsonic  region 
approximating  the  differential  equation  (24a),,  we  obtain  the  following  set  of  algebraic 
equations; 


Bl>  = g 


(25) 


where  B is  a tridiagonal  matrix  of  order  J , 


B = p 


P* 


1 + 1 


uAX 


J 

T 

g 

,th 


K - 

-26  5 -2(1  + ipuAx)  j = 1 
-2  , j 1 


2pyAx  0 0- 


0 


♦ is  the  vector  whose  j element  i>j  approximates  the  solution  of  problem  (24)  at  the 

point  xj  = (j-l)Ax  ;.  The  system  of  equations  that  result  from  multiplying  Eq.  (25)  by 
B*  is 


B$  = B^Bif  = B*g 


<j 


(26) 
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When  applying  the  Gauss-Seidel  iterative  method  (point  relaxation)  to  Eq.,  (26),  we 
calculate  the  n+ist  iteration  with  the  relation 


where 


j = 1.  2, 


, J , 


A*"  - ^ . ^n+1  . , ,n+l  . „ ^n 


+ + P*^dj+2^5+2  - Ej 


, j = 1,  2, 


, J 


and  where 


aj  = 


486*  + PP*  , 

8 + PP*  , 

2(2  + PP*)  , 
4 + PP*  , 


j = 1 
j = 2 

3 < j < J-1 
J = J 


‘’J  = 


0 . 

-2(26+p)  , 

-4p  , 


j = -1 
j = 1 
J i 2 


-2(28*  + p*) 

-4p*  , 

0 


j = 2 
3 £ j < J 
j = J+1 


1 < j < J 
j < 1 , j > J 


-46*PYix,  4pvAx,  0 , 0 , •••  0 ,, 


-p*^*^  , 2p*<.^ 


We  tested  the  iterative  solutions  of  Eqs.-  (25)  and  (26). ■ For  u = ti/2  and  J - 4 , 
point  relaxation  converged  when  applied  to  either  of  the  equations.  The  difference  between 
the  exact  solution  and  the  solution  of  the  approximating  matrix  equation  was  less  than  10%. 
After  100  iterations,  the  error  ii|ij  was  10“^ when  we  used  Eq.  (25),  and  it  was  10~® 
when  we  used  Eq .,  (26).  For  u = 3it/2  and  5r/2  , and  J = 10  , we  found  that  the  itera- 
tive process  converges  when  applied  to  (26),  but  it  diverges  when  applied  to  (25).  Tables 
II  ard  III  respectively  show  the  results  obtained  for  u = 37t/2  and  lu  = 57t/2  The 
first  column  in  these  tables  is  the  value  of  xj  at  which  a solution  is  obtained.:  The 
second  column  Includes  the  iterative  solution  of  the  real  part  of  ♦ to  Eq.  (26)  after 
700  iterations,  with  a relaxation  factor  of  1.85  for  table  II  and  1.8  for  table  III.-  The 
third  column  is  the  real  part  of  the  solution  to  equations  (25)  and  (26),  which  is  obtained 
by  Gauss  elimination.;  The  fourth  column  is  the  real  part  of  the  exact  solution  to  problem 
(24).  The  last  three  columns  are  the  imaginary  part  of  the  iterative,  direct,  and  exact 
solutions,  respectively. 

Using  Eq.;  (15),  we  obtain  the  following  expression  for  the  shock  displacement: 

x'  - i 

for  u = 3n/2  , = -e  ^ sin  ut  , 

for  0)  = 5ii/2  , = c ^ sin  ut 
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Table  II 


Re(iti) 

Im(*) 

’‘j 

Iterative 

Solution 

Direct 

Solution 

Exact 

Solution 

Iterative 

Solution 

Direct 

Solution 

Exact 

Solution 

0.0 

0.0392 

-0.1282 

0.0000 

1.0703 

0.9331 

1.0000 

0.1 

-0.4684 

-0.5537 

-0.4539 

0.9704 

0.7691 

0.8910 

0.2 

-0.8717 

-0.8612 

-0.8090 

0.6568 

0.4323 

0.5877 

0.3 

-1.0855 

-0.9860 

-0.9876 

0.1998 

-0.0062 

0.1564 

0.4 

-1.0661 

-0.9019 

-0.9510 

-0.2992 

-0.4544 

-0.3090 

0.5 

-0.8203 

-0.6265 

-0.7071 

-0,7300 

-0.8179 

-0.7071 

0.6 

-0.4045 

-0.2178 

-0.3090 

-0.9979 

-1.0202 

-0.9510 

0.7 

0.0881 

0.2381 

0.1564 

-1.0442 

-1.0188 

-0.9876 

0.8 

0.5487 

0.6455 

0.5877 

-0.8592 

-0.8139 

-0.8070 

0.9 

0.8762 

0.9186 

0.8910 

-0.4839 

-0.4487 

-0.4539 

1.0 

1.0000 

1.0000 

1.0000 

0.0000 

0.0000 

0.0000 

Table  III 


Re(  (^ ) 

Im(i>) 

Iterative 

Solution 

Direct 

Solution 

Exact 

Solution 

Iterative 

Solution 

Direct 

Solution 

Exact 

Solution 

0.0 

0.2525 

0.2144 

0.0000 

-0.9485 

-0.8768 

-1.0000 

0.1 

0.9191 

0.8369 

0.7071 

-0.4568 

-0.4379 

-0.7071 

0.2 

1.0723 

0.9945 

1.0000 

0.3593 

0.3072 

0.0000 

0.3 

0.6293 

0.6028 

0,7071 

1.0640 

0.9605 

0,7071 

0.4 

-0.1741 

-0.1286 

0.0000 

1.2828 

1.1727 

1.0000 

0.5 

-0.9118 

-0.8091 

-0.7071 

0.9021 

0.8304 

0.7071 

0.6 

-1.1956 

-1.0747 

-1.0000 

0.1278 

0.1166 

0.0000 

0.7 

-0.8815 

-0,7837 

-0.7071 

-0.6267 

-0.5872 

-0.7071 

0.8 

-0.1442 

-0.0915 

0,0000 

-0.9623 

-0.9050 

-1.0000 

0.9 

0.6182 

0.6319 

0.7071 

-0.7059 

-0.6668 

-0.7071 

1.0 

1.0000 

1.0000 

1 . 0000 

0.0000 

0.0000 

0.0000 

An  Alternative  Approach  Using  the  Method  of  Strained  Coordinates 

Instead  of  Eq.;  (3),  we  use  an  exapansion  of  ip  in  strained  coordinates  (s,t)  as 
follows ; 


Let 


♦(x-yiT)  = P^(s,y)  + eRe 


e^“%,(s,y)  + 


iuT, 


X = s + cRe  J e Xj(s) 


t = T 


+ • ■ 


(27) 

(28) 
(29) 


In  particular,  the  shock  location  in  the  physical  plane  is  related  to  the  shock  loca- 

tion in  the  strained  coordinates  by  the  following  relation:; 


= S®  + 


cRe 


,iwT„  ,_D 


e"'"‘X^(S‘")  + •••  ... 


(30) 


That  is,  Xj^(S^)  is  the  shock  movement. 

The  transformation  derivatives  are  given  by 


8 

3x 


(1  - . 


as 


(31) 
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_3 

3t 


9 , . „iii)Tv 

FT 


(32) 


Using  (27)  and  (28)  in  Eq.;  (1)  (with  K = 1,  a = 2 and  neglecting  the  S term)  yields 


(1“4*  )$  “0, 

’^os'^^oss  oyy  ’■ 


(33) 


and 


^1  “ (^  4*  1 ) 2iu)(4i  ” Xi  4 ) 

'^Iss  '^lyy  '■^os’^ls''s  I’^os'^s 


) + X,  (4^  - ) 

os  S Is  OS  ’^os's 


+ X,  (4 

' Is'  os 


(34) 


while  using  (27)  and  (28)  in  Eqs.;  (2a)  and  (2b)  yields 


<*os^  = 1 II*o!)  = 0 . (35) 

and  <4^^>  = X^g(s’^)  + 2iuX^(S°)  , H4J  = 0 . (36) 

Note  that  Eqs.;  (35)  and  (36)  are  the  jump  conditions  admitted  by  the  weak  solutions  of 
Eqs.  (33)  and  (34),  respectively.  The  boundary  conditions  in  the  physical  plane  are  trans- 
formed to 

4oy(SiO)  = W^(s)  on  the  airfoil,  and  (37) 

't'iy(SiO)  = Wj^(s)  + Xj^(s)W^g(s)  on  the  airfoil  ..  (38) 

Equations  (33),  (35),  and  (37)  determine  the  steady  state,  while  Eqs.;  (34),.  (36),.  and  (38) 
determine  the  perturbation  potential  in  the  strained  coordinates. 


Conservative  Difference  Equations  For  an  Alternative  Approach 

For  the  steady-state  problem,  centered  differences  are  used  in  the  subsonic  region, 
backward  differences  in  the  supersonic  region,  a parabolic-point  operator  at  the  sonic 
line  (to  exclude  expansion  shock),,  and  a shock-point  operator  at  the  shock  point  to  impose 
the  right  jump  condition  (conservation  of  mass).; 

For  the  perturbation  potential,  a parabolic-point  operator  and  a shock-point  operator 
are  needed.  Also,  X^(S^)  is  unknown. 

We  first  consider  the  parabolic-point  operator..  In  (x,y,t)  coordinates,  4 = 1 at 

the  sonic  line.  To  guarantee  finite  acceleration  4 at  the  sonic  line,  Eq..  (i)  reduces 
to 


4 = 24  „.  .. 

yy  ’^xt 


(39) 


Parabolic-point  operators  in  (s,y,i)  coordinates  are  given  by 


oyy 


'lyy 


= 0 , 


= 2iu>(4ig  - Xjg4^,g)  ., 


(40) 

(41) 


In  Eqs..  (40)  and  (41)  centered  differences  are  used  everywhere.. 


Equation  (34)  at  (4^^  = 1)  reads 


os  ]ss  ^oss 


\hs  - (^is  - 2i-X,)j 


To  keep  4iss  finite  at  the  (4^g  - 1),  we  must  satisfy  the  following  condition: 


(42) 


= X,  -f  2iuX,  , at  4 = 1 . 


'Is  "Is 


(43) 


is-i: 


Equation  (43)  is  used  to  determine  the  shock  movement  i (assuming,  for  example. 


X^(s)  = AS(1  - S)/S°(l  - S°) 


as  in  Nixon '&3  work)..  Note  that  Eq..  (43)  is  consistent  with  Eq.;  (36)  when  the  shock 
strength  vanishes.; 

We  next  consider  the  shock-point  operator.  Equation  (34)  is  written  in  a conserva- 
tive form.  A fully  conservative  scheme  that  admits  the  aopropriate  jumps  (Eq.-  36)  is 
written  as  follows:. 


(Shock-Point  Operation)^^  = (Elliptic  Operator)^  + (Hyperbolic  Operator)^  .:  (44) 


The  y terms  are  central  differenced.. 

After  algebraic  manipulation,  Eq.  (44)  reduces  to  (neglecting  y terms  for  a locally 
normal  shock) 


where 


+ 2iioX^(s'^)  , (45) 

= '‘'l.l+l  ~ ^l,i 

^ AX 

- ^ h.i-1  ~ h,i-2 

AX 


Equation  (45)  is  a first-order  approximation  of  jump  condition  (36). 


EQUIVALENCE  OF  THE  TWO  METHODS 

Finally,  we  want  to  show  that  these  results  are  consistent  with  the  previous  approach 
and  that  the  two  approaches  are  equivalent.  We  substitute  Eq.,  (28)  into  Eq.,  (3),  together 
with  a Taylor  series  expansion  for  41°  around  the  point  x,y  , and  collect  terms  of  equal 
orders.  The  result  is 


Kx,y,t)  = 4°(s,y)  + eRe®^“^  4^(3, y)  + X^(s)4°(s,y) 


+ • • • 


(46) 


Comparing  Eqs.  (46)  and  (27),  we  find 


(s,y)  = 4^(8, y)  , 


4^(s,y)  + X^(s)4>°(s,y)  = 4^(s,y) 


(47) 


The  equation  for  4 (s,y)  reads 


+4^  = (4°4^)  , 

*^ss  yy  ' s’^s's  ’ 


(48) 


with  the  boundary  condition 


4y(s,0)  = W^(s) 


(49) 


on  the  airfoil  and  the  shock-jump  conditions 


|I4^I  = -Xj(S^)  l4°ll  , 

(4^)  + X,(S°)  (4°3)  = 2i.X^(S°)  .., 


(50) 

(51) 


Equations  (48),  (49),  (50),  and  (51)  were  used  before  with  a shock-fitting  procedure  to 
determine  4^  .-  Hence,  the  two  systems  are  equivalent. 
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CONCLUSIONS 

We  have  considered  two  problems  that  are  important  in  the  calculation  of  unsteady 
transonic  flow  for  flutter  prediction.-  For  the  first  problem,  we  have  proposed  an  itera- 
tive method  for  solving  the  unsteady  perturbation  potential  equation;  this  method  converges 
for  frequencies  beyond  a previously  encountered  critical  frequency.  We  have  tested  this 
method  on  a one-dimensional  problem  and  found  that  it  worked.  The  rate  of  convergence, 
however,  is  quite  slow.. 

For  the  second  problem,  we  have  derived  an  expression  for  the  perturbed  shock  posi- 
tion for  unsteady  transonic  calculations  like  those  of  Weatherill,  et  al.;,'  and  Traci, 
et  al.^.  This  result  provides  us  with  a consistent  method  for  predicting  the  shock  motion 
of  small  unsteady  harmonic  purturbations.,  A simple  one-dimensional  example  has  been  cal- 
culated.. 
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